UNCLASSIFIED 
AD  NUMBER 


AD380820 

CLASSIFICATION  CHANGES 

TO: 

unclassified 

FROM: 

confidential 

LIMITATION  CHANGES 

TO: 

Approved  for  public  release,  distribution 
unlimited 


FROM: 

Distribution  authorized  to  U.S.  Gov't, 
agencies  only;  Administrative/Operational 
Use;  30  NOV  1964.  Other  requests  shall  be 
referred  to  Federal  Aviation 
Administration,  Washington,  DC. 


_ AUTHORITY _ 

FAA  ltr,  10  Oct  1972;  FAA  ltr,  10  Oct  1972 


THIS  PAGE  IS  UNCLASSIFIED 


'  Tiiti  | 

Report  n4^PWA~?397  .Votri  l  CQMRSENTlftL 

3U  NovemBf?  i  Vb?'"**  L.,JL» . ^ 


Copy  # 


IaWKS!#!!  Wf 


jSfSU 

|0M 

SmiRtoRft 


mJkSu^^RSONIC’  TRANSPORT  AIRCRAFT  ENGINE.) 

r  /  PWA-B.  B.  Document  ContitJl 

. \  I  PHASE  2-A  DEVELOPMENT  PROGRAM.  I  Sub -Control  Station 

. ..  VmMmr  r  - ^4  E.  ^ 7 1 

• — "  (^FINAL  REpij.  )  7ur\-30  - 

-A'-d  ?sr 


Prepared  Under  C onfcr ac?fF A-SS-64-2 

J*  .iSt’C*. 


Period  Covered 

1  June  1964  through  30  November  1964 
{FOR  OFFICIAL  USE  ONLY) 


1  BAA  sscun 
no.GMCj 


% 


/tnro 

^  ^  rj^ 

(77B&£  ’  MAYS  W  j 

®fcsdt»«sr-* 


Th»*  documen 
^♦ote*  wi*h»n 
and  794  Its 
unauthorised 


if  contain*  n  form  at*  on  affecting  the  nat-onol  defense  of  th#  United 
the  meaning  of  the  Espionage  tows.  Title  19  U  S  C,,  Sections  793 
transmission  or  the  revelation  of  its  contents  in  any  manner  to  on 
person  is  prohibited  by  low 


Reproduction,  distribution  and  use  of  this  o'ocumenf  ore  limited  os  specified  in 
the  contract  under  which  it  wo»  prepared.  Use  for  other  then  U.  S  Governmental 
purposes  ts  subject  to  prior  approval  of  United  Aircraft  Corporation 


Approved  by 


1F.L-.  I, 


_R.  L.  Toft 
Project  Engineer 


Pratt  &  Whitney  Aircraft 


0( VISION  am  UNIT*©  AWCH AlrT  COMPOMATIO* 


^  vfri  AST 


HARTFORD 


•  CONNECTICUT 


500 J 


CONflDLMTIAL 


DOWNGRADED  AT  3  YEAR  INTERVALS; 
OECLASSinED  AFTER  12  YEARS. 
000  OiR  5200.10 


Best 

Available 

Copy 


i  arr*  -****-*+* 

fi5rv= 


When  Government  drawings,  specifications,  or  other  date  ere  used 
for  any  purpoae  other  then  in  connection  with  e  definitely  related 
Government  procurement  operation,  the  United  Stetee  Covemrent 
thereby  Incurs  no  reeponeibllity  nor  eny  obligation  whatsoever; 
end  the  fact  thee  the  Government  may  have  formulated,  furnished, 
or  in  eny  way  supplied  the  eeld  drawinga,  •pacifications,  or  other 
data,  is  not  to  be  regarded  by  implication  or  othezvlse  ea  in  any 
manner  licensing  the  holder  or  any  other  parson  or  corporation,  or 
conveying  any  righta  or  permission  to  manufacture,  uae,  or  sell  any 
patented  invention  that  may  in  auy  way  be  related  thereto. 

Copies  have  been  placed  in  the  DDC  collection.  U.S.  Government 
agencies  may  obtain  copies  from  DDC.  Other  qualified  DDC  users  may 
request,  by  sutalsalcn  of  a  DDC  Form  1,  through: 

Director  of  Supersonic  Transport  Development 

Federal  Aviation  Agency 

Washington,  D.C.  20553 

Defense  Documentation  Center  release  to  the  Clearinghouse  for  Federal, 
Sciertific,  and  Technical  Information  (CFSTI)  and  foreign  announcement 
end  dissemination  ere  not  authorized.  The  distribution  of  this  report 
le  limited  because  it  contains  technology  identifiable  with  items 
excluded  from  export  by  the  Department  of  State  (U.S.  Export  Control 
Act  of  1949  as  amended). 


a 


CONFIDENTIAL 


a!  ir>  !hts  publication  relating  to 

•1ST  FLAMCHOLOBN 

raves f*  subject  matte/  contented  in  a  patent  Lppl  teat  Sort  which  ha*  bean  placed 
under  Seeiecy  Ordvr  by  th*  Commissioner  of  Patent*,  fhl*  Secrecy  Order  ha* 
bean  modified  by  a  "Permit  A". 

A  Secrecy  Order  prohibit*  publication  or  dlidoim  «  of  the  Invention,  or  any 
materiel  information  with  respect  thereto.  It  n  separate  and  distinct,  and  he* 
nothing  to  do  with,  the  dastitnietlnn  of  Government  contracts, 

By  statute,  violation  of  a  Secrecy  Order  it  punishable  by  e  fine  not  to  esceed 
$10,000  and/or  imprisonment  for  not  mote  than  two  yaars. 

A  "Permit  A"  authorise*  disclosure  of  the  subject  matter  of  the  patent  ap 
plication  to  any  person  of  the  daises  hereinafter  specified  if  such  pereor  is 
known  to  be  concerned  directly  in  an  official  capacity  with  the  *ub,ect  matter, 
provided  that  ell  reasonable  safeguard*  ere  taken  to  otherwise  i  rotect  the 
invention  from  unauthorized  disclosure  The  specified  classes  ere 

(a)  Any  officer  or  employee  of  any  department.  Independent  ugenc  y. 
or  bureau  of  the  Government  of  the  United  States 

(b)  Any  person  designated  specifically  by  the  herd  of  any  department, 
independent  agency  or  bureau  of  the  Government  of  the  tJniteo 
States,  or  by  his  duly  authorized  subordinate,  as  a  proper  individual 
to  receive  the  disclosure  of  the  above  indicated  application. 

A  "Permit  A“  nlso  authorizes  disclosure  to  the  minimum  necessary  number 
of  persons  of  known  loyalty  and  discretion,  employed  by  or  working  with  United 
Aircraft  Corporation  or  tie  license*!  md  whose  duties  involve  cooperation  n 
the  development,  manufacture  or  use  of  the  subject  met’er  by  or  for  the  Govern, 
men!  of  the  United  States,  provided  such  persons  aie  advised  of  t..«  issuance 
of  the  Secrecy  Order. 

Should  it  ep pear  necessary  to  make  disclosures  not  authorized  above,  a 
request  for  modification  of  the  Secrecy  Order  should  be  made  through  the  P.att 
A  Whuney  Aircraft  Patent  Engmeti. 

The  foregoing  doe*  not  in  any  way  lessen  responsibility  for  the  security  of 
the  subject  matter  es  Imposed  by  any  Government  contract  or  the  provisions 
of  th*  existing  laws  relating  to  espunegt  end  nations!  security. 


STATEMENT  fi  CLASSIFIED 


In  addition  to  security  requirements  which  apply  to 
document  and  ersst  be  met,  each  tran  ~ittai  outside  t 
of  the  U.S.  Government  oust  have  prior  approval  of  ft 


this 


CONFIDENTIAL 


„*. . .  .  .  ^  «»«..  *w«nr  -  '•’  "■  **  <*"  •  “*'*"  ***~ »  *•  *  *«*~**  *  *'•  -  -  -  "  •, - '.  ,l*w#^ *  j;/f| 


PWA-239? 


FOREWORD 


This  report  describes  the  work  which  was  .accom¬ 
plished  bv  Pratt  &  Whitney  Aircraft  during  the 
period  1  June  1964  through  30  November  1964  in 
accordance  with  the  requirements  of  Contract  FA- 
SS'64-2  entitled  ''Development  of  «  Supersonic 
Transport  Aircraft  Engine  -  Phase  IIA".  The  re¬ 
port  is  being  submitted  to  fulfill  the  requirements 
of  Item  20,  Section  C  of  the  contract  work  state¬ 
ment  for  a  final  report  describing  in  detail  all 
work  accomplished  during  this  phase  of  the  program, 


This  report  is  classified  as  CONFIDENTIAL  in 
accordance  with  the  provisions  of  DD  Form  264 
dated  9  September  1964  provided  lor  this  contract. 
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INTRODUCTION 


The  overall  objectives  of  the  program  conducted  under  Contract 
FA-SS-64-2  were  to  prepare  a  preliminary  design  layout  of  a  super¬ 
sonic  transport  engine,  conduct  major  component  verification  and 
initiate  approximately  full-scale  component  testing.  This  program 
was  a  continuation  of  the  contractor's  design  and  test  effort  on  super¬ 
sonic  transport  powerplants  and  was  aimed  at  achieving  further  ad¬ 
vances  in  engine  design  and  component  state-of-the-art  ovtV  those 
submitted  in  the  Phase  I  proposal  for  the  supersonic  transport  engine. 


,  In •a^cerdancc~wrth- the  requirements  of  Contra-ct  h-A-  SS  The 

program  described  herein  was  divided  into  seventeen  major  areas  of 
effort  corresponding  to  the  tasks  listed  in  Sastiom  C-of-the  contract 
work  statement.  These  areas  included  systems  analyses,  the  comple¬ 
tion  of  a  preliminary  design  layout  of  the  engine  and  the  preparation 
of  model  and  performance  specifications.  Research  and  development 
effort  was  performed  on  compressors,  primary  combustion,  turbines, 
augmentors,  inlet  and  exhaust  systems,  noise  research,  controls 
and  accessories,  bearings  and  seals,  fuels  and  lubricants*  and  mate¬ 
rials  and  manufacturing  techniques.  Investigations  were  conducted  in 
the  areas  of  operations  and  economics  and  supporting  design  considera¬ 
tions  such  as  maintainability,  reliability  and  value  engineering.  A 
discussion  of  the  work  completed  in  each  of  these  areas  is  presented 
in  separate  sections  of  the  report  in  an  order  corresponding  to  tr 
work  statement  items  of  the  contract. 
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ITEM  I  -  SYSTEMS  ANALYSES 


OBJECTIVE 

The  objective  of  the  system  analyses  was  to  es¬ 
tablish  in  conjunction  with  the  a  ir.fr  a  me con¬ 
tractors  those  preliminary  engine  design  require¬ 
ments  which  affect  the  performance,  operation, 
reliability,  safety,  maintainability,  and  economy 
of  the  commercial  supersonic  transport.  The 
analyses  were  to  be  sufficiently  complete  to  be 
used  to  establish  the  engine  sizing  and  design  at 
the  end  of  the  Phase  1 1  —  A  period. 


SUMMARY 


The  Phase  I  evaluation  results  indicated  that  the  proposed  engines  did 
not  meet  the  SST  program  objectives.  Consequently,  the  power  plant 
performance  for  Phase  1IA  was  based  on  a  more  advanced  technology. 
Since  the  advanced  technology  could  possibly  change  the  relative  ad¬ 
vantage  of  one  engine  cycle  over  another,  several  engine.***.- each  repre¬ 
senting  different  cycles,  were  evaluated.  Each  engine  was  designed 
for  a  Mach  3  capability.  The  engines  evaluated  were  the: 


STF219 

STJ221 ,  226,  228 
STJ222 ,  225 
STF223 
STJ  227 


Duct -Heating  Turbofan 
Non- Augmented  Turbojet 
Full  Afterburning  Turbojet 
Afterburning  Turbofan 
Partial  Afterburning  Turbojet 


|T>e  design  parameters  for  these  engines  are  shown  in  Table  1-1 
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The  engine  sizes  were  chosen  such  that  the  installed  transonic  accelera¬ 
tion  thrust  would  be  the;  same  for  each  cycle.  T  le  airframe  manufactur¬ 
ers  were  supplied  with  sufficient  information  to; hermit  them  to  make  a 
first  approximation  of  "he  engine -aircraft  performance.  In  addition, 
scale  factors  were  supplied  to  permit  the  ongim  performance,  weight, 
cost,  and  powerplant  dmensions  to  be  calculate  1  for  engines  of  other 
sizes. 

V  ^ 

Table  1-2  presents  tiie  uninstalled  performance- of  the  five  engines 
at  some  of  the  critical  flight  conditions  of  the  si  per  sonic  transport. 

The  thrust  specific  fuel  consumption  values  listed  are  based  on  the 
representative  thrust  requirements  during  supersonic  cruise  and  sub¬ 
sonic  part' throttle  operation.  The  fuel  consumption  for  the  critiial 
flight  conditions  and  a  wide  range  of  power  seff.jhgs  are  shown  in 
Figures  1-1  through  1-4.  • 
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The  afterburning  turbofan  and  the  non-augmented  turbojet  cycles  were 
not  found  to  be  competitive  by  the  airframe  contractors ,  and  the  study 
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of  these  engines  was  subsequently  terminated.  The  detailed  perform- 
anee  data  for  the  remaining  powerplants  was  calculated,  and  IBM  per¬ 
formance  decks  were  prepared.  The  final  evaluation  of  the  three  re¬ 
maining  powerpiants  resulted  in  the  selection  ci  the  STF219  duct  heating 
turbofan  engine  by  both  airframe  contractors,  and  IBM  performance  decks 
foi  the  STF219  engine  were  delivered.  .Lockheed  selected  a  700  lb/sec 
airflow  size  for  Mach  3  operation,  and  Boeing  selected  a  640  lb/sec 
airflow  size  for  Mach  2.7  operation. 


Table  1-1  indicates  that  the  engines  will  operate  with  a  turbine  inlet 
temperature  of  2300°F  during  acceleration  and  2200°F  during  super¬ 
sonic  cruise.  If  SST  service  operation  should  be  scheduled  to  commence 
during  1972,  then  the  initial  certification  and  service  operation  of  the 
engine  will  probably  have  to  be  for  a  1900°F  cruise  turbine  inlet  tem¬ 
perature  and  a  2009°F  transonic  acceleration  turbine  inlet  temperature. 
Performance  decks  for  the  lower  temperatures  were  supplied  to  the 
airframe  manufacturers  in  addition  to  the  decks  for  the  higher  tem¬ 
peratures  . 


The  performance  of  the  STF219  engine  at  the  two  turbine  inlet  temp¬ 
erature  levels  and  the  performance  of  the  over -flowed  JT11F-4  eng¬ 
ine  proposed  for  Phase  I  are  presented  in  Table  1-3.  More  detailed 
performance  data  are  given  in  Figures  1-5  through  1-8,  showing  the 
thrust  specific  fuel  consumption  as  a  function  of  thrust  for  supersonic 
cruise  and  for  subsonic  part-power  operation. 
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U  S.  STANDARD  ATMOSPHERE  -  1962  (QEOM) 
RAM  RECOVERY  PER  MIL-E-5008B 


□  MAX  D/H  OR  A/8 
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OD/H  OR  A/B  NOT  LIT 
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STF225  ^ 


-I 

til  i 

£  1-7 


STJ  227 
STJ22I 


NET  THRUST- 1000  LB 


UNINSTALLED  ENGINE  PERFORMANCE  OF  THE 
STF2I9,  STJ221 ,  STJ222,  STF22  3  AND  STJ227 
ENGINES  AT  MACH  2.  7  AT  65,  000  FEET 


Figure  I*  l 
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THIS  DOCUMENT  CONTAINS  INFORMATION  AFFECTING  THE  NATIONAL  DEFENSE  OF 
THE  UNITED  STATES  WITHIN  THE  MEANING  OF  THE  ESPIONAGE  LAWS,  TITLE  18, 
U.S.C.,  SECTIONS  793  AND  794.  THE  TRANSMISSION  OR  THE  REVELATION  OF 
ITS  CONTENTS  IN  ANY  MANNER  TO  AN  UNAUTHORIZED  PERSON  IS  PROHIBITED  BY 
LAW. 


NOTICE:  When  government  or  other  drawings,  specifications  or  other 
data  are  used  for  any  purpose  other  than  in  connection  with  a  defi¬ 
nitely  related  government  procurement  operation,  the  U.  S.  Government 
thereby  incurs  no  responsibility,  nor  any  obligation  whatsoevei ;  and 
the  fact  that  the  Government  may  have  formulated,  furnished,  or  in  any 
way  supplied  the  said  drawings,  specifications,  or  other  data  is  not 
to  be  regarded  by  implication  or  otherwise  as  in  any  manner  licensing 
the  holder  or  any  other  person  or  corporation,  or  conveying  any  rights 
or  permission  co  manufacture,  use  or  sell  any  patented  invention  that 
may  in  any  way  be  related  thereto. 
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U,S.  STANDARD  ATMOSPHERE -1962  (6E0M) 
RAM  RECOVERY  PER  MIL-E-500S9 


PERFORMANCE  OF  THE  STF219  ENGINE 
WITH  CRUISE  TURBtNE  INLET  TEMPERA¬ 
TURES  OF  I900PF  AND  2200 *F  AND  OF  THE 
JTIIF-3,  -4  ENGINE  AT  MACH  3.0  AT  75.000 
FEET 


Figure  1-6 
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PERFORMANCE  OF  THE  STF219  ENGINE  WITH 
CRUISE  TURBINE  INLET  TEMPERATURES  OF 
4900*F  AND  2200  *F  AND  OF  THE  JTUF-3,  -4 
ENGINE  AT  MACH  0.  9  AT  3b,  150  FEET 


Figure  J*7 
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CRUISE  TURBINE  INLET  TEMPERATURES  OF 
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ITEM  2  -  PRELIMINARY  DESIGN 


OBJECTIVE 


The  contractor  shall  prepare  a  preliminary 
layout  design  of  the  engine  incorporating  the 
requirements  established  under  Item  1  .  The 
design  shall  contain  sufficient  detail 
to  permit  evaluation  of  all  aspects  of  the  engine 
and  its  components. 


A.  AERODYNAMIC  TURBOJET  STUDIES 
1.  INTRODUCTION 


i  c 


During  the  course  of  the  Phase  II-A  study  contract,  a  family  of  turbo¬ 
jet  engines  was  studied  with  airflow  rates  ranging  from  450  to  800 
lb/sec.  Thrust  augmentation  varying  from  zero  to  40  per  cent  was 
evaluated.  Each  of  the  engines  was  designed  to  operate  with  a  turbine 
inlet  temperature  of  22CG *F  at  cruise  and  2300 *F  for  take-off  and 
transonic  acceleration.  The  design  of  these  engines  was  based  on  the 
successful  development  and  flight  testing  of  the  Mach  i  JT11  turbojet 
engine.  The  salient  features  of  the  turbojet  engines  studied  are  pre¬ 
sented  below: 


Engine 

Sea  Level  Take-Olf 

Ai rflow  (lb/ sec) 

Augmentation 

STJ  221 

690 

None 

STJ  226 

800 

None 

STJ  222 

450 

40%  max. 

STJ  225 

650 

40%  max. 

STJ  227 

800 

15%  max.. 

These  engines  are  scaled  versions  of  one  another.  They  differ  princi¬ 
pally  in  physical  size,  weight,  and  the  presence  or  absence  of  an  after¬ 
burner.  Each  engine  has  a  nine-stage  axial-flow  compressor  which 
develops  an  optimum  over-all  cycle  pressure  ratio  cf  9.26:1  at  standard- 
day,  sea-level  take-off  conditions.  The  compressors  are  driven  by  two- 
stage  air-cooled  turbines.  The  engines  are  equipped  with  variable  stagger 
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inlet  guide  vines  which  are  used  during  starting  and  also  provide  in¬ 
flight  aerodynamic  braking  should  an  m-ihght  engine  shut-down  be 
required.  A  fifth-stage  bleed  is  provided  for  use  during  starting.  The 
afterburning  STJ  222  and  STJ  225  engines  have  provisions  to  continu¬ 
ously  bleed  some  compressor  fifth-stage  air  to  cool  the  afterburner 
liner 

These  engines  are  designed  with  the  advanced  ram-induction  annular 
burner  proposed  for  all  Pratt  &  Whitney  Aircraf  SST  power  pi  ants . 

2.  COMPRESSOR 

The  STJ221  engine  compressor  is  described  below  in  detail.  The 
characteristics  of  the  other  compressors  are  similar  to  those  of  the 
STJ221  and  were  obtained  by  scaling  to  the  corresponding  engine  air¬ 
flow  rates. 

Figure  2-1  is  a  cross-section  of  the  STJ-221  nine-stage  compressor. 
The  significant  design  parameters  are  shown  in  Table  2-1  . 


C 


TABLE  2-1 

STJ  221  Compressor  Design  Parameters 
for  Sea-Level  Take-Off  Operation 

Number  of  Stages 
Over-AU  Pressure  Ratio 
Corrected  Rotor  Speed  (rpm) 

Corrected  Weight  Flow  (Ib/sec) 

Specific  Mass  Flow  (lb/ sec/ft2) 

Corrected  Inlet  Tip  Speed  (ft/ser) 

Inlet  Hub  to  Tip  Diameter  Ratio 
Compressor  Discharge  Velocity  (ft/scc) 


9 

9.26 

4000 

t>90 

42 

1093 

0.4?: 

600 


Weight  studies  were  performed  to  determine  the  optimum  flow- 
path  for  this  compressor.  In  these  studies,  the  aerodynamic  loading 
coefficients  were  held  constant,  and  various  levels  of  discharge  velocity 
were  investigated.  Figure  2-2  shows  the  flow  paths  and  the  weights  of 
the  various  configurations  considered.  '..e  more  important  character¬ 
istics^  each  flow  path  are  shown  in  Table  2-2. 
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irdr  ’  guide  venes  v.  hie,!  are  used  during  aid  rung  and  provide  i  n  - 

flight  aerodynamic  braking  should  an  in-liight  engine  shut-down  be 
required.  A  lift!. -stage  bleed  is  provided  for  use  during  slatting.  Tht 
afterburning  STJ  2 22  and  STJ  225  engines  have  provisions  to  continu¬ 
ously  bleed  gome  compressor  fifth-stage  air  to  cool  the  afterburner 
liner 

These  eng  In**-'  are  designed  with  the  advanced  ram-induction  annular 
burner  proposed  for  all  Pratt  &  Whitney  Aircraft  SST  powerplants -• 

2.  COMPRESSOR 

The  STJ22I  engine  compressor  is  described  below  in  detail.  The 
characteristics  of  the  other  compressors  are  similar  to  those  of  the 
STJ221  and  were  obtained  by  scaling  to  the  corresponding  engine  air¬ 
flow  rates. 

Figure  2-1  is  a  cross-section  of  the  STJ-22I  nine-stage  compressor. 
The  significant  design  parameters  arc  shown  in  Table  2-1. 


TABLE  2-1 

STJ  22 i  Compressor  Design  Parameters 
for  Sea-Level  Take-Off  Operation 


Number  of  Stages 
Over-All  Pressure  Ratio 
Corrected  Rotor  Speed  (rpm) 

Corrected  Weight  Flow  (Ib/sec) 

Specific  Mass  Flow'  {lb/sec/ft") 
Corrected  Inlet  Tip  Speed  (ft/ser) 

Inlet  Hub  to  Tip  Diameter  Ratio 
Compressor  Discharge  Velocity  (ft/sec) 


9 

Q.26 

4C0C 

o90 

42 

10b  3 

0.477 
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Weight  studies  were  performed  to  determine  the  optimum  flow- 
path  for  this  compressor.  In  these  studies,  the  aerodynamic  loading 
coefficients  were  held  constant,  and  various  levels  ol  discharge  velocity 
were  investigated.  Figure  2-2  shows  the  flow  paths  and  the  weights  of 
the  various  configurations  considered,  T..e  more  important  character¬ 
istics  of  each  flow  path  are  shown  in  Table  2-2. 
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Characteristics  of  Various  Compressors 
for  STJ-221  Engine 

Relative 

Inlet  Exit  Axial  Discharge  Numoei  7/eignt 
Flow  Path  (H/T)  (H/ T)  Velocity  (ft/sec)  of  Stages  (Per  Cent) 

Constant  mean 
diameter  in  stages 

5  throueh  7  0.51  0,887  600  7  89 


Constant  mean 
diameter  in  stages 

5  through  8  0.51  0.870  -  500  8  100 

Constant  mean 

diameter  (..51  0.85  b  bOO  8  78,2 

Constant  root 
diameter  in  stages 

3  through  9  0,51  0.806  600  9  70.2 

Note:  Weight  includes  rotor,  stator,  and  casing  plus  associated  com¬ 
pressor  hardware. 

In  the  afterburning  STJ  222,  225  ,  and  227  engines,  the  compressor  , 
is  continuously  bled  behind  the  fifth  stator  tu  provide  cooling  air  for 
the  afterburner  centerbody  and  liners.  At  sea  level  take-off,  the  bleed 
air  is  about  2  1/2  per  cent  of  the  total  flow.  A  small  step  in  the  outer 
case  of  the  compressor  provides  room  for  a  diffuser  to  recover  a  portion 
of  the  air  velocity  head.  The  predicted  performance  map  of  the  compres¬ 
sor  is  presented  in  Figure  2-3. 

3.  MAIN  BURNER 

a .  Design 

The  main  burner  is  an  advanced-design  annular  ram  induction  burner. 

Use  of  an  annular  burner  permits  the  maximum  utilization  of  available 
engine  space  by  combining  the  burner  and  the  diffuser  in  a  common 
volume.  The  ram  induction  burner  uses  ram  scoops  to  inject  air  Into 
the  burner  withthe  desired  velocities  and  at  the  desired  locations  as 
shown  in  Figure  2-4. 
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The  ram  induction  liner  differs  from  that  of  the  conventional  louvered 
liner  such  as  proposed  for  the  JT11F-11,  -12  engine  in  that  airflow,  into  the 
conventional  liner  is  accomplished  by  a  static  pressure  gradient  across 
the  liner,  whereas  airflow  into  the  ram  induction  liner  is  accomplished 
by  ram  pressure.  In  the  conventional  system,  the  penetration  and  mixing 
are  a  function  of  the  static  pressure  differential  at  the  secondary  air 
holes  coming  through  the  liner.  The  major  control  over  the  turbulence 
level  and  resultant  mixing  in  the  combustion  chamber  is  obtained  through 
control  of  the  static  pressure  drop  across  the  liner.  Hence,  to  increase 
the  temperature  rise  in  the  burner  of  the  JT11F-11.  -12  engine  without 
a  large  increase  in  length,  it  would  be  necessary  to  significantly  increase 
the  pressure  drop.  With  the  ram  burner,  however,  the  use  of  total 
pressure  rather  than  static  pressure  permits  a  greater  control  over  the 
mixing  characteristics  without  incurring  a  significant  pressure  loss. 

The  use  of  total  pressure  for  penetration  also  requires  less  diffusion 
between  the  compressor  and  the  burner  shroud  area,  and,  consequently, 
the  diffuser  pressure  loss  is  lower. 

A  aeries  of  small  scoops  is  used  to  promote  good  fuel -air  mixing  in  the 
primary  zone  with  an  additional  row  of  larger  scoops  providing  the 
necessary  mixing  of  air  and  hot  gases  in  the  secondary  zone.  Fuel  is 
injected  directly  into  the  combustion  chamber  by  means  of  swirl  atomiz¬ 
ing  nozzles.  Since  the  scoops  provide  a  high  level  of  turbulence  and 
mixing,  adequate  fuel  preparation  can  take  place  in  the  primary  portion 
of  the  burner.  Consequently,  the  primary  scoop  arrangement  provides 
a  mechanical  method  of  fuel  preparation  and  eliminates  requirements 
for  hot  cone  pre-mixing  proposed  for  the  JT11F-11,  -12  engine. 

The  ram  induction  burner  also  provides  certain  structural  advantages. 
First,  because  the  shroud  static  pressure  is  low,  the  pressure  load  on 
the  liner  is  less  than  that  encountered  in  a  more  conventional  design. 
Second,  the  high  velocity  flow  over  the  liner  and  through  the  ram  scoops 
provides  basic  cooling  by  convection.  Supplementary  film  cooling  is 
utilized  to  cool  the  surfaces  which  are  exposed  to  the  hot  gases.  Figure 
2-5  shows  a  detailed  section  of  a  scoop  with  film  cooling  louvers  on  the 
portion  exposed  to  the  hot  gas. 


Transpiration  cooling  is  used  downstream  of  the  scoops.  Since  the  tur¬ 
bine  inlet  temperature  is  in  the  2200  to  2300*F  range,  cooling  of  the 
secondary  portion  of  the  liner  becomes  more  critical  than  in  conventional 
burners  Current  engines  operate  at  maximum  turbine  inlet  temperatures 
of  2000 *F  and  utilize  30  to  40  per  cent  of  the  air  for  film  cooling.  At 
the  2300*F  temperature  level,  film  cooling  would  require  an  excessive 
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amount  of  flow  with  a  resultant  distortion  of  the  turbine  inlet  profile. 

Transpiration  cooling  is  also  used  at  the  front  portions  of  the  liner  since 
the  front  end  extends  upstream  into  the  diffuser  and  there  is  no  significant 
flow  of  a’r  over  the  fuel  nozzle  and  swirler  support  bulkheads  for  con¬ 
vective  cooling.  The  flow  in  this  area  is  adequate,  however,  to  provide 
transpiration  cooling. 

The  extensive  use  of  convective  and  transpiration  cooling  in  the  burner 
section  significantly  reduces  the  amount  of  film  cooling  required.  Con¬ 
sequently,  a  greater  portion  of  the  airflow  is  available  for  tailoring  the 
burner  exit  profile  than  in  a  liner  using  larger  amounts  of  film  cooling. 

b.  Testing 

The  feasibility  of  the  ram  induction  principle  has  been  demonstrated  in 
rig  tests.  A  preliminary  series  of  tests  was  conducted  to  study  the 
effectiveness  of  the  secondary  scoops  and  to  establish  the  exit  tempera¬ 
ture  profile. 

Five  configurations  w  ?re  tested.  During  these  runs,  penetration  of  the 
diluting  air  varied  from  excessive  (producing  a  cold  center  at  the  exit) 
to  insufficient  (resulting  in  a  hot  core).  No  problems  of  scoop  burning 
were  encountered,  even  though  the  first  design  had  scoops  extending 
to  within  a  half  inch  of  the  burner  centerline.  The  temperature  profiles 
produced  by  two  of  the  configuration's  tested  are  shown  in  Figures  2-6 
and  2-7.  For  the  first  of  these,  the  secondary  scoops  extended  to  the 
middle  of  the  burner,  wnereas  for  the  second,  the  scoops  were  cut  back 
to  limit  the  penetration.  These  tests  indicate  the  degree  of  control 
available  and  that  some  intermediate  scoop  length  will  provide  a  uniform 
radial  temperature  profile. 

Water  flow  tests  with  ink  injection  were  conducted  to  determine  the 
burner  flow  patterns.  Figure  2-8  shows  the  penetration  and  mixing 
characteristics  of  the  downstream  row  of  primary  scoops.  The  ink 
pattern  demonstrated  that  good  penetration  and  mixing  were  achieved 
throughout  the  flow  path  in  the  secondary  region.  Figure  2-9  shows 
the  flow  pattern  in  the  stable  recirculation  zone  in  the  piloting  region. 

The  pattern  reveals  no  definite  axial  flow  indicating  that  the  region  up¬ 
stream  of  the  primary  scoops  has  a  very  low  velocity  necessary 
for  stable,  efficient  combustion. 
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These  tests  were  conducted  with  a  preliminary  design  burner.  Two 
different  burner  liners  were  also  used  for  studying  the  required  secondary 
scoop  configurations  and  are  shown  in  Figures  2-10  and  2-11  . 

4.  TURBINE 

The  turbojet  engines  studied  used  a  two-stage  turbine  with  air-cooled 
blades  and  vanes.  The  turbines  were  designed  to  opei<A/j  with  a  turbine 
inlet  temperature  of  2300  *F  during  take-off  and  transonic  acceleration, 
and  2200 *F  during  cruise.  Although  the  cooling  system  is  similar  to 
that  of  the  STF2I9  engine,  the  environmental  temperatures  for  the 
second  stage  are  approximately  50  *F  higher  than  in  the  turbofan  engine 
because  less  work  is  extracted  by  the  first  stage  in  the  turbojet. 

Identical  blade  and  vane  materials  are  used  in  the  turbojet  and  turbofan 
engines. 


5.  AFTERBURNING  TURBOJET  -  STJ  222 

The  afterburner  used  on  the  STJ  222  engine  consists  of  a  diffusing  sec¬ 
tion,  a  combustion  chamber,  and  a  variable-area  exhaust  nozzle  as 
well  as  a  fuel  distribution  and  flameholding  system  and  liners  to  pro¬ 
vide  damping  to  suppress  screech  and  to  protect  the  structural  case 
from  high-temperature  gas.  The  afterburner  is  shown  in  Figure  2-12, 
and  the  aerodynamic  characteristics  are  shown  in  Table  2-3. 

TABLE  2-3 

STJ  222  Afterburner  Characteristics 


Turbine 

Turbine 

Mean 
Flame  - 

Mean 

Combus  - 

Exit  T emp- 

Exit 

holder 

tion  Chamber 

erature(°F) 

Mach  No. 

Mach  No. 

Mach  No. 

Sea  Level  Take-Off 

1829 

0.36 

0.25 

0.20 

Acceleration,  Mach  1.2, 
45000  feet 

1786 

0.40 

0.27 

0.21 

Cruise,  Mach  2.7, 

65000  feet 

1607 

0.53 

0.  34 

0.26 

Cruise,  Mach  3,0, 

65000  feet 

1621 

0.51 

0.33 

0.25 
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The  diffuser  is  necessary  tc  reduce  the  turbine  exit  Mach  number  to  a 
level  at  which  ccmbustion  can  be  sustained  and  pressure  losses  can  be 
kept  to  tolerable  levels.  ^ 

The  fuel  spray  rings  aru  integral  with  the  flameholders  so  that  all 
hardware  can  be  fuel  cooled  for  protection  against  the  high  turbine  exit 
temperatures.  A  typical  spray  ring -flarneholder  is  shown  in  Figure 
2-13.  Ignition  is  provided  by  a  catalytic  igniter  which  is  integral  with 
the  fuel  source. 

A  combination  screech  and  cooling  liner  protects  the  outer  structural 
case.  The  liner  extends  upstream  to  the  spray  ring  plane  to  prevent 
fuel  from  entering  the  cooling  air  annulus  between  the  liner  and  the 
case.  The  liner  is  convectively  cooled  by  a  combination  of  compressor 
discharge  air  and  turbine  case  cooling  air.  The  compressor  discharge 
air  is  bled  from  the  fifth  compressor  stage  and  comprises  approximately 
2  1/2  per  cent  of  the  total  flow  at  sea  level  take-off  conditions.  The 
compressor  air  is  carried  to  the  afterburner  by  external  ducts.  The 
turbine  case  cooling  air  is  scooped  from  the  outer  turbine  gas  path 
boundary  layer.  Use  of  the  turbine  gas  for  cooling  reduces  the  amount 
of  compressor  bleed  required  and  reduces  the  requirements  for  exter¬ 
nal  cooling  air  supply  ducts. 

The  afterburner  nozzle  is  composed  of  hinged  flaps  which  are  actuated 
by  hydraulic  pistons.  The  flaps  are  cooled  by  the  same  air  which  is 
used  to  cool  the  afterburner  liner.  This  air  is  injected  over  the  flaps 
at  the  afterburner  liner  discharge  location. 

The  STJ222  afterburner  was  designed  to  provide  a  high  degree  of  aug¬ 
mentation  ?t  high  efficiencies  during  transonic  acceleration.  It  is  capable 
of  providing  approximately  40  per  cent  net  thrust  at  an  efficiency  of  93 
per  cent  throughout  the  transonic  acceleration  region.  It  may  also  be 
used  to  provide  a  lower  degree  of  augmentation  during  cruise,  but  at  an 
efficiency  level  of  approximately  85  per  cent.  Figure  2-14  shows  the 
estimated  efficiency  of  the  afterburner  as  a  function  of  the  fuel-to-air 
ratio  and  shows  the  maximum  efficiency  available  by  optimizing  the 
fuel  distribution  at  all  fuel-to-air  ratios. 

The  change  in  efficiency  from  transonic  acceleration  to  cruise  conditions 
is  a  result  of  the  change  in  the  turbine  exit  temperature.  During 
acceleration,  the  turbine  exit  temperature  is  high  enough  to  cause 
spontaneous  ignition  of  the  fuel.  During  cruise,  however,  the  turbine 
exit  temperature  is  not  high  enough  for  d.ffusion  burning  io  be  main¬ 
tained.  Combustion  stability  then  depends  on  the  presence  of  the  flame - 
holder. 
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The  fundamental  design  concepts  used  in  selecting  the  STJ  222  after¬ 
burner  were  derived  by  Pratt  L  Whitney  Aircraft  from  testing  and 
development  of  afterburners  used  on  the  J57,  J58,  and  J75  engines, 
which  are  currently  used  to  power  a  large  number  of  military 
aircraft.  The  STJ  222  design,  however,  represents  an  improve¬ 
ment  in  the  state  of  the  art.  Because  of  the  high  turbine  exhaust  tem¬ 
peratures,  combustion  can  be  stabilized  at  higher  combustion  chamber 
velocities  and  can  be  completed  in  less  burning  length.  This  yields  a 
design  which  requires  less  diffusion  and  hence  a  smaller  diffuser 
section  along  with  shorter  burning  length  than  has  been  used  in  any 
previous  afterburner  design.  The  net  result  provides  a  higher  augmen- 
tor  thrust -to -weight  ratio  than  any  previous  design. 

6.  PARTIAL  AFTERBURNING  TURPOJET  -  STJ  227 

The  afterburner  for  the  STJ  227  engine  differs  significantly  from  con¬ 
ventional  afterburners.  The  partial  afterburner  is  shown  in  Figure 
2-15.  No  diffuser  is  required  since  the  Mach  number  at  the  flameholder 
plane  does  not  exceed  0.35  and  the  turbine  exit  temperature  is 
high  enough  to  promote  spontaneous  combustion. 

The  spray  bar -flame holder  system  is  integral  with  the  turbine  exit 
guide  vanes  to  reduce  weight  and  drag.  A  cross  section  of  a  typical 
unit  is  shown  in  Figure  2-16.  It  was  possible  to  integrate  the  flame - 
holder  assembly  with  the  exit  guide  vanes  in  this  engine  because  the 
high  degree  of  swirl  in  the  exit  flow  requires  a  row  of  cascade  airfoils 
to  provide  the  desired  axial  flow.  Forty-five  vanes  are  used  and  these 
provide  a  spray  bar  system  capable  of  giving  good  fuel  distribution  over 
the  airfoil. 

The  combustion  chamber  length  from  the  flameholder  to  the  nozzle 
throat  is  only  40  inches.  This  causes  a  reduction  in  combustion  efficiency 
because  some  unburned  fuel  escapes  as  a  result  of  insufficient  residence 
time.  Also,  to  minimize  cooling  requirements,  the  fuel  is 
restricted  to  the  mid  portion  of  the  flow  path  away  from  the  walls.  This 
imposes  a  peak  temperature  profile  at  the  nozzie  throat,  which,  com¬ 
bined  with  the  combustion  inefficiency,  yields  an  afterburner  efficiency 
of  80  per  cent.  This  low  level  of  efficiency  is  not  detrimental  to  the 
mission,  however,  because  the  afterburner  is  only  required  for  a  short 
time  and  the  resulting  increase  in  fuel  consumption  is  small. 

Cooling  of  the  tailpipe  walls,  plug  nozzle,  and  turbine  exit  guide  vanes 
is  provided  by  a  combination  of  compressor  bleed  air  and  turbine  dis¬ 
charge  boundary  layer  air.  Figure  2-17  shows  a  schematic  of  the 

c 

”£&?****  NO.  3-8 

CONPIOKNTIAL 


CONFIDENTIAL 


P  WA-2397 


cooling  system.  At  sea  level  take-off  conditions,  approximately  2  1/2 
per  cent  of  the  gas  generator  flow  is  bled  from  the  compressor  for 
cooling.  Most  of  this  air  is  used  to  cool  the  vanes  and  the  fixed  portion 
of  the  plug  nozzle.  Cooling  of  the  vanes  is  required  since  the  vanes 
provide  the  structural  support  for  the  plug  nozzle  and  its  associated 
hardware.  Some  of  the  vane  cooling  flow  is  bled  out  through  the  trailing 
edge  to  cool  the  spray  bars  to  eliminate  fuel  gumming  and  coking. 

If  the  spray  bars  were  subjected  to  the  turbine  exit  temperature,  the 
small  fuel  flows  during  filling  and  draining  would  not  provide  a  sufficient 
heat  rink  and  fuel  decomposition  would  result.  The  compressor  bleed 
air  not  used  to  cool  the  vanes  and  the  plug  nozzle  is  mixed  with  turbine 
discharge  air  to  cool  the  tailpipe  wall.  Porous  walls  are  used  or.  both 
the  tailpipe  and  the  plug  nozzle  for  transpiration  cooling. 

B.  MECHANICAL  TURBOJET  STUDIES 

Three  of  the  turbojet  engines  for  which  aerodynamic  studies  were  con¬ 
ducted  were  mechanically  designed  in  sufficient  detail  to  determine  the 
structural  arrangement,  size,  and  weight  of  the  engine.  One  engine  of 
each  type  was  studied,  namely,  the  non  afterburning  STJ  221  ,  the 
afterburning  STJ  222,  and  the  partial  afterburning  STJ  227  engines. 

1.  NON-AFTERBURNING  TURBOJET  -  STJ  221 

The  design  of  the  STJ221  engine  is  essentially  the  same  as  that  of  the 
gas  generator  portions  of  the  other  turbojets  and  is  similar  to  the  gas 
generator  portion  of  the  STF219  engine.  The  elements  of  the  STJ221 
engine  which  are  similar  to  the  corresponding  elements  in  the  STF219 
engine  are  the  design  of  the  blades  and  disks  and  the  blade  attachments, 
the  stacked  disk  and  inner  and  outer  spacer  compressor  rotor  design, 
the  use  of  carbon  seals  backed  up  by  labyrinth  seals  (pressurized  in 
bearing  positions  number  tw'o  and  three),  the  provision  for  blade  con¬ 
tainment,  the  use  of  abradable  material  over  the  blade  tips,  similar 
turbine  vane  and  blade  cooling,  and  the  use  of  a  ram  induction  annular 
combustor.  The  sections  of  the  engine  are  bolted  together  at  mating 
flanges.  A  cross-sectional  drawing  of  the  engine  is  shown  in  Figure 
2-18. 

The  inlet  of  the  gas  generator  is  a  single  welded  unit  forming  the  inner 
and  outer  flow  path  walls  and  joined  by  aerodynamically  shaped  radially 
positioned  inlet  struts.  The  number  one  roller1  bearing  and  the  associated 
seals  are  supported  by  a  box  structure  formed  at  the  inboard  end  of  the 
struts.  Within  the  bearing  compartment  is  an  oil  scavenge  pump  driven 
from  the  front  hub' of  the  compressor  rotor.  The  oearing  compartment 
is  oil  jet  cooled  and  lubricated  and  is  protected  from  the  surrounding 
environment  by  carbon  ring  seals  backed  up  by  labyrinth  seals. 
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The  compressor  inlet  euid1  vanes  are  located  behind  the  struts  and 
may  be  rotated  about  their  radial  axes,  to  improve  the  engine  starting 
characteristics  and  to  provide  a  rotor  windnv.liing  aerodynamic  brake. 
The  vanes  are  rotated  by  pneumatic  actuator-,  driving  a  synchronizing 
ring  and  levers  on  the  outer  stub  shafts  of  the  vanes. 


Provision  is  made  for  anti-u  inu  'he  mlet  struts  md  the  inlet  guide  vanes 
When  required,  compressor  disc  h.»  rue  .ur  flows  radially  inward  through 
the  inlet  struts  to  a  box  tnanilo'd  »n«l  then  real  ward  through  a  group  oi 
axial  pipes  to  the  inboard  ends  i  m,  ,nlct  guide  vanes.  It  flows  radially 
outward  through  the  vanes  and  ih>-a  out  through  slits  m  the  outer  trailing 
edges  of  the  vanes  into  t»e  compressor  flow  path. 


The  compressor  outer  wall  is  formed  by  stacking  and  bolting  short  case 
and  stator  assemblies  together,  one  for  each  of  the  nine  stages,  Each 
case  and  stator  assembly  provides  an  abradable  shroud  over  the  blade 
tips  and  also  a  box  structure  to  which  the  outer  ends  ot  the  forged  stator 
vanes  are  welded.  The  inner  ends  oj  the  var.v;  h-i.e  integral  tabs  by 
which  they  are  riveted  to  a  diaohragm.  The  diaphragm  supports  the 
interstage  seal  rings  by  rivets  ann  spacers  in  radially  slotted  holes  tu 
accommodate  thermal  growth.  Similar  nmstrui  turn  is  used  in  the 
J58  engine.  Immediately  to  the  rear  of  the  fifth-stage  stator,  air  is 
f  bled  from  the  compressor  to  provide  -asier  starting  and  cooling  air 

V  for  the  afterburners.  The  air  bled  from  the  compressor  during  starting 

is  discharged  overboard  through  flap-type  valves  located  in  an  annular 
bleed  manifold  enveloping  the  fifth-  through  eighth-stage  compressor 
cases.  The  c<  mpressor  exit  guide  vanes  are  made  of  rolled  strip  stock 
inserted  into  pre-punched  slots  in  the  inner  and  outer  shroud  rings  and 
brazed  in  place.  The  inner  shroud  ring  is  bolted  to  the  adjoining  diffu¬ 
ser  case  flange  and  the  outer  shroud  ring  is  supported  by  the  ninth-stage 
compressor  outer  case  with  provisions  for  thermal  expansion  and  fab¬ 
rication  tolerances. 


The  design  of  the  compressor  rotor  is  conventional.  A  front  hub  sup¬ 
ports  the  first-stage  disk  and  is  followed  by  eight  additional  disks  posi¬ 
tioned  axially  by  cylindrical  inner  spacers.  Outer  ring  spacers  are  used 
to  fix  the  location  of  the  disk  rims  and  to  dampen  axial  vibrations.  The 
outer  ring  spacers  also  carry  knife  edges  to  provide  sealing  against 
the  ring  seals  on  the  stator  diaphragms.  Two  sets  of  the  bolts  are 
used*  one  to  join  the  disks,  spacers,  and  hubs,  and  one  to  support  the 
outer  spacer  between  the  eighth-  and  ninth-stage  disks.  The  disks  and 
spacers  are  designed  with  appropriate  support  to  ensure  concentricity 
at  all  operating  conditions.  An  auxiliary  disk  is  mounted  on  the  ninth 
disk  to  support  a  knife-edge  seal,  help  control  the'tlirust  balance,  and 
prevent  circulation  of  hot  inner  circumference  boundary  layer  air  around 
the  disk,-  * 
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The  diffuser  f..se  is  esscniitliy  a  single  welded  unit  consisting  of  inner 
and  outer  cases  forming  the  flow  path  boundaries  and  joined  by  twelve 
aerodynamicallv  shaped  radial  struts.  An  annular  passage  surrounds 
the  outer  wall  funning  a  bleed  air  manifold.  The  manifold  is  reinforced 
with  fiances  that  serve  to  transfer  the  engine  thr  icr  _nd  the*  radial  loads 
- nt n  the  engine  mounts.  The  numocr  two  bearing,  a  ball  ‘hrust  bearing, 

-s  supported  inside  the  inner  diffuser  flow  path  -sail  togetner  with 
the  ussocutt*o  caroon  and  laoyrinth  seats,  an  cil  scavenge  pump,  and 
the  tower  shaft  drives  for  the  accessories.  Supply  lines  for  the  bearing 
compartment,  venting  linos  for  the  labyrinth  seals,  and  pressure  lines 
for  tnrust  balancing  are  routed  through  the  diffuser  case  struts.  The 
rear  inner  flange  of  the  diffuser  case  mates  with  the  forward  flange  of 
n  long  shallow  conical  case  supporting  the  number  three  roller  bearing 
and  seals;  the  rear  flange  of  the  middle  diffuser  case  mates  with  the 
forward  end  •  >f  the  comoustor  inner  case;  and  the  rear  flange  of  the 
outer  diffuser  case  mates  with  the  forward  flange  of  the  combustor  sec¬ 
tion  front  outer  case.  The  fuel  nozzles  and  the  combustor  are  supported 
from  the  outer  rear  walls  of  the  diffuser  case,. 

The  combustor  rear  outer  case  slides  to  the  rear  to  provide  access  to 
the  rear  of  the  combustor,  which,  in  turn,  slides  forward  to  provide 
access  to  the  turbine  nozzle  vanes.  Two  igniter  plugs  protrude  radially 
into  the  combustor  through  th>*  outer  rear  wall  of  the  diffuser.  Suitable 
combustor  section  dram  valves  are  provided  in  the  bottom  oi  the  com¬ 
bustor  cases  to  prevent  accumulation  of  fuel  in  the  inner  bottom  surface 
oi  the  combustor  case. 

The  forward  outer  flange  of  the  turbine  section  mates  with  the  combus¬ 
tion  section  rear  case  flange.  The  turbine  rotor  consists  of  a  shaft, 
a  second-stage  turbine  disk  mounted  on  the  conical  end  of  the  shaft,  a 
first-stage  disk  overhung  forward  of  the  second-stage  disk  on  its  own 
integral  cylindrical  spacer,  a  front  seal  disk,  and  a  conical  seal  spacer 
between  the  two  stages.  The  rotor  is  supported  on  the  Number  3  bear¬ 
ing  and  is  splined  to  the  compressor  rear  hub. 

A  variable-area  exhaust  nozzle  is  required  in  the  STJ  221  engine  to 
obtain  the  optimum  per*'  mance  at  various  flight  conditions.  The  area 
is  varied  by  moving  me  inner,  central  plug  by  a  single  hydraulic  cylinder. 
The  plug  system  is  supported  by  the  outer  turbine  exhaust  case  by  a 
series  of  radial  struts  in  the  turbine  exhaust  stream. 
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The  turbine  exhaust  outer  case,  the  struts,  and  the  fixed  portion  of  the 
turbine  exhaust  inner  wall  are  conveetively  cooled  by  a  mixture  of  fifth- 
stage  compressor  bleed  air  and  turbine  case  cooling  air  which  flows 
between  the  inner  and  outer  walls.  The  movable  inner  plug  is  also  cooled 
conveetively  by  compressor  bleed  air  which  flows  through  the  rotor 
shaft  and  then  between  the  inner  and  outer  walls  of  the  plug. 

2.  AFTERBURNING  TURBOJET  -  STJ  222 

The  STJ222  engine  is  basically  a  scaled  version  of  the  3TJ221  with 
the  addition  of  an  afterburner  capable  of  providing  full  augmentation. 

The  arrangement  of  the  engine  is  shown  in  Figure  2*19. 

The  afterburner,  which  consists  of  a  diffusing  section,  a  combustion 
section,  a  variable-area  exhaust  nozzle,  and  a  fuel  distribution  and 
flameholding  system,  is  bolted  to  the  rear  flange  of  tne  turbine  nozzle 
case. 

The  diffusing  section  is  incorporated  in  the  turbine  nozzle  case.  An 
inner  cone  forms  the  inner  wall  of  the  diffusing  section  and  is  supported 
by  10  airfoil-shaped  struts  which  are  fusion  butt  welded  to  integral  plat¬ 
forms  machined  on  the  inside  of  the  outer  turbine  exhaust  diffuser  case 
and  on  the  outside  of  the  inner  diffuser  cone.  The  struts  are  protected 
from  the  turbine  exhaust  gases  by  sheet  metal  heatshields,  and  their  aero¬ 
dynamic  shape  tends  to  straighten  the  turbine  exhaust  flow. 

The  outer  structural  case  of  the  afterburner  forms  the  rear  cylindrical 
section.  The  case  is  protected  by  a  combination  perforated  screech 
and  cooling  nonstructural  liner  cooled  conveetively  by  a  combination  of 
compressor  fifth-stage  bleed  a ir  and  turbine  case  cooling  air. 

The  U3e  of  a  combination  fuel  distribution  and  flameholder  system  is 
made  possible  by  the  high  gas  stream  temperature  which  provides  good 
combustion  efficiency  in  a  short  burning  length  and  allows  flameholding 
from  integral  spray  rings  and  flameholders .  Six  staggered  spray  ring- 
flameholder  units,  streamlined  to  reduce  pressure  losses,  are  used. 

The  outer  three  are  supported  by  the  fuel  supply  lines  from  the  outer 
case,  whereas  the  inner  three  are  supported  from  the  inner  cone  and 
are  supplied  by  fuel  lines  which  pass  through  the  exhaust  struts.  Ex¬ 
ternal  fuel  manifolds  feed  both  sets  of  spray  rings.  An  alternate  spray- 
bar-flamehoider  system  using  24  close-coupled  low  loss  radial  bars  has 
also  been  designed  and  is  shown  in  Figures  2-20  and  2-21, 
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The  variable-area  exhaust  nozzle  consists  of  a  series  of  flap  segments 
hinged  from  a  supporting  ring  which  is  attached  to  the  afterburner  outer 
rear  case.  The  flaps  are  operated  bv  six  hydraulic  cylinders  through 
a  synchronization  ring  and  suitable  linkages.  Cooling  air  which  is  used 
to  cool  the  afterburner  liner  is  injected  over  the  flaps  from  the  liner 
discharge  location. 

The  blow-in-door  ejector  exhaust  system  and  reverser  system  are 
similar  to  the  corresponding  systems  for  the  STF219  engine.  The 
ejector  supporting  beams  are  attached  to  the  engine  rear  mount  ring 
and  to  a  rear  ring  supported  from  the  afterburner  outer  structural  case. 

3.  PARTIAL  AFTERBURNING  TURBOJET  -  STJ  227 

The  STJ  227  engine  is  basically  a  STJ  221  turbojet  scaled  for  a  690 
lb/sec  airflow  and  provided  with  a  short,  lightweight  afterburner  cap¬ 
able  of  producing  up  to  15  per  cent  thrust  augmentation.  A  cross- 
sectional  drawing  of  the  engine  is  shown  in  Figure  2-2  2. 

The  afterburner  assembly  is  bolted  to  the  rear  end  of  the  turbine  outer 
case  and  includes  a  central  movable  plug,  a  plug  support  and  actuation 
system,  an  exit  guide  vane  and  spray  bar  system,  .inner  and  outer  liners, 
and  the  outer  case. 

The  movable  center  plug  provides  a  completely  variable  area  orifice 
between  the  established  limits.  It  is  a  double-walled  Waspaloy  sheet 
metal  structure  cooled  by  turbine  disk  cooling  air.  The  cylindrical 
section  of  the  plug  is  stiffened  with  a  sheet  metal  box  section  that  pro¬ 
vides  support  for  the  rollers.  The  rollers  ride  in  eight  channel-section 
tracks  with  two  rollers  riding  in  each  track.  The  tracks  are  located  on 
a  stiffened  cylindrical  ring  which  is  part  of  the  fixed  support  structure. 

A  seal  assembly  consisting  of  a  series  of  overlapping  sheet  metal  sec¬ 
tions  is  used  to  reduce  the  leakage  past  the  movable  plug. 

The  hydraulic  actuator  is  attached  to  the  fixed  structure  at  the  forward 
end  and  to  the  movable  plug  at  the  rear  attachment  point  with  ball  joints. 
Fuel,  held  b  low  400  *F  by  means  of  a  continuous  fuel  recirculation 
system,  is  the  actuating  fluid.  The  fixed  conical  support  structure, 
fabricated  from  Hastelloy  X,  is  attached  to  a  structural  ring  which 
transmits  loads  to  the  outer  case  through  the  turbine  exit  guide  vanes. 
The  guide  vanes  are  fabricated  from  IN- 100  alloy. 
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The  fixed  portion  of  the  inner  flow  path  is  a  double -walled  structure 
cooled  by  compressor  bleed  air  supplied  through  the  exit  guide  vanes. 

The  outer  of  the  two  walls  is  perforated. 

The  fuel  spray  bar  system,  fabricated  from  Ha&telloy  X,  consists  of 
45  spray  bars,  each  located  directly  behind  a  turbine  exit  guide  vane. 

The  spray  bars  are  supported  by  the  vanes  and  cooled  by  air  supplied 
by  the  vanes  to  a  temperature  low  enough  to  preclude  fuel  coking  during 
lighting,  shutdown,  and  low  fuel  flows.  Flameholding  is  provided  by 
the  combined  vane  and  spray  bar  structure.  Fuel  is  supplied  by  the  main 
fuel  pump  and  catalytic  igniters  provide  continuous  ignition. 

The  outer  liner  is  in  two  sections,  both  fabricated  from  Hastelloy  X 
and  cooled  by  a  mixture  of  turbine  case  cooling  air  end  compressor 
bleed  air.  The  front  section  is  bolted  to  the  turbine  outer  case  and 
supports  the  second- stage  turbine  blade  tip  seal,  the  exit  guide  vanes, 
and  the  fuel  baffle  perforated  liner.  Holes  in  the  forward  end  of  the 
liner  introduce  the  cooling  air  flow  into  the  afterburner  cooling  mani¬ 
fold.  The  rear  outer  liner  is  flexibly  supported  from  24  brackets  on 
the  inside  of  the  outer  case  to  permit  thermal  expansion.  The  rear  liner 
is  fabricated  from  perforated  sheet  metal  and  is  convoluted  to  provide 
resistance  to  buckling. 

C.  AERODYNAMIC  TURBOFAN  STUDIES  -  STF  219 
1.  GENERAL  DESCRIPTION 

The  STF219  turbofan  engine  is  a  two-spool  engine  with  an  optimum  over¬ 
all  cycle  pressure  ratio  of  11.88:1  at  sea-level  take-off  conditions.  The 
low-speed  spool  consists  of  a  two-stage  fan  producing  a  2.7:1  pressure 
ratio  and  a  two-stage  turbine.  The  high-speed  spool  consists  of  a  five- 
stage  constant  mean  diameter  compressor  producing  a  4.4:1  pressure 
ratio  and  a  single-stage  turbine. The  engine  is  shown  m  Figures  2-23  and  2-24. 


At  sea-level  take-off  conditions,  the  fan  discharge  air  is  divided  between 
the  engine  and  the  bypass  duct  such  that  thirty  per  cent  more  air  passes 
through  the  duct  than  through  the  engine.  The  air  that  enters  the  engine 
is  compressed  in  the  high-pressure  compressor,  heated  in  the  combustion, 
chamber,  and  expanded  through  the  turbine.  The  air  that  is  bypassed 
through  the  ducts  liows  through  a  diffuser  and  into  the  duct  heater.  Dur¬ 
ing  certain  portions  of  the  flight,  the  duct  air  is  heated  in  the  duct  heater 
to  provide  additional  thrust  before  being  exhausted  through  a  variable- 
area  discharge  nozzle. 
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The  fixed  portion  of  the  inner  flow  path  is  a  double -walled  structure 
cooled  by  compressor  bleed  air  supplied  through  the  exit  guide  vanes. 

The  outer  of  the  two  walls  is  perforated. 

The  fuel  spray  bar  system,  fabricated  from  Hastelloy  X,  consists  of 
45  spray  bars,  each  located  directly  behind  a  turbine  exit  guide  vane. 

The  spray  bars  are  supported  by  tne  vanes  and  cooled  by  air  supplied 
by  the  vanes  to  a  temperature  low  enough  to  preclude  fuel  coking  during 
lighting,  shutdown,  and  low  fuel  flows.  Flatneholding  is  provided  by 
the  combined  vane  and  spray  bar  structure.  Fuel  is  supplied  by  the  main 
fuel  pump  and  catalytic  igniters  provide  continuous  ignition. 

The  outer  liner  is  in  two  sections,  both  fabricated  from  Hastelloy  X 
and  cooled  by  a  mixture  of  turbine  case  cooling  air  -nd  compressor 
bleed  air.  The  front  section  is  bolted  to  the  turbine  outer  case  and 
supports  the  second- stage  turbine  blade  tip  ueal,  the  exit  guide  vanes, 
and  the  fuel  baffle  perforated  li>"er.  Holes  in  the  lerward  end  of  the 
liner  introduce  the  cooling  air  flow  into  the  afterburner  cooling  mani¬ 
fold.  The  rear  outer  liner  is  flexibly  supported  from  24  brackets  on 
the  inside  of  the  outer  case  to  permit  thermal  expansion.  The  rear  liner 
is  fabricated  from  perforated  sheet  metal  and  is  convoluted  to  provide 
resistance  to  buvklir.g. 

C.  AERODYNAMIC  TURBOFAN  STUDIES  -  STF  21  9 
1.  GENERAL  DESCRIPTION 

The  STF219  turhofan  engine  is  a  two-spool  engine  with  an  optimum  over¬ 
all  cycle  pressure  ratio  of  11.88:1  at  sea -level  take-off  conditions.  The 
low-speed  spool  consists  of  a  two-stage  fan  producing  a  2.7:1  pressure 
ratio  and  a  two-stage  turbine.  The  high-speed  spool  consists  of  a  five - 
stage  constant  mean  diameter  compressor  producing  a  4.4:1  pressure 
ratio  and  a  single-stage  turbine. The  engine  is  shown  m  Figures  2-23  and  2-24. 

\t  sca-level  take-off  conditions,  the  fan  discharge  air  is  divided  between 
the  engine  and  the  bypass  duct  such  that  thirty  per  cent  more  air  passes 
through  the  duct  than  through  the  engine.  The  air  that  enters  the  engine 
is  compressed  in  the  high-pressure  compressor,  heated  in  the  combustion 
chamber,  and  expanded  through  the  turbine.  The  air  that  is  bypassed 
through  the  ducts  flows  through  a  uiffuser  and  into  the  duct  heater.  Dur¬ 
ing  certain  portions  of  the  flight,  the  duct  air  is  heated  in  the  duct  heater 
to  provide  additional  thrust  before  being  exhausted  through  a  variable- 
area  discharge  nozzle. 
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For  subsonic  commercial  aircraft  applications.  Pratt  &  Whitney  Aircraft 
has  successfully  met  powerplant  growth  requirement*  hy  converting 
existing  turbojet  engines  to  turbofan  engines  by  replacing  several  of 
the  low-pressure-compressor  stages  with  the  number  of  fan  stages  re¬ 
quired  to  produce  the  desired  fan  pressure  ratios.  The  JT3D-1,  the 
TF33P-7,  and  the  JT8D-1  turbofan  engines  were  all  developed  by  this 
procedure.  In  each  of  these  engines,  many  of  the  components  were 
common  to  both  the  turbojet  and  turbotan  engines,  and  commercial  op¬ 
erators  were  assured  of  a  continuity  ot  proven  hardware.  However, 
the  SST  powerplant  must  provide  drastic  improvements  in  specific  en¬ 
gine  weight,  increased  flexibility  m  the  stage  matching  between  the  fan 
and  the  engine  compressor,  and  a  capabihtv  of  operating  with  a  higher 
turbine  inlet  temperature  if  it  is  to  meet  the  mission  requirements.. 

It  is  not  believed  that  satisfactory  results  will  be  obtained  by  converting 
an  existing  turbojet  engine  into  a  turbolan  engine. 

The  STF  219  engine  was  designed  to  meet  the  .-specific  mission  require¬ 
ments.  Unlike  the  J1  11F-11,  -12  engine,  the  fan  is  not  integrally  attached 
to  the  compressor  shaft.  B\  separating  the  fan  trom  the  compressor,  the 
fan  can  operate  at  a  lower  rotational  speed  to  provide  better  matching 
as  well  as  a  lighter,  more  versatile  engine.  Additional  weight  reduction 
is  achieved  by  overhanging  the  fan  stages  and  eliminating  the  inlet 
guide  vanes  and  the  associated  anti-icing  apparatus. 

2 .  FAN 


r 
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A  cross-sectional  view  of  the  fan  and  compressor  stage  of  the  STF  219 
is  shown  in  Figure  2-25.  The  significant  objectives  and  design  para¬ 
meters  for  the  STF  219  tan  are  presented  below. 


Number  of  Stages  l 

Pressure  Ratio  2.7C 

Corrected  Airflow  (Ib/sec)  600 

Rotational  Speed  (rpm)  6)po 

By-Pass  Ratio  1.30 

Corrected  Inlet  Tip  Speed 
(ft/sec)  1400 

Inlet  Hub-Tip  Ratio  0.400 

Discharge  Mach  Number  0  4^0 


Rotor  Maximum  Relative  Mach 
Number 

Corrected  Weight  Flow  Per  Unit 
Annulus  Area  (Ib/sec/ft^) 
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The  requirement  for  sufficient  surge  margin  to  ersure  surge-free  com¬ 
pressor  operation  was  considered  in  the  fan  design.  The  pressure  ratio 
available  from  the  operating  line  to  the  stall  line  was  selected  to  pro¬ 
vide  an  adequate  stall  margin  in  the  presence  of  inlet  distortion  and 
surge-free  operation  will  result  providing  the  distortion  at  the  fan  inlet 
does  not  exceed  the  limits  specified  in  the  model  specifications  pre¬ 
sented  in  Item  3.  The  surge  margin  for  the  STF  219  engine  at  sea- 
level  take-off  conditions  is  8  per  cent  as  compared  with  16  per  cent  for 
the  JT11F-11,  -12  engine"'  The  reduced  margin  was  made  possible 
because  recent  duct  heater  rig  test  data  indicates  that  satisfactory 
lights  can  be  obtained  with  much  lower  fuel-to-air  ratios  than  anticipated. 
Less  surge  margin  would  improve  the  steady-state  engine  performance, 
but  would  degrade  the  transient  performance.  Providing  a  larger  stall 
margin  would  degrade  the  steady -state  performance.  The  effect  of  inlet 
distortion  on  the  engine  performance  is  discussed  in  the  section  entitled 
Inlet-Engine  Compatibility  in  Item  14,  Provisions  must  also  be  made 
to  ensure  stable  fan  operation  during  reverse  thrust  operation  and  duct 
heater  ignition.  A  predicted  performance  map  for  the  STF219  engine 
is  shown  in  Figure  2-26. 

The  fan  pressure  ratio  is  2.70  as  compared  with  2. 50  for  the  JTl  IF-  1  1 , 
-12  engine.  Both  fan  stages  provide  approximately  equal  pressure 
ratios.  Use  of  a  higher  pressure  ratio  produces  a  smaller  fan  duct 
diameter  and  a  reduction  in  the  over-all  engine  weight.  Further  in¬ 
crease  in  the  fan  pressure  ratio  would  provide  a  still  smaller  duct 
diameter  and  lower  engine  weight,  but  the  technical  uncertainties  in¬ 
volved  are  not  justified  by  the  present  state  c.'  the  art. 

Transonic  straight  entry  type  airfoils  are  used  for  the  fan.  Titanium 
is  used  for  the  blades  to  permit  high  rotational  speed  to  be  used  with¬ 
out  exceeding  the  safe  centrifugal  stress  limits.  The  fan  blades  are 
shrouded  similar  to  other  Pratt  &  Whitney  Aircraft  fans  to  ensure  the 
aerodynamical  and  mechanical  integrity  of  the  blades.  The  shrouds 
do  incur  a  small  performance  loss,  but  the  alternative  of  increasing 
the  chord  size  or  the  hub- to- tip  diameter  ratio  would  result  in  an  ex¬ 
cessive  increase  in  weight.  The  stators  ha.'e  airfoils  generated  on  a 
circular  arc  mean  camberline  with  a  65  series  thickness  distribution. 

• 

No  inlet  guide  vanes  are  used  for  this  fan  and  the  first  stator  provides 
the  front  bearing  support.  This  design  requires  a  large  stator  chord, 
but  the  weight  involved  is  more  than  offset  by  the  weight  savings  realized 
by  the  exclusion  of  the  inlet  guide  vane  assembly  and  the  associated 
anti-icing  system.  The  design  produces  an  additional  weight  reduction 
by  requiring  a  shorter  low-speed  shaft. 
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Elimination  of  the  inlet  guide  vanes  results  in  a  high  relative  Much 
number  ai  the  tips  of  the  first -Mage  fan  blades.  The  losses  int  r<  Juceii. 
however,  are  partially  offset  by  the  elimination  01  the  acred-  namic 
iosses  oi  the  inlet  guide  vanes.  Considerable  tcutirg  1ms  oetn  c<-mlucte( 
at  Pratt  &  Whitney  Aircraii  to  veriiv  the  feasibility  of  operating  l.ib 
Mlhout  inlet  tiuidc  vanes,  includin',  testing  ir.  a  supersonic  cascauo-  tenru  1 
at  Miu  vumoe-s  abfie  •-  ou.  fnese  tests  are  described  under  Item  4 
of  tni»:  report.  j\-  snown  in  Figure  2-27.  the  S  FF  219  fan  :s  well  within 
the  documented  range  tor  current  tan  testing. 

Tl  fan  wheel  speed  tor  the  STF  219  engine  is  lower  than  that  tor  the 
;i'l  IF- 11,  -12,and  therefore  the  relative  fan  tip  Mach  number  .s  also 
lower  (1.47  ‘or  the  SI'F-219  vs  1 .-  60  for  the  J  I  1  1  F- 1 1 ,  -12).  However, 
as  shown  in  Figure  2-28,  the  fan  root  exit  wheel  speed  is  greater  than 
that  of  the  TS-4  stage  described  m  Volume  E.VI-10  of  the  Phase  I  fit  al 
report,  although  both  stages  produce  the  same  pressure  ratio. 

Figure  2-29  shows  the  fan  surge  pressure  ratio  requirements  for  the 
STF219  engine  together  with  tnose  for  the  JUlF-ll,  -1-  and  several 
demonstrated  production  fa  vs.  The  fan  discharge  Mach  number  for  the 
STF  2 1  9  engine  is  higher  that.  ; hat  lor  the  J  T  l  1  F  -  1  1 ,  -  1 2  lan  (0 , 49  vs 
0.  16)  to  produce  lower  aerodynamic  loading  on  the  second-stage  blades 
and  vanes  The  air  triangles  tor  the  STF-  *19  and  JT11F-11,  -12  engines 
are  presented  in  Figure  2-30. 

3.  HIGH-PRESSURE.  COMPRESSOR 

The  high-pressure  compressor  is  designed  to  operate  behind  the  2.7:1 
pressure  ratio  fan  and  produce  a  4.4:1  pressure  ratio  so  that  the  over¬ 
all  cycle  pressure  ratio  is  11.8  8:1. 

Other  characteristics  of  the  compressor  are  presented  below: 


Number  of  Stages  5 

Engine  Compressor  Pressure 
Ratio  4,4 

Corrected  Weight  Flow  Per  Unit 
Annulus  Area  (lb/sec/it“)  39.0 

Rotational  Speed  (rpm)  8250 

Corrected  Inlet  Tip  Speed 
(ft/sec)  1122 

Exit  Velocity  (ft/ sec )  600 

Inlet  Hub-T ip  Ratio  0.  77S 
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The  compressor  has  a  constant  mean  diameter  to  reduce  the  possibility 
of  flow  separation  resulting  from  the  3 lope  of  the  walls  and  to  reduce 
the  possibility  of  the  blades  rubbing  the  cases  when  deflected.  Use  of 
a  constant  mean  diameter  compressor  also  permits  the  compressor 
discharge  mean  diameter  to  align  with  the  optimum  burner  diameter. 

Studies  were  performed  to  determine  if  a  weight  savings  could  be 
realized  by  not  using  a  constant  mean  diameter.  The  studies  indicated 
that  the  weight  savings  were  negligible  and  did  not  justify  the  additional 
complications  of  ducting  the  compressor  discharge  air  to  the  burner 
inlet. 

A  starting  bleed  is  not  required  for  the  STF  219  engine  since  only 
the  high-pressure  compressor  is  driven  during  starting  whereas  with 
the  JT11F-11,  -12  engine,  both  the  fan  and  the  compressor  were  driven 
during  starting  with  an  airflow  5.5  times  greater  than  that  of  the  STF- 
219  compressor.  In  addition,  theJTllF-11,  -12  engine  had  a  more 
severe  stage  mismatch  at  idle  as  a  result  of  its  single  rotor  system. 

The  elimination  of  the  interstage  bleed  system  provides  a  lighter  engine 
with  higher  reliability,  less  complexity,  and  easier  maintenance. 

To  provide  a  pressure  ratio  of  4.4:1  in  five  stages  requires  transonic 
blading  in  the  early  stages  and  high  subsonic  cascades  in  the  iater  stage.; 
The  performance  map  for  the  high-pressure  compressor  is  shown  in 
Figure  2-31 . 

Test  results  obtained  to  date  (see  Item  4  of  this  report)  with  the  five- 
stage  SST  compressor  rig  have  demonstrated  a  surge  line  which  is 
above  the  engine  operating  line  at  all  required  flight  conditions. 

In  the  STF  219  engine,  airflow  from  the  fan  is  accelerated  from  615 
ft/sec  to  741  ft/sec  as  it  passes  through  the  intermediate  case.  This 
speed  is  maintained  through  the  first  high-pressure  compressor  stage, 
after  which  it  is  reduced  by  approximately  35  ft/sec  in  each  stage, 
resulting  in  a  compressor  exit  velocity  of  600  ft/sec.  In  the  JTJ1F-11, 

-12  engine#the  compressor  inlet  velocity  was  670  ft/sec  and  the  discharge 
velocity  from  the  high-pressure  compressor  was  540  fl/sec.  Consequently, 
although  the  non-dimensional  loading  coefficients  of  the  two  engines  are 
similar,  the  higher  axial  velocity  in  the  STF  219  compressor  results  in 
a  higher  inlet  tip  wheel  speed  and  a  higher  over-all  pressure  ratio  (4.4 
vs  3.8) « 

The  feasibility  of  compressor  designs  incorporating  multiple  transonic 
stages  to  achieve  high  compression  ratios  in  a  limited  number  of  stages 
has  been  demonstrated  through  testing.  Pressure  ratios  and  tip  speeds 
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for  some  representative  compressors  are  shown  below. 


Pressure 

Tip  Speed 

Ratio 

(ft/sec) 

NACA  5  -Stage  Compressor 

4.91 

ilOO 

5  Stages  of  NACA  8 -Stage  Compressor 

3.80 

1167 

5  Stages  of  J52  Low  Pressure  Compressor 

3.80 

1200 

5  Stages  of  Light  Weight  Gas  Generator 

4.3 

1140 

STF-219  High-Pressure  Compressor 

4.4 

1122 

The  velocity  triangles  for  the  STF-219  and  JT11F-H,  -12  compressors 
are  shown  in  Figure  2-32. 

4.  MAIN  BURNER 

The  STF  219  engine  has  been  designed  to  operate  with  a  turbine  inlet 
temperature  of  2200 *F  during  cruise  and  of  2  300*F  from  take-off  through 
the  transonic  acceleration.  Consequently,  the  main  burner  must  provide 
a  temperature  rise  250*F  greater  than  that  of  the  main  burners  for  the 
JT11F  engines.;  In  addition  to  providing  a  larger  temperature  rise  than 
current  burners,  the  STF  219  burner  must  produce  a  uniform 
temperature  profile  to  prevent  hot  spots  whien  would  seriously 
damage  the  turbine.  Consequently,  an  advanced  ram-induction  annular 
burner  designed  by  Pratt  &  Whitney  Aircraft  will  be  used  in  the  STF  219 
engine.  A  discussion  of  the  construction,  method  of  operation,  cooling 
requirements,  and  design  test  verification  is  included  in  the  discussion 
of  the  turbojet  engines.  Section  A-3,  of  this  item.  The  characteristics 
of  the  burner,  together  with  those  of  the  burner  for  the  JT  1  1  F—  1 1 ,  -12 
engine,  are  presented  in  Figure  2-33  for  sea-level  take-off  conditions. 

An  annular  louvered  burner  has  been  designed  and  tested  to  provide  an 
alternative  to  the  ram-induction  burner.  The  louvered  burner  utilizes  the 
same  design  criteria  as  the  louvered  annular  combustor  being  tested 
successfully  in  the  STF  200  demonstrator  engine. 

5,  DUCT  HEATER 

a.  Current  Design 

Thrust  augmentation  for  the  STF  219  engine  is  provided  by  a  combustion 
system  in  the  fan.  duct..  This  ,!duct  heater’’  extends  rearward  from  the 
fan  exit  plane  and  includes  a  cascade  diiluser,  a  fuel  system  and  aero¬ 
dynamic  flameholder,  and  a  variable-area  exit  nozzle. 
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The  diffuser  consists  of  two  annular  cascades  which  reduce  the  fan  exit 
velocity  to  the  level  required  for  stable,  efficient  burning  in  the  duct 
heater.  The  first  cascade  consists  of  four  concentric  rings  of  airfoils 
which  are  designed  in  accordance  with  the  NACA  <  66  series  and  are 
9  per  cent  thick  with  a  60®  camber.  Diffusion  is  accomplished  in  each 
of  the  cascades  and  in  the  duct  between  the  cascades.  This  type  of 
diffuser  is  60  to  60  per  cent  shorter  than  a  conventional  st raight -wall 
annular  diffuser  and  produces  essentially  the  same  performance.  Tests 
have  been  conducted  to  verify  the  diffuser  design.  The  tests  demonstrated 
that  the  offset  cascade  diffuser  provides  a  total  pressure  exit  profile 
which  is  much  flatter  radially  than  that  produced  by  the  conventional 
straight-wall  annular  diffuser,  and  hence  is  ideal  for  combustion.  These 
teats  demonstrated  pressure  losses  somewhat  higher  than  the  design 
performance  goal,  but  flat  plate  blades  were  used  rather  than  airfoils, 
and  it  is  expected  that  with  airfoils  the  performance  will  meet  the  goals. 

The  combustion  length  for  the  STF  219  duct  heater  is  60  inches,  which 
is  10  inches  shorter  than  that  for  the  JT11F-11,  -12.  The  chamber  was 
sized  to  provide  a  maximum  Mach  number  (cold)  of  0.176  throughout  the 
normal  flight  spectrum  to  ensure  that  the  required  efliciency  will  be  ob¬ 
tained.  The  combustion  section  is  about  the  same  volume  as  that  cf  the 
JT11F-11,  -12,  however,  and  therefore  the  combustion  mixture  resi¬ 
dence  time  and  the  resulting  performance  should  b»*  equivalent.. 

The  jet  flameholder  is  composed  of  both  circumferential  and  radial 
elements.  The  resulting  cross  configuration  provides  a  system  of  inter¬ 
acting  flame  fronts  formed  by  short  rows  of  holes  aligned  at  right  angles 
to  each  other.  Tests  have  indicated  that  a  wide  range  of  augmentation 
levels  can  be  achieved.  Fuel  is  injected  by  a  system  external  to  the 
flameholder.  In  addition  to  providing  more  uniform  fuel  distribution, 
the  external  spray  bars  also  provide  a  more  uniform  distribution  of  fuel 
droplet  size  and  a  simpler  fuel  pumping  system  Mnce  the  fuel  can  be  fed 
from  the  outer  duct  case  rather  than  being  carried  across  the  duct  and 
fed  from  between  the  engine  outer  case  and  the  duct  inner  liner.  Bleed 
air  for  the  flameholder  is  supplied  from  the  compressor,  Earlier 
systems  mixed  hot  combustion  gases  with  the  compressor  bleed  air  to 
raise  the  temperature,  but  recent  tests  have  indicated  that  the  increase 
produced  a  negligible  effect  on  the  combustion  efficiency  and  stability, 
and  the  simpler  system  is  desirable. 

The  design  of  the  duct  heater  provided  for  "soft"  lighting.  This  ensures 
that  the  fan  will  not  surge.  Since  severe  and  rapid  increases  in  back 
pressure  could  cause  fan  surge  and  inlet  disturbances,  the  duct  nozzle 
vaa  designed  to  open  just  prior  to  ignition. 
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This  shifts  the  fan  operating  point  away  from  the  surge  limit  avoiding 
unacceptable  back  pressure  increases  which  result  from  the  inability 
of  the  duct  nozzle  and  rotor  speed  'co  compensate  rapidly  enough  for  the 
sudden  temperature  rise  produced  by  lighting  Studies  have  indicated 
tnat  increasing  the  nozzle  area  by  9  per  cent  produces  adequate  pro¬ 
tection.  The  increased  duct  flow  produced  decreases  the  fuel-to-air 
ratio,  but  studies  have  shown  th<»t  the  flow  is  still  within  the  ignition 
.units,  ann,  in  fact  the  lowered  efficiency  produced  reduces  the  tem- 
-.erature  rise  and  the  consequent  back  pressure  pulse. 


•; .-ilterna te  Duct  Heater  Design 

,tn  alternate  duct  heater  lor  the  STF  219  engine  has  been  designed. 

The  system  uses  a  ram  induction  burner  for  primary  augmentation  to 
provide  stable  and  efficient  combustion.:  Secondary  augmentation  is 
provided  b\  a  conventional  afterburner.  A  cross  -  section  of  the  alter¬ 
nate  duct  heater  is  shown  in  Figure  2-14.  The  use  of  a  ram-induction 
primary  burner  and  an  afterburner  for  secondary  augmentation  produces 
a  system  with  the  potential  of  very  high  efficiency.  The  ram  induction 
burner  provides  ease  of  ignition,  long  igniter  life,  wide  lean  and  rich 
blow-out  limits,  and  combustion  efficiencies  in  excess  of  95  per  cent 
for  fuel-to-air  ratios  up  to  0.026.  The  secondary  zone  provides  the 
capability  of  local  high  heat  release  rates  with  combustion  efficiencies 
in  excess  cl  90  per  cent  for  zone  2  fuel-to-air  ratios  between  0.020  and 
0.038  The  afterburner  section  includes  variable-area  spraybars  with 
mixing  devices  (vortex  generators)  on  the  duct  walls.  The  high  velocity 
of  air  around  the  spraybar  increases  fuel  break-up,  atomisation,  and 
air-fuel  mixing..  The  estimated  performance  of  the  duct  heater  is 
shown  below. 


W. 


t3 


Sea  -  Level 
Take-Off 


Mach  1.2  at 

45 , 000  Feet 


Mach  3.0  at 
66,000  Feet 


Pt3 

229 

228 

22  3 

Diffuser  Loss  {%) 

2 

2 

2 

Burner  Cold  Loss  (%) 

4.2 

4.2 

4.  12 

Hot  Momentum  l  oss  (%) 

4.  4 

5.0 

1.5 

Total  Hot  Loss  (%) 

10.6 

1  1.2 

8.62 

Over-AU  f  uel-to-Air  Ratio 

0.053 

0.054 

0.02! 

Over-All  Efficiency  (%) 

93.  8 

93.0 

97.  8 
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6.  TURBINE 
a.  Introduction 

A  three- stage  turbine  with  a  single  high-pressure  stage  and  two  low- 
pressure  stages  was  selected  for  the  STF219  engine.  The  flow  path  is 
snown  in  Figure  2-35. 

Extensive  mission  analysis  studies  have  indicated  the  desirability  of  high 
operating  temperatures  for  good  performance.  Consequently,  a  turbine 
inlet  temperature  of  2300°F  has  been  selected  for  sea  level  take-off  and 
acceleration,  and  2200®F  has  been  selected  for  cruise.  These  high 
operating  gas  temperatures  require  that  the  first-  and  second-stage 
nozzle  vanes  and  the  first-stage  blades  be  air  cooled  to  provide  adequate 
life.  To  reduce  centrifugal  blade  stresses  to  desirable  levels,  blade 
tip  shrouds  have  been  removed  from  the  first  two  stages.  Extended 
roots  and  platform  dampers  have  been  incorporated  to  minimize  vibra¬ 
tion.  High-aspect-ratio  blading  has  been  incorporated  to  produce  a 
lightweight  rotor. 

The  turbine  efficiency  requirements  were  determined  through 
installed  engine  performance  and  weight  optimization  studies.  These 
studies  indicated  that  tne  best  performance  would  be  obtained  through 
a  proper  balance  between  turbine  weight  and  efficiency  rather  than  by 
designing  strictly  for  high  efficiency.  The  resulting  system  has  a  com¬ 
bined  efficiency  of  88.  1  per  cent,  which  compares  favorably  with  the 
efficiency  of  lower  temperature  engines  as  shown  below. 


Number  of 
High  Pressure 

_ g«*fi.e_?.  .  ,  . 


JT3  1 

JT4  1 

STF219  1 

b.  Cycle  Optimization 


Number  of 
Low  Pressure 
Stages _ 

7 

1 

2 


T  urbine 
Efficiency 
(Per  Cent) 

88.  I 
88.4 
88.  1 


The  engine  was  designed  to  provide  the  maximum  installed  performance. 
A  particularly  significant  factor  is  the  engine  diameter,  which  has  a  very- 
strong  influence  on  the  installed  engine  weight  and  drag.  One  method  of 
reducing  the  engine  diameter  is  to  increase  the  fan  pressure  ratio.  A 
higher  fan  pressure  ratio  produces  a  higher  duct  flow  density  thereby 
requiring  a  smaller  duct  area.  Put  the  higher  fan  pressure  ratio  also 
reduces  the  pressure  ratio  required  to  be  produced  by  tin*  high  pressure 
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compressor  and  consequently  the  work  required  by  the  high  pressure 
turbine.  The  final  result  is  a  decrease  in  the  diameter  of  the  high  pres¬ 
sure  turbine  provided  the  same  velocity  ratio  is  maintained.  However, 
in  order  to  increase  the  fan  pressure  ratio,  the  work  required  from  the 
low  pressure  turbine  is  increased.  If  the  increase  is  acquired  by  the 
addition  of  a  second  stage  to  the  low  pressure  turbine,  a  diameter  re¬ 
duction  can  be  realized  and  the  two- stage  turbine  weighs  very  little  more 
than  the  iarger-diameter  single  stage  turbine.  Consequently  cycle 
optimization  indicated  the  desirability  of  a  two- stage  low  pressure  tur¬ 
bine.  The  interrelationships  of  the  factors  involved  are  shown  in 
Figure  2- 36. 

c.  Velocity  Ratio- Efficiency  Relationships 

The  turbine  velocity  ratio  is  a  fundamental  turbine  performance  para¬ 
meter  relating  the  available  turbine  work  to  the  wheel  speed  through  the 
expression: 

I 

Velocity  Ratio 


Where:  CJ  =  wheel  speed  (ft/ sec) 

Ah  =  energy  extracted  (BTU/ib) 
g  -  gravitational  acceleration  constant  (ft/sec/sec) 
J  =  Joule's  constant  (ft-lb/BTU) 


A  high  velocity  ratio  usually  indicates  a  low  level  of  energy  extraction 
which  implies  too  heavy  a  turbine.  However,  two  factors  must  be  con¬ 
sidered  before  a  judgement  is  made.  The  first  of  these  involves  the 
relationship  between  the  velocity  ratio  and  turbine  compactness.  If  the 
turbine  diameter  controls  the  over-all  engine  pod  diameter,  then  it  is 
desirable  to  reduce  the  design  velocity  ratio.  If  the  rotor  speed  is  held 
constant,  the  turbine  weight  is  increased  a  small  amount,  but  the  over¬ 
all  engine  weight  is  significantly  reduced.  The  second  factor  concerns 
the  effect  of  rotor  speed  on  velocity  ratio  and  weight.  Turbine  blade 
stresses  and  rotor  weights  are  proportional  to  the  square  of  the  rotor 
speed,  and  the  velocity  ratio  is  proportional  to  the  rotor  speed  for  a 
given  v/ork  level.  Reducing  the  turbine  rotor  speed  reduces  the  turbine 
weight,  but  also  reduces  die  compressor  capability  requiring  the  addi¬ 
tion  of  more  compressor  stages.  Consequently,  there  is  an  optimum 
rotor  speed  for  the  best  rotor  weight.  However,  reducing  the  velocity 
ratio  also  reduces  the  efficiency  since  higher  blade  turning  angles  must 
be  used  and  because  the  higher  relative  velocities  increase  the  blade 
friction  losses.  It  is  evident,  therefore,  that  the  turbine  must  be  de¬ 
signed  to  provide  the  best  combination  of  efficiency,  weight,  and  size.  - 
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d.  High- Pressure  Turbine 

Since  the  high  pressure  compressor  requires  a  relatively  high  rotational 
speed,  sufficient  speed  is  available  for  a  single-stage  turbine  to  deliver 
the  109  BTU/lb  required.  The  velocity  ratio  at  the  mean  diameter  for 
this  turbine  is  0.482  which  is  lower  than  the  values  for  some  existing 
military  engines  and  implies  a  high  level  of  stage  loading  and  a  certain 
efficiency  penalty. 


Turbine  Mean  Velocity  Ratio 

JT  3D- 1  JT8D- 1  JT 4  STF219 

High  Pressure  Turbine  0.840  0.812  0,823  0.482 

Low  Pressure  Turbine  0.888  0.607  0,870  0,  800 

However,  the  lower  velocity  ratio  provides  the  lower  centrifugal  blaue 
stresses  required  for  satisfactory  operation  in  the  high  temperature 
environment.  The  resulting  efficiency  of  the  high  pressure  turbine  u*. 

87.  3  per  cent,  as  shown  in  Figure  2-37, 

An  exit  Mach  number  of  0.  82  was  selected.  As  shown  below,  this  is  sub¬ 
stantially  higher  than  the  exit  velocity  of  engines  operating  at  lower  tem¬ 
peratures. 


Turbine  Exit  Mach  Number 


JT  3D-  1 

JT8D-  1 

JT  4 

STF2i9 

High-Pressui  e  Turbine 

0.  360 

0.  355 

0.  452 

0.  520 

Low-Pressure  Turbine 

0.  41  7 

0.412 

0.  498 

0.  570 

The  higher  velocity  is  required,  however,  since  the  annulus  height  must 
be  reduced  in  order  to  reduce  the  centrifugal  stresses.  For  the  STF219 
engine,  the  first  stage  blades  are  4.  3  inches  high  and  are  -objected  to 
a  centrifugal  root  stress  of  29,800  psi. 

The  predicted  performance  of  the  high-pressure  turbine  is  shown  in 
Figures  2-38  and  2-39. 

e.  Low-Pressure  Turbine 


Analytical  design  studies  established  that  a  two-stage  low-pressure  turbine 
would  be  required  to  meet  the  performance  and  weight  requirements. 

The  design  mean  velocity  ratio  is  0.50  and  the  turbine  exit  Mach  number 
v 
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is  0.57.  Although  the  stage  loading  and  Mach  numbers  are  relatively 
high  for  a  low-pressure  turbine,  the  studies  indicated  that  the  weight 
savings  and  reduced  centrifugal  stresses  justified  the  high  values. 

The  over-all  low-pressure  turbine  performance  and  the  inlet  flow  para¬ 
meter  a  k  function  of  the  turbine  pressure  ratio  are  shown  in  Figures 
2-40  and  2-41. 

♦ 

Additional  studies  were  conducted  to  ensure  that  the  optimum  design 
had  been  obtained.  Consideration  was  given  to  three  designs  employing 
a  single-stage  low-pressure  turbine.  The  diameter,  rotor  speed,  and 
work  extraction  were  maintained  at  the  values  for  the  two-stage  turbine. 
The  result  was  a  weight  reduction  of  250  lb  in  the  turbine.  However, 
the  mean  velocity  ratio  was  reduced  40  per  cent  and  incurred  an  efficiency 
penalty  of  8  percentage  points  in  the  turbine.  To  maintain  the  required 
thrust  kevel,  the  entire  engine  would  need  to  be  scaled  up  in  size,  and 
to  maintain  the  range  with  the  higher  specific  fuel  consumption,  additional 
fuel  would  be  required.  The  net  effect  was  an  increase  in  the  aircraft 
take-off  weight  of  870  lb  per  engine. 

This  trend  suggested  that  a  three- stage  turbine  might  provide  better 
results  than  the  two- stage  turbine.  The  analysis  indicated  that  a  slight 
gain  in  efficiency  could  be  achieved,  but  that  no  net  reduction  in  aircraft 
take-off  weight  would  be  obtained.  The  results  of  the  single-  and  three- 
stage  turbine  analyses- are  summarized  below. 


Single-Stage 


Two-Stage  Three-Stage 


Over-all  Efficiency  84.  1 

Turbine  Weight  Change  (lb)  -250 

Engine  Scaling  Weight  Change  (lb)  +280 

Fuel  Load  Weight  Change  (lb)  +840 

Net  Take-Off  Weight  Change  (lb)  f870 


89.0 

+250 

-62 

-188 

0 


Also  considered  were  the  effects  of  increasing  the  turbine  diameter  and 
rotational  speed  since  restricting  these  parameters  results  in  a  per¬ 
formance  loss  requiring  additional  fuel  and  an  increased  engine  size. 
Increasing  the  diameter  of  the  low-pressure  turbine  required  a  com¬ 
parable  increase  in  the  high-pressure  turbine  and  also  enlargement  of 
the  duct  heater.  These  changes  negate  the  advantages  achieved  by 
raising  the  fan  pressure  ratio,  and,  as  shown  in  Figure  2-42,  even  with 
an  increase  of  12  per  cent,  the  aircraft  take-off  weight  with  a  one-stage 
turbine  is  not  reduced  to  that  for  a  two- stage  turbine.  Increasing  the 
rotor  speed  would  lower  the  fan  performance.  In  addition,  excessive 
centrifugal  stress  levels  would  be  developed,  which  would  aggravate  an 
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already  difficult  cooling  problem.  But  even  if  solutions  were  found  for 
these  problems,  Figure  2-43  indicates  that  increasing  the  speed  of  a 
single  stage  v  ould  not  reduce  the  aircraft  take-off  weight  to  the  level 
obtained  using  the  two- stage  low  pressure  turbine. 


f.  Blade  Solidity 

The  stage  loading  requirements  were  established  with  the  selection  of 
the  velocity  ratio,  diameter,  and  rotor  speeds  on  the  basis  of  over-all 
engine  performance.  It  remains,  however,  to  determine  the  individual 
airfoil  loading.  Excessive  loading  results  in  flow  separation  and  poor 
performance.  Light  loading  results  in  an  unnecessarily  heavy  turbine 
with  poor  efficiency.  In  addition,  the  increased  number  of  blades  pre¬ 
sents  more  complicated  cooling  requirements.  At  Pratt  &  Whitney 
Aircraft,  the  Zweifel  load  coefficient  is  used  to  judge  the  severity  cf 
airfoil  loading.  High  values  of  the  load  coefficient  imply  low  blade 
solidity  and  therefore  low  turbine  weight.  For  the  STF219  engine,  the 
requirements  dictate  that  an  increase  in  the  design  load  coefficient  be 
higher  than  in  previous  commercial  engines.  Studies  were  conducted 
to  verify  that  higher  values  were  permissible.  Maximum  wall  pressure 
rise  (  A  P/Q)  was  carefully  controlled  to  prevent  separation.  The  load 
coefficients  for  the  STF2  19  engine  and  representative  commercial 
engines  are  presented  below. 


Average  Airfoil  Loading  Coefficients 


JT  3D- 1  JT8D-1  JT4  STF219 


Vane 

Blade 

Vane 

Blade 

Vane 

Blade 

Vane 

Blade 

Stage  1 

0.482 

0.977 

0.464 

0.  935 

0.  525 

0.955 

0.  5 

1.0 

Stage  2 

0.  630 

0.  944 

0.  766 

0.  Q85 

0.825 

0.  712 

0.9 

1.0 

Stage  3 

0.775 

0.  945 

0.837 

0.898 

0.  738 

0.  963 

0.  9 

1.0 

Stage  4 

0.  701 

0.898 

0.  793 

0. 8  1 6 

D.  MECHANICAL 

TURBOFAN  STUDIES  - 

STF219 

1.  FAN  AND  COMPRESSORS 


a.  General  Description 

The  STF219  engine  includes  a  two- stage  fan  and  a  live- stage  axial  flow 
high-pressure  compressor  (see  Figure  2-25).  Air  flows  into  the  fan 
from  the  mlet  and  is  subsequently  split  into  two  streams,  one  which 
flows  through  the  high-pressure  compressor,  and  one  which  passes  into 
the  discharge  ducting.  The  main  portion  of  the  air  centering  the  high- 
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already  difficult  cooling  problem.  But  even  if  solutions  were  found  for 
these  problems.  Figure  2-4  3  indicates  that  increasing  the  speed  of  a 
single  stage  v  ould  not  reduce  the  aircraft  tike-off  weight  to  the  level 
obtained  using  the  two- stage  low  pressure  turbine. 

f.  Blade  Solidity 

The  stage  loading  requirements  were  established  with  the  selection  of 
the  velocity  ratio,  diameter,  and  rotor  speeds  on  the  basis  of  over-all 
engine  performance.  It  remains,  however,  to  determine  the  individual 
airfoil  loading.  Excessive  loading  results  in  flow  separation  and  poor 
performance.  Light  loading  results  in  an  unnecessarily  heavy  turbine 
with  poor  efficiency.  In  addition,  the  increased  number  of  blades  pre¬ 
sents  more  complicated  cooling  requirements.  At  Pratt  &  Whitney 
Aircraft,  the  Zweifel  load  coefficient  is  used  to  judge  the  severity  of 
airfoil  leading.  High  values  of  the  load  coefficient  imply  low  blade 
solidity  and  therefore  low  turbine  weight.  For  the  STF219  engine,  the 
requirements  dictate  that  an  increase  in  the  design  load  coefficient  be 
higher  than  in  previous  commercial  engines.  Studies  were  conducted 
to  verify  that  higher  values  Acre  permissible.  Maximum  wall  pressur. 
rise  (  A  P/Ql  was  carefully  controlled  to  prevent  separation  The  load 
coefficients  for  the  STF2I9  engine  and  representative  commercial 
engines  are  presented  below. 

Average  Airfoil  Loading  Coefficients 


JT3D-1  JT8D- 1  JT4  STF2I9 


Vane 

Blade 

Vane 

Blade 

Vane 

Blade 

Vane 

Blade 

Stage  1 

0.482 

0.  977 

0,464 

0.  919 

0.  525 

0,  955 

0.  5 

1.0 

Stage  2 

0.  b80 

0.  944 

0,  766 

0.  9g9 

0.825 

0.  71  2 

0.  9 

1.0 

Stage  3 

0.  775 

0.  94o 

O.S37 

0.  898 

0.  738 

0.  963 

0.9 

1.0 

Stage  4 

0.  701 

0.  898 

0.  793 
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D.  MECHANICAL  TURBOFAN  STUD'ES  -  STF2I9 
1 .  f  AN  AND  COMPRESSORS 
a.  General  Description 

The  STF219  engine  i  eludes  a  two- stage  fan  and  a  five- stage  axial  flow 
high-pressure  compressor  (see  Figure  2-25).  Air  flows  into  the  ban 
from  the  inlet  and  >s  subsequently  split  into  two  streams,  one  which 
flows  thro  .gh  the  high-pressure  compressor,  and  one  which  passes  into 
the  discharge  ducting.  The  main  portion  of  the  air  entering  the  h.gh- 
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pressure  compressor  is  discharged  into  a  diffuser  and  subsequently 
into  the  burner,  A  portioii  of  the  air,  however,  is  hied  off  in  front  of  the 
fourth  stage  to  cool  the  compressor  disk  bores  and  the  turbine. 

The  fan  and  compressor  sections  are  separated  by  an  intermediate  sec¬ 
tion.  The  intermediate  section  supports  the  fan  and  compressor  sections, 
and  provides  space  and  support  for  the  Number  1  and  2  thrust  bearings, 
heatshields,  an  oil  scavenge  pump,  the  towershaft  and  associated  drive 
assemblies  for  the  accessory  gearbox,  power  take-off,  and  fan  rotor 
tachometer  pads.  The  outer  portion  of  the  intermediate  case  provides 
support  for  the  accessory  gear  boxes,  the  power  take-off  drive  pro¬ 
visions,  and  inflight  aerodynamic  brake  actuators. 

b.  Fan 

The  rotating  portion  of  the  fan  consists  of  two  stages,  a  fan  hub  sup¬ 
porting  both  fan  stages  overhung  from  a  single  thrust  bearing,  and  a 
coupling  bolt  to  fasten  the  fan  stages  to  the  low-speed  turbine  shaft. 
Blades,  disks,  and  hubs  ar;  all  made  of  titanium  alloy  (PWA- 1202). 

The  overhung  two  -stage  fan  design  is  based  on  a  similar  design  used 
successfully  in  the  Pratt  &  Whitney  Aircraft  STF200  engine. 

The  first-  and  second-stage  disks  are  separated  by  a  conical  flanged 
spacer  which  is  integral  with  the  second-stage  disk.  The  disks  and 
hub  are  fastened  together  at  the  first-stage  disk. 

The  first-  and  second- stage  fan  blades  have  dovetailed  roots  which 
are  inserted  into  conforming  slots  machined  into  the  disk  rim  to  con¬ 
strain  the  blades  radially.  A  tab  on  the  forward  side  of  the  blade  root 
prevents  the  blade  from  being  driven  rearward  by  the  impingement  of 
any  ingested  foreign  objects.  An  annular  ring  attached  to  each  disk  pre¬ 
vents  the  blades  from  moving  forward.  The  inner  wail  of  the  gas  flow- 
path  is  formed  by  adjacent  blade  root  platforms. 

Blade  vibration  is  cont  roiled  by  part -span  shrouds.  'I  he  shrouds  art- 
protrusions  integral  with  the  blades  which  are  linked  together  by  the 
contacting  bearing  surfaces  ol  adjacent  shrouds  when  the  blades  art- 
assembled  on  the  rotor  disks.  Vibrations  normal  to  the  plane  of  con¬ 
tact  are  resisted  by  the  mechanical  stiffness  of  adjacent  blades,  ar.d 
vibrations  parallel  to  the  contact  surface  are  dampened  by  frictional 
drag.  The  frictional  force  potential  is  provided  by  the  natural  untwist- 
;ng  tendency  of  the  twisted  airfoil  under  centrifugal  loading.  The  con¬ 
tact  areas  are  flame  plated  with  tungsten  carbide,  and  sufficient  bear¬ 
ing  area  is  provided  to  keep  friction  wear  to  acceptable  levels.  The 
airfoils  are  offset  forward  of  the  center  of  the  dovetail  attachment  so 
that  a  centrifugal  moment  is  induced  to  counteract  the  moment  caused 
by  the  gas  loading  and  to  ensure  optimum  uniform  attachment  loading. 
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The  first-  and  second- stage  disk  and  blade  assemblies  are  statically 
balanced  to  specified  limits  by  adding  balance  weights  to  flanges  on- the 
disks.  The  disks  are  then  dynamically  balanced  together  to  minimize 
rotor  vibration.  Suitable  fits  between  mating  parts  are  obtained  to  re¬ 
sist  separation  during  all  critical  steady- state  and  transient  operating 
conditions,  thereby  maintaining  alignment  and  concentricity  to  maintain 
the  dynamic  balance. 


Radial  loads  from  the  rotor  are  transmitted  to  the  Number  1  bearing 
through  the  fan  hub,  which  is  supported  by  the  thrust  bearing  and  has 
mating  splines  to  transmit  torque  loads  to  the  low- speed  turbine  drive 
shaft.  The  splines  are  forward  of  the  thrust  bearing  to  ensure  con¬ 
tinued  spline  engagement  and  prevent  serious  turbine  overspeeding 
should  a  major  failure  of  the  bearing  occur. 

A  positive  pressure  differential  is  maintained  across  the  front  bearing 
compartment  seal  to  prevent  the  possibility  of  oil  leakage  from  the 
compartment.  Pressurized  air  for  this  purpose  is  bled  from  behind 
the  second-stage  rotor,  channeled  up  the  side  of  the  intermediate  case, 
and  vented  through  holes  in  the  seal  ring  to  a  compartment  outside  of 
the  carbon  seal.  The  pressure  in  the  compartment  is  maintained  by  .a 
pair  of  knife-edge  seals  between  the  fan  rotor  hub  and  the  thrust  bearing 
support  structure.  An  additional  seal  is  located  on  the  roar  of  the 
second- stage  disk  to  reduce  the. thrust  loading  cr.  the  Number  i  bearing 
and  consequently  to  increase  the  bearing  life. 

One  interstage  seal  is  used  between  the  first  anc  second  fan  stages. 

The  seal  is  bolted  to  a  flange  on  the  integral  conical  spacer  os  the 
second- stage  disk  and  rotates  in  close  proximity  to  the  stator  seal 
ring.  The  clearance  between  the  seal  and  the  seal  ring  is  as  small 
as  possible  while  still  providing  for  the  maximum  tolerance  buildup, 
the  maximum  radial  differential  thermal  expansion  encountered  during 
steady- state  operation,  and  elastic  radial  deflections  during  high-per¬ 
formance  operations.  These  provisions  will  permit  light,  non-destructive 
rubbing  during  transient  thermal  or  over  speed  operation. 

Blade  tip  clearances  were  similarly  established  with  provision  being 
made  for  the  maximum  tolerance  buildup,  the  maximum  differential 
radial  and  axial  thermal  growths  anticipated  during  transient  operation, 
radial  elastic  disk  and  blade  growths  during  normal  high-temperature 
operation,  and  for  the  anticipated  effects  of  surge  and  for  foreign  object 
ingestion.  To  permit  small  clearances  to  be  used,  an  abradable  material 
is  used  inside  the  fan  case.  This  will  prevent  severe  blade-to-case  rub¬ 
bing  resulting  from  biade  deflections  caused  by  foreign  object  ingestion 
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and  will  permit  light,  lion-destrnctive  rubbing  during  operation  at  the 
maximum  adverse  conditions. 

Axial  gaps  between  the  forward  side  of  the  rotating  parts  and  the  ad¬ 
jacent  stationary  parts  are  established  by  providing  for  the  maximum 
total  tolerance  accumulation,  the  maximum  axial  differential  thermal 
growths  during  transient  operations,  the  maximum  net  end  play  accumu¬ 
lation,  the  computed  net  intermediate  case  deflection,  the  maximum 
anticipated  forward  blade  tip  deflections  resulting  from  foreign  object 
ingestion,  and  deflection  encountered  during  surges. 

The  axial  gaps  and  seal  land  lengths  between  the  rear  side  of  rotating 
and  adjacent  stationary  parts  provide  for  the  maximum  total  tolerance 
accumulation,  the  maximum  axial  differential  thermal  growths  during 
transient  operation,  the  maximum  net  end  play  accumulation,  the  es¬ 
timated  fan  rotor  hub  net  rearward  deflection  resulting  from  centrifugal 
loading,  the  maximum  forward  otator  vane  deflection  resulting  from 
gas  loads  during  steady- state  operation,  the  maximum  rearward  blade 
tip  deflection  resulting  from  foreign  object  ingestion,  the  maximum 
deflection  during  surges,  and  the  maximum  forward  seal  support  dia¬ 
phragm  deflections  resulting  from  steady-state  pressure  loads. 

The  first  stage  stator  is  made  from  forged  titanium  (PWA  1202).  Integral 
platforms  are  forged  at  the  inner  and  outer  ends  of  the  vanes  to  form 
the  flowpath  at  the  inside  and  to  facilitate  vane  attachment  at  the  outer 
end.  The  vane  is  attached  to  the  front  fan  case  by  a  foot  at  the  rear  of 
the  platform  and  is  held  in  place  by  an  annular  ring  integral  with  the 
fan  case  at  the  front  of  the  platform.  The  inner  rear  feet  arc  riveted 
to  an  annular  ring,  and  the  inner  forward  feet  are  riveted  to  an  annular 
diaphragm  which  is  integral  with  the  seal  ring. 


i  C. 


The  fan  cases,  mount  ring,  and  support  cases  are  also  made  of  titanium 
(PWA- 1202)  and  are  cantilevered  from  toe  front  flange  of  the  intermediate 
case.  Within  the  fan  cases  are  nickel-honeycomb  liners  coated  with  the 
abradable  material  discussed  previously.  The  front  part  of  the  cases 
are  thickened  for  blade  containment  purposes. 

c •  Intermediate  Section 

The  intermediate  section  is,  for  the  most  part,  a  single  welded  AMS  5616 
stainless- steel  structure  incorporating  sections  of  the  fan  duct  outer 
wall ,  the  compressor  flow  path  inner  wail,  and  the  rear  portion  of  the 
splitter.  Inside  the  compressor  flow  path  inner  wall  is  a  box  structure 
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which  supports  the  thrust  bearings.  Attached  to  this  welded  structure 
are  the  second- stage  stator  vanes  and  the  leading  edge  of  the  splitter.. 

Between  the  outer  fan  duct  wall. and  the  inner  compressor  wall  are  eight 
hollow  machined  struts.  The  compressor  outer  wall  and  fan  duct  inner 
wall  are  formed  byrwelding  sheet  stock  to  contoured  ribs  on  the  sides  of 
these  struts.  In  the  fan  duct,  the  struts  form  the  leading  edges  of  the 
fan  duct  fairings.  Four  of  the  eight  struts  are  used  to  transfer  fluid 
to  the  inner  portion  of  the  engine.  One  strut  houses  two  air  lines,  one 
to  supply  air  for  pressurizing  the  labyrinth  seal  in  front  of  the  Number 
1  thrust  bearing,  and  the  other  to  vent  the  compartment  in  front  of  the 
inner  box  structure  for  thrust  balancing.  The  three  other  struts  supply 
oil  to  and  remove  scavenge  oil  and  breather  air  from  the  bearing  com¬ 
partment. 

In  front  of  the  strut  system  is  the  second-stage  stator,  which  is  variable 
for  aerodynamic  braking  (discussed  in  the  following  section). 

The  box  structure  inside  the  compressor  flow  path  inner  wall  provides 
a  flange  on  the  front  inner  section  for  mounting  the  Number  1  bearing 
support,  an  integral  support  for  the  Number  2  bearing  rn  the  rear  section, 
and  housings  for  the  drive  system  of  the  three  tower  shafts. 

Both  the  Number  1  and  Number  2  bearings  are  single-thrust  bearings 
sized  for  the  design  thrust  load  and  a  reasonable  bearing  life.  The 
reliability  obtained  using  a  single  Number  2  bearing  has  been  determined 
by  analysis  and  running  times  of  engines  us^'g  single  Number  2  bearings 
to  be  no  less  than  that  obtained  using  multiple  bearings.  Both  bearings 
are  of  the  angular  contact,  ball  bearing  type,  having  split  inner  races 
and  inner  riding  cages.  The  balls  and  races  are  fabricated  of  AMS  6490 
material  and  the  cages  of  AMS  6415  material. 

The  bearings  are  lubricated  and  cooled  by  oil  injected  under  the  races. 
Number  1  bearing  oil  is  picked  up  from  a  jet  by  an  oil  scoop  just  behind 
the  bearing.  Number  2  bearing  oil  is  collected  in  an  angular  cavity 
which  is  located  forward  of  the  accessory  goar  and  which  is  held  in  place 
by  the  inner  race  retaining  nut.  In  both  cases,  the  oil  then  flows  through 
a  series  of  holes  in  the  bearing  liner  to  an  annulus  to  cool  the  inner 
race,  and  then  flows  radially  out  to  the  bearing  compartment  through 
a  series  of  holes  in  the  seal  rub  plate.  The  oil  also  flows  outward 
through  a  series  of  holes  in  the  bearing  liner  to  an  annulus  at  the  split 
inner  race  of  the  Number  2  bearing.  The  inner  race  ha?  radial  slots 
to  centrifuge  the  oil  into  the  bearing  for  lubrication. 
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The  Number  1  and  2  bearing  compartment  contains  three  carbon  face 
seals,  two  of  which  are  bolted  to  the  intermediate  case.  The  third  is 
fitted  to  the  fan  rotor  hub.  The  carbon  face  seal  forward  of  the  Number 
1  bearing  lias  an  oil-cooled  rub  ring,  utilizing  the  oil  from  the  Number 
1  bearing  cooling  passages.  A  three-hp  labrvinth  seal  is  employed  for 
controlling  air  leakage  in  ca»e  of  carbon  seal  malfunctions.  Fan  dis¬ 
charge  air,  being  at  a  higher  pressure  than  that  maintained  within  the 
breather  compartment,  will  always  flow  ;nto  the  compartment  and  pre¬ 
vent  contain* nation  of  che  cabin  pressurizing  air  from  oil  leakage  past 
the  seal  face.  A  carbon  lace  seal  is  used  between  the  high-  and  low- 
speed  rotor  shafts  within  the  bearing  compartment.  A  three- lip 
labyrinth  seal  protects  this  area.  The  oil-cooled  seal  rub  plate  is 
supplied  with  oil  from  an  integral  annular  cavity  which  is  supplied  by 
a  jet.  The  carbon  face  seal  behind  the  Number  2  bearing  has  a  rub 
ring,  using  the  oil  from  the  bearing  cooling  passages.  A  three-hp 
labyrinth  seal  protects  this  area. 

Oil  supplied  to  the  bearing  compartment  is  routed  through  a  perforatt  d 
strainer  and  subsequently  to  the  oil  jets  which  meter  the  oil  to  the  bear¬ 
ings  and  seals.  The  scavenge  oil  is  returned  to  the  gearbox  by  gravity 
when  the  gearbox  is  located  on  the  bottom  of  the  engine,  and  by  a 
scavenge  pump  driven  through  a  gear  tiain  by  the  high-pressure  com¬ 
pressor  rotor  hub  when  the  gearbox  is  on  the  side  >>(  the  engine. 

Two  towershaits  are  required  to  transmit  power  radially  from  the  high- 
pressure  compressor  shaft  (compressor  front  hub)  to  the  power  take-off 
and  accessory  drive  pads.  A  third  tower  shaft  is  required  to  transmit 
rotational  speed  from  the  fan  rotor  hub  to  a  tachometer  drive  pad 
(AND  20005  XVB).  The  established  power  roqm  r  jinent  tor  the  aircraft 
accessory  drive  power  take-off  pad  is  600  H.  P.  for  the  side  mounted 
gear  box,  110  H.  P.  ;  and  for  the  bottom  mounted  gear  box,  150  H.  P. 
Power  for  these  towershafts  is  supplied  by  a  spiral  iecel  gear  integral 
with  the  Number  2  bearing  sle.\e  fitted  to  the  compressor  hub.  The 
tachometer  towershaft  is  driver,  from  the  fan  rotor  hub  through  spur 
and  bevel  gears . 

The  spiral  bevel  pinions  for  the  drives  are  supported  by  a  ball  and  roller 
bearing  assembly  bolted  into  the  inner  box  structure.  The  shaft  connects 
to  a  stub  shaft  by  a  double  spline  coupling  at  the  lower  end.  Loose  fits 
at  the  coupling  and  at  the  shaft  supports  provide  for  possible  misalign¬ 
ments. 
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Convoluted  tubes  are  blazed  to  the  outer  portion  of  the  outer  towershaft 
bearing  supports,  and,  at  the  other  end,  to  the  pedestals  at  the  outer 
portion  of  the  case.  These  tubes  protect  the  struts  and  inner  compressor 
wall  from  oil  and,  in  conjunction  with  flanged  bosses  on  the  outside  of  the 
intermediate  case,  form  sealed  passageways  to  the  accessory  gearbox 
and  the  power  take-off. 

The  intermediate  case  is  attached  to  the  rearward  components  at  four 
locations.  The  outer  fan  duct  wall  extends  to  the  rear  and  provides  a 
flange  for  mounting  the  outer  fan  diffuser  duct  wall.  The  fan  duct  inner 
wail  extends  rearward  and  provides  a  sliding  radial  support  for  the  inner 
diffuser  duct  wall.  The  outer  compressor  flow  path  wall  extends  rear¬ 
ward  and  provides  a  flange  to  support  the  gas  generator  and  the  outer 
shrouds  of  the  compressor  inlet  guide  vanes.  On  the  inner  compressor 
wall  is  a  flange  to  which  the  inner  shrouds  of  the  inlet  guide  vanes  are 
riveted. 


d.  Aerodynamic  Brake 

The  basic  concept  and  control  of  the  aerodynamic  brake  remains  es¬ 
sentially  the  same  as  for  the  JT 1  IF-  1 1 ,  - 12  engine. 

The  second- stage  and  fan  exit  vanes  may  be  moved  through  an  angle  of 
35  degrees  from  their  normal  positions.  Changing  the  vane  angles  by 
35  degrees  will  reduce  the  running  cruise  airflow  by  50  per  cent  and  will 
maintain  a  rotor  speed  between  1500  to  2000  rpm  for  emergency  engine 
shutdown. 


To  withstand  the  high  stresses  produced  by  aerodynamic  braking,  the 
fan  exit  vanes  are  made  from  AMS  5667  nickel  alloy.  The  second- stage 
vanes  are  subjected  to  lower  stresses,  and,  therefore,  PWA-1202  titanium 
alloy  is  used  for  these  vanes. 

The  second-stage  vanes  are  pivoted  on  spherical  bearings  at  the  inner 
shroud  and  universal  joints  at  the  splitter  and  at  the  outer  case.  The 
universal  joint  connects  the  second-stage  vanes  to  the  fan  exit  vanes 
and  permits  simultaneous  rotation  of  the  two  sets  of  vanes. 

The  vanes  are  rotated  by  a  unison  ring  connected  by  levers  to  the  shaft 
extension  on  each  outer  vane.  The  unison  ring  is  guided  and  supported 
by  bumpers  that  ride  on  the  outer  case.  Three  pneumatic  actuators  spaced 
120°  apart  operating  through  a  bell  crank  move  the  unison  ring  tan¬ 
gentially  and  thus  cause  the  vanes  to  rotate. 
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Power  for  the  actuators  will  be  provided  by  high-pressure  gas  bottles, 
preferably  the  same  bottles  used  by  the  airframe  for  emergency  control 
system  power. 

Due  to  the  high  pressure  of  the  gas  bottle  system,  the  actuator  diameters 
are  approximately  one-fourth  that  required  for  an  engine-bleed-air-powered 
system.  The  reduced  weight  of  the  actuators  over  those  provided  for  the 
JT11F-11,  -12  engine  should  he  adequate  to  overcome  any  weight  addition 
resulting  from  the  increased  gas  storage  requirements  in  the  aircraft 
emergency  system.  The  smaller  actuators  are  also  more  practical  from 
the  standpoint  of  accessory  arrangement.  These  advantages,  in  addi¬ 
tion  to  the  desirability  of  using  an  actuating  system  which  is  indepen¬ 
dent  of  the  engine  subsystems,  makes  the  use  of  gas  bottles  seem  more 
attractive  than  the  use  of  engine  bleed  air  for  actuator  power.. 

The  actuators  are  fitted  with  spring-operated  plunger  locks  to  hold  the 
vanes  in  their  normal  operating  position.  When  it  is  necessary  to  rotate 
the  vanes,  gas  pressure  on  the  locking  plunger  raises  the  plunger  and 
permits  gas  to  enter  the  piston  chamber,  thereby  actuating  the  vanes. 

e.  High-Pressure  Compressor 

The  stationary  portion  of  the  compressor  consists  of  a  series  of  short 
cases  made  of  Inconel  X  nickel  alloy  (AMS  5667)  and  bolted  together 
with  vanes  extending  inward  to  channel  shaped  stiffening  rings  and  the 
attached  seal  rings. 

Each  of  the  cases  has  two  integral  flanges  at  the  ends  for  attachment 
to  the  adjacent  cases.  In  addition,  an  intermediate  circumferential 
groove  is  machined  in  each  case  to  secure  the  rear  feet  of  the  associated 
vanes,  and  to  the  rear,  a  groove  is  provided  for  a  flame- sprayed  abrad¬ 
able  coating  to  permit  a  reduced,  blade  clearance  to  be  used. 

With  the  exceptions  of  the  inlet  and  exit  guide  vanes,  each  vane  is  forged 
of  Inconel  X  (AMS  5667)  or  Waspaloy  (PWA  687)  and  includes  integral  •• 
channel  section  platforms  at  the  tip.  Each  vane  hafe  a  machined  lip  at 
the  rear  of  the  tip  platform  to  engage  the  groove  in  the  corresponding 
case.  The  flange  is  sandwiched  between  the  flanges' of  adjacent  case-s*, 

At  the  root,  the  radial  legs  on  the  vane  platform  are  riveted  to  the 
channel- shaped  stiffening  ring.  Because  of  the  large  number  of  vanes 
used,  the  vanes  are  electron- beam  welded  together  in  pairs  before  being 
assembled  to  the  cases.  The  dual- vane  design  permits  a  wider  bolt  and 
rivet  i_ pacing  to  be  used  and  results  in  stronger  attachments. 

The  inlet  guide  vanes  are  also  forged  but  are  made  of  titanium  alloy  '* 
(PWA  1202)  and  are  flanged  at  the  rear  rather  than  at  the  front.  At  *• 
the  front  tip,  the  inlet  vanes  are  riveted  directly  to  the  intermediate 
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case.  At  the  root,  the  inlet  vanes  have  a  channel- shaped  platform,  the 
front  leg  of  which  attaches  to  the  inner  intermediate  case.  Attachment 
at  this  point,  however,  must  provide  for  thermal  expansion,  aid,  there¬ 
fore,  radial  slots  are  machined  into  the  front  flange  of  the  vane  inner 
platform,and  shouldered  washers  are  installed  which  restrain  tangential 
d»d  axial  movement  but  permit  radial  movement. 

The  exit  guide  vanes  are  contour  rolled  strip  stock  and  are  brazed  to 
the  inner  and  outer  shrouds,  all  of  which  are  Hastelloy  X  nickel  alloy 
(AMS  5536  and  AMS  5754).  The  front  flange  of  the  outer  shroud  is 
sandwiched  between  the  flanges  of  the  diffuser  case  and  the  rear  com¬ 
pressor  case. 

Seal  rings  made  of  Hastelloy  X  (AMS  5754)  are  attached  to  the  stiffening 
ring  at  the  roots  of  the  vanes.  Provision  is  made  to  accommodate  the 
differential  thermal  expansion  between  the  seal  and  stiffening  rings 
using  the  same  technique  used  for  the  inlet  guide  vanes. 

The  rotating  portion  of  the  compressor  consists  of  five  rows  of  blades. 
Stages  four  through  seven  are  joined  and  positioned  axially  by  three  cy¬ 
lindrical  inner  spacers.  The  third  stage  is  overhung  forward  and  posi¬ 
tioned  axially  by  a  support  cone  secured  to  the  front  face  of  the  fourth 
disk  at  the  inner  spacer  diameter. 

The  blades  have  dovetail  roots  which  are  inserted  into  slots 
machined  into  the  disk  rims.  Mechanical  damping  devices  and  extended 
blade  roots  are  employed  on  stages  three  and  seven  to  reduce  the  effects 
of  blade  vibrations  resulting  from  the  pressure  impulse  to  which  these 
stages  are  exposed.  In  these  stages,  the  blades  are  restrained  from 
axial  movement  by  the  side  damper  support  plates  which  are  riveted  to 
the  disks  through  holes  in  the  lugs  between  the  dovetail  slots  in  the  disk, 
as  shown  in  Figure  2-44.  The  blades  in  stages  four  through  six  are  re¬ 
strained  by  tabs  on  the  front  and  shear  pin  locks  on  the  rear  of  the  blades. 

A  series  of  outer  spacers  are  positioned  by  piloting  flanges  on  the  disks 
to  add  stiffness  to  the  disk  rims  and  reduce  blade  tip  deflections.  One 
end  of  each  of  the  through  spacers  is  riveted  to  an  adjoining  pilot  flange. 
Radial  knife-edge  seals  are  included  on  these  spacers  to  provide  the 
sealing  required  between  stages.  Two  cones  positioned  between  the 
third  and  fourth  and  between  the  sixth  and  seventh  stages  provide  addi¬ 
tional  stiffness  and  support  for  the  rotor. 

The  compressor  blades  are  made  of  Incoloy  901  (PWA  1003)  or-  Wa.spaloy 
(PWA  1007)  nickel  alloy,  and  the  hubs,  disks,  and  spacers  are  made  of 
Incoloy  901  (PWA  1003),  Waspaloy(PWA  1007),  or  Astroloy  (PWA  101;3)  ' 
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nickel  alloy,  as  required  to  satisfy  the  particular  operating  conditions 
Yn  each  stage  of  the  two  engine  models. 

Each  disk  and  blade  assembly  and  the  front  hub  are  statically  balanced. 
The  rotor  shaft  is  dynamically  balanced  and  then  the  rotor  assembly  is 
dynamically  balanced  as  a  unit  by  adding  weights  to  flanges  provided  on 
the  third* stage  disk  and  the  seventh- stage  seal  disk.  Throughout  the 
rotor  structure,  generous  fillet  radii,  careful  blending  of  intersecting 
surfaces,  and  the  use  of  rounded  or  chamfered  corners  are  provided  to 
reduce  stress  levels  in  locations  where  stress  concentrations  occur. 

The  thrust  loading  on  the  rotor  is  transmitted  to  the  Number  2  bearing 
from  the  outer  spacers  through  the  cone  between  the  third-  and  fourth- 
stage  disks  and  through  the  conical  front  hub.  Radial  loads  are  trans¬ 
mitted  to  the  Number  2  bearing  through  the  front  hub  and  to  the  Number 
3  bearing  through  a  conical  shaft  secured  by  the  tiebolts  to  the  rear  side 
of  the  seventh- stage  disk.  This  shaft  extends  rearward  to  engage  a  spline 
on  the  high-speed  turbine  shaft. 

A  chamber  formed  behind  the  seventh-stage  disk  by  two  seals  is  fed  free- 
stream  compressor  discharge  air  from  two  of  the  diffuser  case  struts. 

Air  in  this  chamber  controls  the  temperature  on  the  seventh- stage  rear 
rim  face  by  preventing  higher  temperature  boundary  layer  air  from  cir¬ 
culating  in  this  area. 

The  cold  static  radial  clearances  of  all  knife-edge  seals  in  the  high- 
pressure  compressor  were  made  as  small  as  possible  while  providing 
for  the  maximum  tolerance  buildup,  the  maximum  radial  differential 
thermal  growths  during  high-performance  steady- state  operation,  ar.d 
the  maximum  elastic  radial  deflections  during  high-performance  opera¬ 
tion.  Light,  non-destructive  rubbing  will  occur  during  transient  thermal 
or  over  speed  operation  during  initial  operation. 

Blade  tip  radial  clearances  were  established  to  provide  for  the  maximum 
tolerance  buildup,  the  maximum  differential  radial  and  axial  thermal 
growth  during  transient  operation,  and  radial  elastic  blade  and  disk 
growths  at  normal  high- temperature  operating  speeds. 

Axial  gaps  on  the  forward  side  of  all  rotating  parts  and  adjacent  station¬ 
ary  parts  provide  for  the  maximum  total  tolerance  acc  umulation,  the 
maximum  axial  differential  thermal  growths  during  transient  operation, 
the  estimated  net  forward  deflection  of  th  -nd  bell  resulting  from 
centrifugal  action,  the  maximum  forward  blade  tip  deflections  resulting 
from  the  steady- state  gas  loads,  and  tin*  maximum  forward  blade  tip 
deflection  resulting  from  surge  ga->  loads. 
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The  axiai  gaps  and  the  seal  land  lengths  between  the  rear  of  the  rotating 
parts  and  the  adjacent  stationary  parts  provide  for  the  maximum  toler¬ 
ance  accumulation,  the  maximum  axial  differential  thermal  growths 
during  transient  operation,  the  maximum  net  thrust  bearing  end  play, 
the  maximum  disk  rim  deflection  resulting  from  surge  gas  loads,  the 
maximum  forward  stator  vane  deflections  resulting  from  steady-state 
gas  loads,  and  the  maximum  forward  seal  support  diaphragm  deflections 
resulting  from  steady-state  static  pressure  loads. 

f.  Stress-Analysis  Summary 

The  fan  components  were  sized  such  that  the  resulting  stresses  would 
be  equal  or  less  than  those  in  currently  used  components. 


Since  a  support  across  the  hot  section  of  the  duct  to  the  rear  of  the  inner 
engine  is  not  practical  in  a  duct  heating  engine,  the  inner  engine  is  sup¬ 
ported  only  at  the  front  by  the  intermediate  case  struts.  The  cross- 
sectional  moment  of  inertia  of  these  struts  was  sized  so  that  the  stresses 
would  not  exceed  80  per  cent  of  the  2  per  cent  yield  strength  of  the  material. 
Anticipated  loading  included  maneuver  loads,  pressure  loads,  vibratory 
loads,  loads  induced  by  blade  loss,  and  loads  imposed  by  the  rotor  thrust 
bearings.  The  inner  box  structure  was  sized  to  restrict  the  deflection 
between  the  gas  generator  and  the  thrust  bearings  to  within  acceptable 
limits.  The  thickness  of  the  bearing  supports  was  determined  on  the 
basis  of  the  radial  spring  rate,  and  in  all  cases  the  stresses  are  well 
below  the  material  yield  strength.  The  flange  stresses  were  calculated 
by  using  a  modified  beam  analogy  method  based  on  the  loading  which 
occurs  during  the  maximum  maneuvering  condition  during  cruise  at 
a  high  Mach  number.  This  method  was  developed  by  Pratt  &  Whitney 
Aircraft  and  has  been  verified  by  extensive  testing.  The  method  includes 
the  stresses  induced  by  differentia)  thermal  expansion. 

The  greatest  stresses  in  the  high  pressure  compressor  occur  during 
cruise  at  Mach  3.0  at  65,000  feet.  This  section  of  the  analysis  is 
based  on  the  maximum  stresses  resulting  from  deterioration,  accumulated 
tolerances,  and  mismatch  at  the  most  adverse  flight  conditions. 

Typical  dovetail  attachment  stresses  are  shown  on  the  following  page. 


2-30 


CONFIOINT9AL 


**ATT  ft  WHITNCT  AUtCHATT 


CONFIDENTIAL 


PWA  -  2  597 


!  C 


Material 


Blade  Root 


Disk  Luc 


PWA  100?  PWA  1007 


Stress  Rupture  Design 
Speed  (rpm) 

Temperature  (°F) 

Operating  Conditions 
Neck  Tensile  Stress  (psi) 

6000-Hour  Stress  Rupture  Strength  (psi) 
Neck  Tensile  Stress/6000  -  Hour 
Stress  Rupture  Strength 

Yield  Design 
Speed  (rpm) 

Temperature  (T) 

Operating  Condition 
Neck  Tensile  Stress  (psi) 

0.  2%  Yield  Strength  (psi) 

Neck  Tensile  Stress/0.2%  Yield 
Strength 

Tooth  Bending  Stress  (psi) 

Tooth  Bending  Stress/0.  2%  Yield 
Strength 

Tooth  Bearing  Stress  (psi) 

Tooth  Bearing  Stress/0.  2%  Yield 
Streng  th 

Tooth  Shear  Stress  (psi) 

0.  65  x  0,  2%  Yield  Strength  (psi) 

Tooth  Shear  Stress/0.  56  x  0.  2%  Yield 
Strength 

Combined  Stress  (psi) 

Combined  Stress/0.2%  Yield  Strength 


8570 

1288 

Mn  3.0  Cruise,  65,000  ft 
13,900  15,800 

60,000  60,000 

0.232  0.  264 


8930 

1288 

Mn  3.  0  Cruise 
1 7, 100 
106,000 

C.  062 
14,000 


1 5, 100 
106, 000 

0.  070 

10,000 

0.  IHo 

66, 000 

0.  622 
1 3,  300 
58, 300 

0.  228 
34, 800 
0.  328 


0.  1  32 

66,000 

0.  622 
10, 700 
58, 300 

0.  184 
31,100 
0.  294 


Vibratory  Stress  Design 

Combined  Z-Ratio  4.  80 

SCF  2.22 

On  stages  three  and  seven,  the  thick  support  struts  produce  excessive 
blade  excitation,  and  an  extended  root  design  has  been  used  to  provide 
mechanical  blade  damping.  The  extended  root  permits  motion  of  the 
blade  platform  in  each  of  the  fundamental  vibration  modes.  A  centr ifugally 
loaded  toggle  pivots  about  a  rivet  attaching  it  to  a  side  plate  and  bears 
against  the  under  side  of  the  blade  platform.  The  friction  developed 
between  the  toggle  and  the  platform  of  the  vibrating  blade  provides  the 
required  damping.  The  rubbing  surfaces  are  flame  plated  to  provide 
long  life,  but  small  amounts  of  wear  will  not  alter  the  effectiveness  of 
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the  damper  since  changes  in  the  contact  load  will  be  small.  The  damp* 
ing  system  was  designed  to  provide  thp  optimum  damping  capacity  at 
amplitudes  where  the  vibratory  stresses  exceed  10,000  psi.  Although 
the  increased  mass  oi  the  extended  root  increases  the  pull  on  the  blade 
attachment,  the  damper  effectively  equalizes  the  bending  moment  dis¬ 
tribution,  ana,  therefore,  no  additional  problems  are  produced. 

The  rotor  disks  were  designed  such  that  adequate  burst  and  yield  strength 
margines  were  provided  and  such  that  the  creep  growth,  web,  and  bolt 
circle  stresses  were  within  the  design  limits.  Typical  stress  data  appear 
on  the  following  page. 

Calculations  of  stresses  in  the  rotor  tiebolts  considered  such  factors 
as  flexibility,  thermal  gradients,  the  poisson  shrinkage  of  disks  and 
spacers  resulting  from  tangential  and  radial  stresses,  the  thrust  load 
on  the  rotor,  and  the  centrifugal  bending  stress  on  the  tiebolts.  The 
maximum  combined  stresses  prodded  by'  bolt  tension  and  centrifugal 
loading  may  exceed  the  0.2  per  cent  yield  strength  during  transient 
acceleration,  but  the  yield  strength  is  not  exceeded  during  steady-state 
operation. 

The  outer  spacers  are  loaded  centr  ifugally  and  by  compressive  forces 
produced  by  the  axial  gas  loads.  However,  at  the  outer  location,  the 
cylinder  radius  is  greater  than  the  self-supporting  radius  at  the  high 
environmental  temperatures  and  rotor  speeds  to  which  the  rotor  is  ex¬ 
posed.  Consequently,  the  spacer  must  be  thick  enough  to  restrain  the 
bending  at  the  center  within  acceptable  limits.  The  bending  stresses 
were  set  at  67  per  cent  of  the  stress  which  will  produce  rupture  no 
sooner  than  6000  hours  of  operation  at  maximum  Mach  3.0  cruise  tem¬ 
perature.  The  maximum  allowable  hoop  stress  was  set  at  that  which 
produces  0.  1  per  cent  creep  in  6000  hours  of  operation  at  Mach  3.0 
cruise  temperatures.  Thicknesses  determined  by  these  criteria  are 
adequate  to  resist  buckling  resulting  from  compressive  axial  load'  g. 

The  compressor  vanes  are  deflected  axially  by  gas  loading  and  by  the 
differential  static  pressure  across  the  seals.  The  resultant  load  pro¬ 
duces  a  bending  moment  on  the  vane. 

The  deflections  and  stresses  were  calculated  by  assuming  that  the  vanes 
are  variable- inertia  twisted  beams  which  deflect  as  guided  cantilever 
beams.  The  inlet  and  exit  guide  vanes  are  supported  against  torque 
at  both  ends  and  were  therefore  assumed  to  deflect  as  fixed  beams. 

Based  on  the  results  of  the  analysis  and  on  extensive  experience  in  the 
analysis,  testing,  and  development  of  gas  turbine  stators,  suitable  vane 
chord  lengths  and  thickness  ratio  limits  were  selected  to  ensure  that 
the  stress  and  creep  of  the  vanes  will  be  kept  within  acceptable  values. 
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tile  damper  since  changes  m  the  contact  load  will  be  small.  The  ttamp- 
ing  s»siem  was  designed  to  provide  the  optimum  damping  capacity  at 
amplitudes  where  the  vibratory  stresses  exceed  10,000  psi.  Although 
the  increased  mass  of  the  extended  root  increases  the  pull  on  the  blade 
attachment,  the  damper  effectively  equalises  the  bending  moment  dis¬ 
tribution,  and,  therefore,  no  additional  problems  are  produced. 

The  rotor  disks  were  designed  such  that  adequate  burst  and  yield  strength 
margines  were  provided  and  such  that  the  creep  growth,  wvb,  and  bolt 
circle  stresses  were  within  the  design  limits.  Typical  stress  data  appear 
on  the  following  page. 

Calculations  of  stresses  in  the  rotor  tieboits  considered  such  iactors 
as  flexibility,  thermal  gradients,  the  poisson  shrinkage  of  disks  and 
spacers  resulting  from  tangential  and  radial  stresses,  the  thrust  load 
on  the  rotor,  and  the  centrifugal  bending  stress  on  the  tieboits.  The 
maximum  combined  stresses  produced  by  bolt  tension  and  centrifugal 
loading  may  exceed  the  0.2  per  cent  yield  strength  during  transient 
acceleration,  but  the  ield  strength  is  not  exceeded  during  steady-state 
operation. 

The  outer  spacers  are  loaded  centr ifugally  and  by  compress. ve  forces 
produced  by  the  axial  gas  loads.  However,  at  the  outer  location,  the 
cylinder  radius  is  greater  titan  the  self-supporting  radius  at  the  high 
environmental  temperatures  and  rotor  speeds  to  which  the  rotor  is  ex¬ 
posed.  Consequently,  the  spacer  must  be  thick  enough  to  restrain  the 
bending  at  the  Center  within  acceptable  limits.  The  bending  stresses 
were  set  at  67  per  cent  of  the  stress  which  will  prodc  e  rupture  no 
sooner  than  6000  hours  of  operation  at  maximum  Mach  3.0  cruise  tem¬ 
perature.  The  maximum  allowable  hoop  stress  was  set  al  that  which 
produces  0.  1  per  cent  creep  in  6000  hours  of  operation  at  Mach  3.0 
cruise  temperatures.  Thicknesses  determined  by  these  criteria  are 
adequate  to  resist  buckling  resulting  from  compressive  axial  loading. 

The  compressor  vanes  are  deflected  axially  by'  gas  loading  and  by  the 
differential  static  pressure  across  the  seals.  The  resultant  load  pro¬ 
duces  a  bending  moment  on  the  vane. 

The  deflections  and  stresses  were  calculated  by  assuming  that  the  vanes 
are  variable- inertia  twisted  beams  which  deflect  as  guided  cantilever 
beams.  The  inlet  and  exit  guide  vanes  are  supported  against  t  rque 
at  both  ends  and  were  therefore  assumed  to  deflect  as  fixed  beams. 

Based  on  the  results  of  the  analysis  and  on  extensive  experience  in  the 
analysis,  testing,  and  development  of  gas  turbine  stators,  suitable  vane 
chord  lengths  and  thickness  ratio  limits  were  selected  to  ensure  that 
the  stress  and  creep  of  the  vanes  will  be  kept  within  acceptable  values. 
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Material 

Burst  and  Yield  Design 
Speed  (rpm) 

Average  Temperature  (°F) 

Average  Tangential  Stress  (psi) 

Yield  Margin 

Minimum  Allowable  Yield  Margin 
Burst  Margin 

Minimum  Allowable  Burst  Margin 
Maximum  Web  Radial  Stress  (psi) 
Perccn!  of  Allowable  Stress 
Maximum  Bolt  Circle  Radial  Stress  (psi) 
Percent  of  Allowable  Stress 
Operating  Condition 


PWA  1007 


89  JO 
1207 
71,000 
1.17 
i  .  OS 
1 . 90 
1 . 20 
68,000 
98 

61 , 000 
97.  5 

Mach  J.  0  Cruise 


Creep  Design 
Speed  (rpm) 

Average  Temperature  (°F) 
Average  Tangential  Stress  (psi) 


8  S70 
1207 
6  3,  S00 


1.1  X  6000-Hour  0.1%  C  reep  Strength  ( psi)  69,000 
Percent  of  Allowable  Stress  99 

Operating  Condition  Mach  3 


99 

Mach  3.  0  Crui.se 


Low  Cycle  Fatigue  Design 
Speed 

Bore  Temperature  (°F) 

Rim  Temperature  (8F) 

Maximum  Stress  (psi) 

Minim. im  Stress  (psi) 

Minimum  Bore  Low  Cycle  Fatigue 
Life  (cycles) 

Minimum  Bolt  Circle  Low  Cycle  Fatigue 
Life  (cycles) 

Minimum  Allowable!  Low  Cycle  Fatigue 
Life  (cycles) 

Operating  Condition 


8230 
I  36 
727 

102,000 

-2, 300 

•10,  000 

30, 000 

8 , 000 

Sea- Level  Take-Off 


2.  DIFFUSER 


a.  General  Description 


The  diffuse  *  section  (  see  Figuie  2-93)  of  the  STF219  engine  consists  of 
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a  case,  an  exit  guide  vane  and  shroud  assembly,  annular  burner  supports, 
gas  generator  fuel  nozzle  supports,  spark  igniters,  and  certain  fluid 
transfer  tubes. 


r  c 


The  primary  function  of  the  diffuser  is  to  provide  a  modest  reduction  in 
the  velocity  of  the  compressor  discharge  air  to  a  level  suitable  for  the 
ram  induction  combustor.  In  addition,  the  diffuser  acts  as  a  structural 
component  indirectly  supporting  the  Number  3  bearing  and  the  associated 
bearing  compartment  seals,  and  more  directly  supporting  the  burner, 
the  spark  igniters,  and  the  gas  generator  fur]  nozzle  supports. 

b.  Physical  Structure 

The  diffuser  case  assembly  is  the  major  component  of  the  diffuser. 

This  assembly  .s  basically  a  weldment  of  two  annular  sections  joined 
by  struts.  Inconel  718  nickel  alloy  (PWA  1009,  PWA  1033)  is  used  for 
the  Mach  2.7  engine.  Waspaloy  (PWA  687,  PWA  1030)  is  required  for 
the  higher  tempe*  'turcs  and  stresses  of  the  Mach  3.0  engine. 

The  outer  wall  is  machined  from  a  forged  ring.  It  is  attached  to  the 
high-pressure  compressor  exit  section  at  the  front  and  to  the  outer 
combustor  case  at  the  rear  by  bolting  at  mating  flanges.  The  case  flares 
outward  from  . 'ont  to  rear  at  an  angle  of  approximately  24  degrees. 

An  annular  box  section,  which  incorporates  two  bleed  air  manifolds  (one 
for  compre£Hor  discharge  total  pressure  air  and  one  for  compressor 
discharge  static  pressure  air)  separated  by  a  structural  bulkhead,  is 
welded, to^  the  outside  of  the  outer  wall.  The  source  of  total  pressure 
air  for  cabin  pressurization  and  turbine  blade  cooling  is  from  the  center 
of  the  compressor  discharge  annular  passage.  Compressor  discharge 
static  pressure  air  is  bled  from  openings  in  the  diffuser  passage  outer 
wall  and  is  used  for  applications  relatively  insensitive  to  air  impurities, 
such  as  the  aircraft  inlet  anti-icing  air  supply  and  to  drive  the  duct 
heater  fuel  pump. 

The  inner  ease  is  joined  to  the  outer  case  by  12  hollow  sheet- metal 
struts.  The  ends  of  these  struts  are  butt  welded  to  airfoil-contoured 
platforms  which  are  integral  parts  of  fhe  inner  and  outur  cases.  These 
struts  carry  thrust,  high-speed  rotor  unbalance  loads,  and  vibratory 
loads.  The  limiting  strut  stresses  are  those  imposed  ty  a  static  load 
equal  to  the  centrifugal  force  of  10  per  cent  oi  the  iirst- stage  turbine 
blades.  Since  10  per  cent  blade  loss  is  an  extreme  failure,  permanent 
deformation  of  the  struts  under  these  conditions  is  permitted.  Integral 
airfoil-contoured  platforms  have  been  found  to  provide  a  good  transition 
section  with  low  stress  concentration  (or  transmitting  the  loads  between 


CONFIDENTIAL 


■  ~:  ?7  ' :  ^nfioentiai. 


PWA -2.397 


ie  struts  and  the  case s .  Conservative  design  stress  levels  are  used 
provide  a  suitable  fatigue  life. 

A  two-piece,  forged,  double  s«oop  is  welded  into  the  leading  edge  of 
each  strut  to  collect  compressor  discharge  air  from  the  center  of  the 
gas  path.  This  air  passes  inward  through  the  struts  and  is  directed 
by  ten  transfer  tubes  to  the  first- stage  of  the  turbine  for  cooling  and 
thrust  balancing  and  by  two  transfer  tubes  to, a  seal; chamber  at  the  outer 
rear  of  the  seventh-stage  compressor  disk  to  pressurize  it  with  air 
appreciably  cooler  than  compressor  inner  boundary  layer  air.  This 
cooler  leakage  air  from  the  multi-lipped  inner  seal  into  the  compart¬ 
ment  behind  the  rear  compressor  disk  produces  an  appreciably  lower 
maximum  disk  operating  temperature  relative  to  that  which  would  re¬ 
sult  from  a  system  permitting  boundary  layer  air  leakage  into  the 
compartment.  In  addition,  air  scooped  from  the  center  of  the  compres¬ 
sor  discharge  annulus  flows  outv;ard  through  the  struts  into  the  com¬ 
pressor  discharge  total  pressure  air  manifold. 

The  struts  also  serve  as  passages  for  pressure  and  scavenge  oil  lines 
to  the  Number  3  bearing  compartment,  for  pressurizing  and  vent  lines 
to  the  front  and  rear  bearing  compartment  labyrinth  seals,  and  for 
venting  the  diffuser  case  inner  compartment  to  the  fan  inlet  for  balanc¬ 
ing  the  thrust  on  the  high-speed  rotor.  All  of  the  oil  lines  for  the 
Number  3  bearing  located  inside  the  diffuser  case  struts  are  heat  shielded. 
The  inner  diffuser  wall  is  a  sv.glcr,  conical  section  "which  flares  rear¬ 
ward  and  outward  at  an  angle  of  approximately  31, 5  degrees  and  ter¬ 
minates  with  front  and  rear  flanges.  The  front  ilange  supports  the 
compressor  exit  seals  and  the  exit  guide  vane  and  shvoud  assembly. 

The  rear  flange  supports  the  inner  burner  case.  An  intermediate 
flange  is  located  just  forward  of  the  trailing  edge  of  the  struts  to  add 
structural  stiffness.  The  compressor  exit  guide  vane  and  shroud 
assembly  is  located  at  the  front  of  the  diffuser.  Torque  loads  in  the 
inner  shroud  are  transmitted  through  twelve  torque  pins  into  the  diffuser 
case.  The  outer  shroud  front  flange  is  attached  to  the  outer  diffuser 
case  front  flange  with  flush  countersunk  screws  for  retention  during 
assembly  operations. 

c.  Stress  Analysis 

Stress  analysis  for  the  inner  and  outer  case  flanges  was  based  on  the 
theory  of  plates  and  shells  with  the  minimum  permissible  flange  thick¬ 
ness  being  determined  by  the  thickness  required  to  ensure  gas-tight 
sealing.  The  inner  wall  is  pressure  buckling  limited.  The  outer  walls 
have  greater  internal  pressures  than  external  pressures  and  consequently 


PAQ*  NO.  2-41 


(OMk44»,4l> 

(W<, 


CONFIDENTIAL. 


PWA  -£W7 


CONFIDENTIAL. 


wisMSs&i 


are  hoop- stress  limited.  The  outer  wall  thicknesses  used  were  selected 
to  provide  a  maximum  stress  of  SO  per  cent  of  the  0.2  per  cent  yield 
strength.  The  analysis  used  for  determining  the  dimensions  of  the 
mounting  flanges  and  intermediate  stiffening  flanges  was  based  on  the 
theories  of  three-concentric-ring  compatibility  discussed  in  NACA 
TNI  3 1 0. 


3.  COMBUSTION  CHAMBER 

a.  General  Description 

The  combustion  chamber  section  includes  the  compressor  discharge 
air  diffuser,  the  inner  and  outer  combustion  cases,  the  single  annular 
combustion  chamber,  rear  liner  sections  to  the  turbine  nozzle,  a  fuel 
supply  system  of  24  fuel  nozzles,  and  an  ignition  source  consisting  of 
2  spark  igniters . 

In  the  high-velocity  ram  induction  combustion  chamber,  only  moderate 
diffusion  of  the  compressor  discharge  flow  occur.-*.  The  high  momentum 
of  the  compressed  air  is  utilized  directly  to  inject  primary  and  secondary 
air  into  the  comhustion  chamber  anti  to.  create  intimate  mixing  of  the  fuel 
vapors,  burned  gases,  and  dilution  air.  The  air  is  directed  into  the  burner 
by  means  of  ram  air  scoops  with,  internal  turning  vanes  to  minimize  pres¬ 
sure  losses. 

b.  Physical  Features 

To  control  airflow  and  diffusion,  the  forward  end  of  the  combustor 
penetrates  into  the  diffuser  case  to  a  point  just  behind  the  last  com¬ 
pressor  discharge  stator.  At  this  location,  the  air  is  separated  into 
an  inner,  outer,  and  initial  primary  flow.  The  inner  and  outer  flows 
are  directed  by  the  diffuser  case  and  combustor  walls  to  the  main  air 
injection  areas.  The  initial  primary  air  is  diffused  inside  the  forward 
cavity  and  injected  into  the  combustion  area  through  rasi  vane  swiriers 
around  each  of  the  fuel  nozzles.  This  air  is  used  to  initiate  and  stabilize 
combustion.  The  balance  of  the  primary  combustion  air  is  injected 
through  a  series  of  cast  ram  air  scoops  in  the  inner  and  outer  walls. 

There  are  three  scoops,  axially  staggered,  in  each  wall  ior  each  fuel 
nozzle.  Immediately  behind  the  last  primary  injection  scoop,  secondary 
dilution  air  is  introduced  through  another  series  of  scoops.  These  arc 
shaped  to  ensure  uniform  mixing  and  dilution.  There  are  two  secondary 
scoops  per  nozzle  in  the  inner  and  outer  walls. 

Fuel  is  injected  through  24  individually  removable,  dual-orifice  fuel 
nozzles  to  give  a  turn  down  ratio  of  60:1,  The  pressurizing  valves  for 
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=;..  the  dual- orifice  system  are  incorporated  in  the  nozzle  housing  as  close 
as  possible  to  the  orifices  to  avoid  the  coking  effects  which  occur  in  the 
-  interconnecting  passages  when  the  valves  are  located  farther  from  the 
r.^-'.iyozzie.  The  nozzle  housings  slide  radially  inward  to  engage  a  position¬ 
ing  groove  in  the  cast  swirler  assemblies  which  are  free  to  move  within 
limits  to  accommodate  mechanical  tolerances  and  thermal  displacement. 
Rotation  of  the  swirlers  is  prevented  by  pins.  The  fuel  nozzles  are 
retained  bv  flanges  bolted  to  the  outer  wall  of  the  diffuser  case.  The 
nozzle  sup  port  structure  has  a  sheet  -  metal  heat  shield  attached  in  the 
region  where  it  passes  through  the  compressor  discharge  air  annulus. 

The  front  section  of  the  combustor  around  the  fuel  nozzle  discharge 
area  is  of  welded  double  wall  _ oustruction  to  ensure  the  cooling  neces¬ 
sary  for  durability.  The  cuter  structural  wall  is  perforated  sheet 
metal.  The  inner  wall  ts  porous  metal.  The  porous  wall  is  attached 
to  and  supported  by  the  perforated  structural  wall. 


Ignition  is  provided  by  two  electrical  igniters  which  penetrate  into 
the  front  section  of  the  combustor.  These  igniters  pas*  through  the 
fan  discharge  duct  and  are  individually  removable  without  removing  the 
duct.  At  the  point  of  entering  the  combustor,  the  igniters  pass  through 
a  floating  eyelet  which  seals  against  air  leakage  and  which  accommo¬ 
dates  mechanical  tolerances  and  tin  rmai  displacements. 

The  front  combustion  section  is  retained  in  place  by  twelve  radial  pins. 
These  pins  are  inserted  from  outside  the  dutuser  case  and  pass  within 
the  trailing  edge  of  the  difiuser  struts  and  into  inserts  in  the  com¬ 
bustor  dome  section.  The  combustion  is  thuc  positioned  axially  and 
concentrically.  Radial  cleaiance  gaps  at  each  pin  allow  for  differential 
expansion  between  the  rase  and  the  front  combustor.. 

The  inner  and  outer  walls  ot  the  primary  combustion  section  are  formed 
lrom  sheet  medal  to  provide  lightweight  easily  fabricated  components. 
The  turning  vane  cascade  in  each  ai.f  scoop  is  a  precision  cast  insert 
welded  in  place.  Cooling  of  the  sheit  metal  walls  is  achieved  by  a 
boundary  layer  film  produced  by  a  series  ot  louvers. 

The  secondary  injection  ram  scoops  are  formed  sheet  metal  weldments. 
They  serve  to  tie  the  inner  combustion  shell  to  the  outer  structural 
shell  and  give  the  burner  mechanical  stiffness.  The  outer  shell  is 
attached  to  the  forward  end  of  the  combustion  shei  1  and  to  the  extended 
dome. 
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The  rear  section  of  the  combustor  forms  an  annular  passage  for  mixing 
and  leads  into  the  turbine  section.  It  is  composed  of.  independent  inner 
and  outer  shells, each  of  which  is  fabricated  with  a  double-wall  con¬ 
struction.  In  c.^ch  shell,  the  outer  wall  is  perforated  sheet  metal  and 
the  inner  wall  is  convoluted  porous  metal  for  transpiration  cooling. 

The  rear  sections  are  positioned  axially  at  the  rear  by  a  bolting  arrange¬ 
ment.  They  are  free  to  float  axially  at  the  forward  end  and  are  supported 
radially  by  the  forward  combustion  section.  A  machined,  slotted  ring 
provides  the  contacting  support  and  also  serves  to  establish  a  controlled 
cooling  air  film.  The  contacting  surfaces  between  the  rear  of  the  com¬ 
bustion  section  and  the  forward  air  chute  sections  are  hardfaced  with 
chromium  carbide  to  reduce  wear. 

Higher  burner  shroud  velocities  in  conjunction  with  wall  louver  cooling 
have  been  shown  to  give  satisfactory  combustion  wall  temperatures  in 
the  limited  rig  testing  to  date.  The  secondary  ram  air  scoops  penetrating 
into  the  combustion  zone  have  been  shown  by  testing  to  have  adequate 
cooling.  Cooling  is  accomplished  by  the  flow  of  air  over  the  forward 
edges  of  the  scoops.  The  rear  inner  and  outer  transition  shells  are 
efficiently  cooled  by  transpiration.  Combustor  wall  cooling  flow  re¬ 
quirements  have  been  calculated  to  be  18  per  cent  of  the  total  flow. 

In  the  rear  inner  and  outer  liner  sections,  the  perforated  walls  are 
sized  to  provide  full  structural  support  and  to  meter  the  cool  mg  air. 

The  porous  walls  are  attached  at  cither  end  and  at  convolution  nodal 
points  to  the  support  shell.  This  construction  was  selected  to  ensure 
maximum  durability  and  to  minimize  cooling  air  flows  at  the  turbine 
inlet  nozzle  vanes. 

The  basic  sheet  metal  of  the  combustor  is  Hastelloy  X  (AMS  3536) 
nickel  alloy.  Ram  air  scoops  and  front  end  section  nozzle  rings  are 
cast  Hastelloy  X  (AMS  5390).  The  air  guide  swirlers  are  cast  Stellite 
31  (AMS  5382)  cobalt  alloy.  Combustor  retaining  pins  are  Waspaloy 
(PWA  1004)  nickel  alloy  and  trie  retaining  inserts  in  the  burner  aie  L-605 
(AMS  5759)  cobalt  alloy.  These  materials  were  selected  because  of  their 
excellent  resistance  to  high  temperature  oxidation,  good  wear  properties, 
and  extensive  successful  use  in  similar  applications. 

The  bolting  arrangement  of  the  rear  inner  and  outer  transition  shells 
allow  them  to  be  disengaged  and  to  be  moved  forward  to  permit  hot 
section  inspection  and  replacement  of  the  first-stage  turbine  nozzle 
vanes. 

The  outer  combustion  chamber  case  is  in  two  sections.  It  is  pressure 
limited  and  was  designed  to  withstand  the  pressure  differential  between 
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the  high  pressure  compressor  discharge  air  and  the  lower  fan  duct 
pressure.  At  Mach  0.7  at  sea  level,  this  pressure  will  be  158.5  psi. 

The  flange  was  designed  to  creep  no  more  than  0.  5  per  cent  in  6C00 
hours  at  Mach  3.0  at  65,000  feet.  The  front  section  of  the  outer  case 
attaches  to  the  rear  of  the  diffuser  case.  The  rear  flange  of  the  rear 
section  joins  with  the  turbine  case  and  the  end  of  the  outer  rear  liner. 

Both  sections  of  the  outer  case  are  flow-turned  from  a  nickel-base 
alloy,  Inconel  7id  (PWA  1009)  for  the  Mach  2,7  engine  and  Waspalov 
(l’WA  687)  for  the  Mach  3.  0  engine,  with  an  integral  front  flange 
and  a  welded  rear  ltange.  Flow-turning  eliminates  longitudinal  welds 
and  permits  higher  allowable  hoop  stresses.  Six  integral  machined 
bosses  supply  compressor  discharge  air  to  the  duct  heater.  The  fuel 
drain  is  located  at  the  bottom  rear  of  the  case  and  prevents  fuel  from 
accumulating  in  the  event  of  a  false  start.  Design  criteria  for  wall 
and  flange  thicknesses  used  were  based  on  development  experience  on 
other  engines. 

The  inner  combustion  chamber  case  is  also  in  two  sections  and  is  made 
of  Waspaloy.  The  front  inner  case  forms  the  connecting  structure  between 
the  diffuser  case,  the  Number  3  bearing  support,  and  the  rear  inner 
case.  The  rear  inner  case  supports  the  turbine  nozzle  inner  support 
case.  Thus,  the  front  inner  case  must  withstand  che  radial  loads  pi  o- 
r'uced  by  the  Number  3  bearing,  the  blow-off  loads  and  torques  trans¬ 
mitted  from  the  first  turbine  nozzle  through  the  rear  inner  case,  and 
buckling  pressures.  The  allowable  stress  lor  the  inner  case  was  cal¬ 
culated  to  provide  a  1.  3  buckling  margin,  which  has  been  found  to  be 
adequate  for  other  Pratt  it  Whitney  Aircraft  engines.  Stiffening  to 
prevent  buckling  will  be  provided  by  internal  radial  ribs  and  external 
longitudinal  ribs. 

The*  rear  outer  combustion  chamber  case  flanges  permit  it  to  move 
rearward  over  the  turbine  case  for  hot  suction  inspection.  The  rear 
flange  and  its  mating  turbine  case  flange  are  scalloped  to  interlock 
over  a  common  internal  flange  to  allow  assembly  of  the  cases.  The 
outer  and  inner  rear  liner  sections  of  the  combustion  chamber  can  be 
moved  forward  over  the  primary  and  secondary  ram  air  scoop  sect¬ 
ions.  The  inner  rear  combustion  chamber  case  is  designed  to  move 
to  the  rear  over  the  turbine  inner  nozzle  vane  case.  It  is  assembled 
by  means  of  a  scalloped  front  flange  which  passes  through  the  scalloped 
front  flange  of  the  first- stage  vane  inner  support.  The  turbine  nozzle 
vane  case  assembly  and  the  first- stage  rotor  disk  seals  can  be  moved 
forward  around  the  i  ear  inner  combustion  chamber  case.  The  above 
procedures  will  permit  inspection  and  replacement  of  individual  nozzle 
vanes  or  first- stage  turbine  blades  without  further  dismantling  of  the 
engine. 
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c.  Alternate  Design 

A  preliminary  design  for  an  axially  split  combustor  which  can  be  dis¬ 
assembled  without  removing  the  turbine  is  presented  for  comparison 
with  the  basic  design  and  is  shown  in  Figure  2-46.  The  construction  of 
this  combustion  chamber  is  essentially  the  same  as  described  for  the 
basic  STF-219  engine  except  for  the  addition  of  joints  to  permit  dis¬ 
assembly. 


The  outer  combustion  chamber  case  is  longitudinally  split  from  the 
outer  rear  diffuser  case  flange  to  the  turbine  outer  front  flange  in  three 
places  to  facilitate  handling  and  inspection.  The  rear  outer  combustor 
liner  is  made  in  two  halves  fastened  together  by  two  axial  hinge  pins 
inserted  through  a  series  of  matching  alternating  hinges  for  the  forward 
two-thirds  of  its  length  and  a  three  bolt  flange  arrangement  at  its  rear 
end  which  unites  the  longitudinal  split.  Axial  retention  is  by  nuts  and 
bolts  at  the  front  turbine  flange.  Development  testing  is  required  to  . 
determine  if  there  is  a  need  for  an  overlapping  joint  in  the  porous 
section  of  this  liner.  The  pins  have  puller  heads  to  facilitate  removal 
and  are  secured  with  stop  lugs.  The  three  bolts  at  the  rear  are  also  to 
be  secured  with  self  locking  nuts  with  lockwired  bolt  heads. 

The  split  outer  primary  and  secondary  ram  air  scoop  section  is  made 
up  of  two  halves  fastened  with  six  long  axial  bolts  with  the  nuts  perman¬ 
ently  attached  to  the  stiffening  ribs  at  the  rear  of  the  nose  cone  section. 
Two  of  the  bolts  are  inserted  through  a  series  of  matching  alternating 
hinges  at  the  split  joint.  The  bolt  heads  are  secured  by  lockwire  and 
puller  grooves  are  machined  on  the  bolt  heads  to  facilitate  removal. 

The  four  remaining  bolts  serve  as  additional  tiebolts  to  share  the  axial 
load. 

The  split  inner  primary  and  secondary  ram  air  scoop  section  is  con¬ 
structed  similarly  to  the  outer  section.  The  rear  inner  liner  is  con¬ 
structed  in  two  halves  joined  by  two  axial  hinge  pins  inserted  through 
matching  alternating  hinges  over  the  forward  two-thirds  of  its  length. 
These  pins  have  a  rear  flange  that  is  bolted  to  lugs  attached  to  the 
rear  portion  o£  each  half  of  the  liner.  A  one  bolt  flange  at  the 
extreme  end  of  the  liner  completes  the  split  joint.  All  bolts  are 
secured  by  self  locking  nuts  and  lockwired  bolt  heads.  The  hinge  pin 
flange  can  be  used  as  a  puller  device  to  facilitate  removal.  This 
liner  is  disconnected  from  the  turbine  nozzle  vane  ring  at  its  rear  and 
moved  forward  for  removal.  By  reaching  behind  the  liner,  the  bolts 
at  the  rear  and  the  bolts  holding  the  pin  flanges  can  be  removed.  At 
this  point  the  hinge  pins  are  removed  and  the  liner  moved  rearward 
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to  clear  the  outer  diffuser  case  flange  for  disassembly  after  the  air 
scoop  sections  have  been  removed. 

There  is  an  overlapping  joint  construction  between  the  rear  portion  of 
the  nose  cone  and  the  forward  portion  of  the  ram  air  scoop  section  for 
sealing  air  leakage.  To  remove  either  the  inner  or  outer  air  scoop 
sections,  the  hinge  bolts  are  removed  and  the  section  moved  rearward 
far  enough  to  disconnect  the  seal  joint  and  to  clear  the  outer  rear  dif¬ 
fuser  case  flange. 

The  nose  cone  section  is  also  comprised  of  two  halves  split  in  a  plane 
midway  between  two  nozzles  and  is  held  by  three  b*>lts  at  each  split. 

The  edges  0/  the  split  porous  inner  liner  are  supported  by  ribs.  Testing 
will  be  required  to  determine  whether  an  overlapping  joint  is  needed 
in  this  area.  The  three  bolts  joining  the  sections  can  be  installed  or 
removed  through  the  access  holes  for  the  fuel  nozzle  supports.  The 
nose  cone  is  moved  rearward  to  clear  the  outer  rear  diffuser  case 
flange.  This  provides  access  to  the  three  bolts  and  permits  removal 
of  the  split  sections. 

Combustor  removal  procedure  for  the  alternate  design  is  similar  to  that 
employed  with  current  Pratt  &  Whitney  Aircraft  engines  with  individual 
can  burners.  This  familiar  procedure  may  initially  appear  more 
attractive  than  the  disassembly  procedure  for  the  basic  design  which 
involves  removal  of  the  turbine.  However,  the  low  turbine  rotor,  rear 
turbine  case,  and  exhaust  case  assembly  can  be  removed  as  a  unit  by 
uncoupling  the  shaft  nut,  fixturing  the  exhaust  case  to  the  rear  end  of 
the  low  speed  turbine  shaft,  and  unbolting  the  turbine  case  flange  at 
the  second-stage  vanes.  Subsequent  removal  of  the  second-stage  vane 
assembly  and  first-stage  turbine  rotor,  followed  by  the  first  stage 
vane  assembly  with  the  rear  outer  and  inner  combustion  chamber 
cases,  exposes  all  the  combustor  liners  for  removal  if  required.  This 
disassembly  procedure  also  has  the  advantage  that  the  first-  and  second- 
stage  blades,  vanes,  and  disks  are  all  separated  from  adjacent  stages 
to  permit  thorough  inspection  and  replacement  when  required. 

Removal  of  the  split  combustor  liners  requites  removal  of  at  least  two 
of  the  three  split  outer  cases.  The  duct  heater  spray  bars  and  jet 
flameholder  must  also  be  removed,  which  is  necessary  in  the  basic 
design  only  if  removal  of  the  fuel  nozzles  and  the  forward  section  of 
♦the  combustor  is  required.  After  the  outer  cases  are  removed,  the 
detailed  removal  of  the  liner  components  is  accomplished  as  previously 
described  by  unfastening  bolted  and  pinned  attachments,  a  more  com¬ 
plicated  and  time  consuming  procedure  than  for  the  basic  design.  A 
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preliminary  study  by  the  Pratt  &  Whitney  Aircraft  Service  Department 
indicates  that  burner  removal  time  for  the  basic  design  should  not  be 
appreciably  greater  than  for  the  split  design,  although  more  elaborate 
fixtures  and  hoisting  equipment  would  be  required.  However,  if  turbine 
blades  and  vanes  require  replacement  at  the  same  time  intervals  as 
combustor  parts,  the  split  design  is  less  attractive. 


Combustor  liner  and  turbine  first-stage  inspection  can  be  accomplished 
more  rapidly  for  the  basic  design,  as  fewer  external  parts  must  be  re¬ 
moved.  However,  greater  use  of  mirrors  and  borescopes  is  required 
since  less  liner  surface  is  exposed  to  direct  view  through  the  smaller 
access  opening. 


Considering  factors  other  than  accessibility  for  maintenance,  the 
alternate  design  involves  some  compromises  in  cost,  performance, 
and  development  effort  required.  The  outer  cases  with  three  longitudinal 
joints  are  more  expensive  to  fabricate,  are  more  difficult  to  seal  to  pre¬ 
vent  external  air  leakage,  and  have  lower  allowable  stresses  than  the 
flow-turned  basic-design  cases  in  which  hoop  stresses  do  not  cross 
longitudinal  welded  joints.  Some  weight  saving  is  realized,  however, 
in  that  the  longitudinal  flanges  weigh  less  than  the  two  circumferential 
flanges  that  they  replace.  This  helps  to  reduce  the  weight  penalties 
incurred  elsewhere  in  the  split  design,  so  that  only  a  moderate  in¬ 
crease  in  over-ail  weight  results. 

The  choice  between  the  two  designs  must  be  carefully  weighed..  The 
alternate  split  design  is  feasible,  but  any  improvement  in  maintenance 
accessibility  provided  by  the  alternate  design  must  be  weighed  against 
the  performance,  durability,  and  cost  of  th<-  basic  unsplit  design. 


4.;  TURBINE 
a.  General  Description 

The  STF219  engine  uses  a  single-stage  high-pressure  turbine  and  a 
two-stage  low-pressure  turbine.  It  is  enclosed  in  a  forged  two-piece 
case  bolted  together  at  interlocking  scalloped  flanges.  Fail-safe  design 
has  been  used  whore  possible  to  prevent  a  fractured  vane  or  a  shaft 
failure  from  producing  a  propagating  failure. 


b.  Over-All  Cooling  System 

Details  of  the  cooling  system  are  discussed  in  section  E  of  this  item. 
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Description  of  Stationary  Parts 


The  outer  turbine  casing  is  in  two  sections,  both  of  which  are  one -piece 
forgings  of  PWA  1004  Wuspaloy.  The  front  turbine  case  is  flanged  at  the 
front  and  rear  and  contains  two  conical  sections  which  meet  at  the  mini¬ 
mum  diameter.  The  front  flange  is  scalloped  to  interlock  with  the  si  al 
loped  rear  flange  of  the  outer  combustion  chamber  case.  The  rear  tur¬ 
bine  case  is  a  conical  section  flanged  at  the  front  and  rear.  The  third- 
stage  vane  retention  ring  is  sandwiched  between  the  rear  flange  of  the 
rear  turbine  case  and  the  front  flange  of  the  turbine  exhaust  case.  The 
three  flanges  involved  are  all  deeply  scalloped  to  reduce  thermal  stresses, 
to  reduce  weight,  and  to  provide  clearance  for  tubes  passing  over  the 
flanges.  Grooves  and  flanges  integral  with  both  turbine  cases  provide 
support  for  the  turbine  stators. 


The  first-stage  varies  are  cast  from  PWA  6A  i  (Wl-'xi),  a  cobalt  base 
alloy  which  has  excellent  high-temperature  strength,  stress  rupture, 
and  creep  properties.  The  van-s  arc  air  cooled  and  structurally  sup¬ 
ported  against  airfoil  gas  loads  at  the  enc.  wall  attachment  points. 

The  flowpath  across  the  vane  is  defineo  by  integral  inner  and  outer 
platforms.  The  outer  support  assembly  of  the  first-stage  vane  con¬ 
sists  of  a  vane  support  ring  and  a  tube  support  ring  which  are  riveted  to¬ 
gether  to  encase  exhaust  cooling  air  transfer  tubes.  The  outer  flange 
of  the  support  ring  is  sandwiched  between  the  interlocking  turbine  case 
and  outer  combustion  case  flanges  and  the  retaining  flange  of  the  burner 
outer  liner.  The  inner  support  for  the  first  vane  consists  of  the  inner 
turbine  nozzle  vane  case  and  an  inner  torque  ring.  The  inner  torque 
ring  is  riveted  to  the  inner  turbine  case  together  with  a  second  ring 
carrying  knife  edge  seal  lips  extending  rearward  to  the  disk  side  plate 
seal  surface.  A  rear  flange  on  the  inner  case  locates  the  inner  torque 
ring  and  receives  the  thrust  load  of  the  vanes.  The  varie  root  attach¬ 
ments  slide  into  tee  slots  which  permit  radial  motion  and  are  held  in 
place  by  the  rear  flange  of  the  inner  rear  combustion  chamber  liner, 
to  which  vhe  forward  flange  of  the  vane  support  is  bolted.  Use  of  tee 
slots  permits  thermal  expansion  of  the  vane  and  prevents  the  Number  f 
bearing  load  from  being  transmitted  through  the  vanes.  The  inner  and 
outer  vane  support  loads  are  transferred  to  the  inner  and  outer  combus¬ 
tion  chamber  cases  and  subsequently  to  the  diffuser  case.  However, 
since  the  inner  combustion  chamber  case  grows  thermally  more  than 
the  outer  combustion  chamber  case,  the  inner  portion  of  the  first- stage 
vanes  are  displaced  forward  of  the  outer  portion  at  assembly  so  that  the 
vanes  will  be  normal  to  the  gas  stream  during  engine  operation  The 
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ends  of  the  transfer  tubes  are  spherical  to  permit  the  vane  roots  to  be 
.tipped  forward  during  assembly. 

'-The-fir at -stage  turbine  vanes,  as  shown  in  Figure  2-47,  are  cooled  by 
impingement  air  on  the  leading  edge  and  by  film  cooling  on  the  trailing 
edge.  This  is  one  of  several  cooling  schemes  which  may  be  used. 
Combustor  secondary  cooling  air  is  introduced  at  the  inner  vane  sup¬ 
port  from  which  it  flows  radially  into  a  tube  in  the  vane  leading  edge 
cavity.  Orifices  in  the  tube  wall  direct  the  cooling  air  to  impinge  on 
the  vane  leading  edge  inner  surface  and  subsequently  to  flow  along  the 
chord  to  the  finned  inner  surface  of  the  leading  edge  cavity  into  a  radial 
passage  behind  the  tube.  From  this  passage,  the  cooling  air  flows  radi¬ 
ally  outward,  through  the  transfer  tube  into  the  annular  passage  formed 
by  the  outer  vane  support  and  the  turbine  case,  and  then  discharges 
through  tubes  in  the  fan  duct. 

Cooling  air  also  flows  from  the  outer  end  of  the  vane  into  a  shell  in  the 
central  vane  cavity  and  is  distributed  radially  through  holes  in  the  for¬ 
ward  section  of  the  shell.  Subsequently,  the  cooling  air  flows  rearward 
along  the  chord  finned  inner  surface  of  the  vane,  and  is  discharged  through 
slots  in  the  vane  surfaces  just  forward  of  the  vane  trailing  edge.  This 
provides  film  cooling  of  the  trailing  edge. 


i  f 


The  second-  and  third-stage  vanes  are  cast  from  PWA  658  nickel-base 
alloy  and  are  cantilevered  from  the  turbine  case.  The  vanes  are  sub¬ 
jected  to  loading  by  gas  pressure  on  the  airfoils  and  inner  vane  supports 
and  are  secured  front  and  rear  by  feet  which  are  integral  with  the  vane 
platforms  and  engage  circumferential  grooves  in  the  turbine  cases.  The 
tangential  shear  loads  are  transferred  to  lugs  on  the  first-  and  second- 
stage  tip  seals.  The  inner  platforms  of  the  second-  and  third-stage  vanes 
are  provided  with  lugs  which  engage  mating  lugs  in  an  annular  channel¬ 
shaped  inner  support  fabricated  from  PWA  687  (Waspaloy).  Rings 
carrying  knife-edge  seal  lips  are  riveted  to  the  forward  inner  edges  of 
the  annular  channels. 


The  second- stage  vanes  are  cooled  by  burner  secondary  air 
which  flows  through  holes  in  the  outer  combustion  chamber  support 
diaphragm,  between  the  first- stage  vane  extensions,  through  holes  in 
the  first-stage  outer  vane  support  inner  flange,  between  the  turbine  case 
and  the  first  stage  blade  tip  seals,  and  through  grooves  in  the  turbine 
case  lugs  and  vane  feet.  The  second- stage  vane  is  internally  impinge¬ 
ment  cooled,  as  shown  in  Figure  2-40.  Cooling  air  fills  a  central  shell 
from  which  it  passes  through  holes  to  impinge  on  the  inside  of  the  air¬ 
foil  leading  edge.  It  then  flows  rearward  along  the  inner  sides  of  the 
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eii  iit  of  the  tr&fi&fer  tubes  ape  spherical  to  permit  the  vane  roots  to  be 
tipped  foiward  during  assembly. 

The  first-stage  turbine  vanes,  as  shown  in  Figure  2-4?,  are  cooled  by 
Impingement  air  on  the  leading  edge  and  by  film  cooling  on  the  trailing 
edge.  This  is  one  of  several  cooling  schemes  which  may  be  used. 
Combustor  secondary  cooling  a»r  is  introduced  at  the  inner  vane  sup¬ 
port  from  which  it  flows  radially  into  a  tube  in  the  vane  leading  edge 
cavity.  Orifices  in  the  tube  wail  direct  the  cooling  air  to  impinge  on 
the  vane  leading  edge  inner  surface  and  subsequently  to  flow  along  the 
chord  to  the  finned  inner  surface  of  the  leading  edge  cavity  into  a  radial 
passage  behind  the  tube.  From  this  passage,  the  cooling  air  flows  radi¬ 
ally  outward,  through  the  transfer  tube  into  the  annular  passage  formed 
by  th©  Outer  vane  support  and  the  turbine  case,  and  then  discharges 
through  tube®  m  the  fen  duct. 


Cooling  air  also  flr-H  from  the  outer  end  of  the  vane  into  .-.  shell  m  the 
central  vane  cavity  and  is  distribute  d  radially  through  hole*  m  me  fo- 
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SiStS  10  lhe  Vjar<*'  *»l“f«M.es  just  forward  of  fie  vane  trailing  edge.  This 
provides  film  cooling  of  the  trailing  edge. 
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vane  and  is  discharged  through  slots  in  the  sides  of  the  vane  juet  for¬ 
ward  of  the  trailing  edge.  The  third-stage  vanes  are  not  cooled. 

Many  vane  cooling  configurations  have  been  designed  and  tested,  and 
extensive  effort  in  this  area  will  continue.  There  are  a  number  of  pro¬ 
mising  designs  that  have  yet  to  be  evaluated.  The  final  vane  cooling 
design  for  the  STF219  engine  can  be  determined  only  after  extensive 
testing  and  engine  development  effort. 

The  blade  tip  seals  are  fabricated  from  Hastelloy  X  because  of  its  high 
oxidation  resistance  and  adequate  strength  for  this  application.  The 
first- stage  blade  tip  seal  is  held  in  place  by  the  outer  support  of  the 
first-stage  vanes  and  by  the  second-stage  vanes.  The  seal  is  cooled 
by  high-pressure  compressor  air  traveling  between  the  seal  and  the 
diffuser  case,  and  also  by  a  flow  of  air  which  is  metered  through  holes 
in  the  outer  support  and  blankets  the  inner  surface.  The  second- stage 
blade  seal  is  held  in  place  by  the  second-  and  third-stage  vanes.  The 
first-stage  blade  tip  seal  has  a  pressurized  axial  sealing  ring  in  a 
groove  at  its  forward  edge  which  bears  against  the  inner  flange  of  the 
first-stage  vane  outer  support.  Replaceable  wear  rings  are  sandwiched 
between  the  first-  and  second- stage  seal  rear  edges  and  the  forward 
surfaces  of  the  second-  and  third-stage  vanes  respectively.  In  addition, 
the  first-  and  second-stage  blade  tip  seals  have  torque  lugs  at  the  rear 
which  engage  grooves  in  the  turbine  case  and  then  extend  ,  earward  into 
the  flow  passage  in  the  outer  front  foot  of  the  following  vane.  Adequate 
radial  and  axial  clearances  have  been  provided  between  the  seal  :>-^s 
and  the  case  lugs  to  ensure  that  the  relative  thermal  expansion  of  the 
parts  will  not  ccnstrain  the  seals  during  steady-state  or  transient?- 
operation.  The  third-stage  blade  tip  seal  is  held  in  place  by  the  third- 
stage  vane  retention  ring  and  by  a  shoulder  on  the  tirffeine  exhaust  case 
grooved  to  engage  the  seal  torque  lugs.  The  c on tash  surfaces  between- 
the  vanes  and  the  seals  are  hardfaced  to  prevent  galjirig. 

Fail-safe  design  has  been  used  in  the  turbine  where  possible.  Each  of 
the  vanes  are  secured  at  both  ends  to  prevent  a  pari  of  a  fractured  or 
burned  vane  from  being  carried  downstream.  In  addition,  the  knife- 
edge  seals  have  been  designed  such  that  they  do  not  restrict ;  rearward 
travel  of  the  rotor.  Hence,  in  the  event  of  a  shaft  failure,  the  rotor 
shifts  axially  into  the  stator  dissipating  the  storedvrotaiiohhl  energy 
within  the  engine,  and  battering  the  airfoils  to  reduce  their  torque  input 
to  the  rotor.  Containment  of  broken  blades  is  provided  partially  by  the 
turbine  cases  and  the  duct  heater  cases.  The  additional  containment 
required  is  provided  with  the  minimum  addition  of  weight  by  the  combined 
containment  and  heatshield  liner  located  just  inside  the  duct  heater  outer 
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vane  and  is  discharged  through  slots  in  the  sides  of  the  vane  just  for¬ 
ward  of  t lie  trailing  edge.  The  third-stage  vanes  are  not  cooled. 

Many  vane  cooling  configurations  have  been  designed  and  tested,  and 
extensive  effort  in  this  area  will  continue.  There  are  a  number  of  pro¬ 
mising  designs  that  have  yet  to  be  evaluated.  The  final  vane  cooling 
design  for  the  STF219  engine  can  be  determined  only  after  extensive 
testing  ar.d  engine- ^e.v~4~-»mep*  '  '  __  __  — _ 

The  blade  tip  seals  are  fabricated  from  Hastelloy  X  because  of  its  high 
oxidation  resistance  and  adequate  strength  for  this  application.  The 
first- stage  blade  tip  seal  is  held  in  place  by  the  outer  support  of  the 
first-stage  vanen~and  by  the  second-stage  vanes.  The  seal  is  cooled 
by  high-pressure  compressor  air  traveling-between  the  seal  and  the 
diffuser  case,  and  also  by  a  flew  of  air  which  is  metered  through  holes 
in  the  outer  support  and  blankets  the  inner  surface.  The  second-stage 
blade  seal  is  held  in  place  second-  and  third-stage  vanes.  The 

first-stage  blade  tip  seal  has  a  pressurized  axial  sealing  ring  in  a 
groove  at  its  forward  edge  which  bears  against  the  inner  flange  of  the 
first-stage  vane  outer  support.  Replaceable  wear  rings  are  sandwiched 
between  the  first-  and  second- stage  seal  rear  edges  and  the  forward 
surfaces  of  the  second-  and  third-stage  vanes  respectively.  In  addition, 
the  first-  and  second-stage  blade  tip  seals  have  torque  lugs  at  the  rear 
which  engage  grooves  in  the  turbine  case  and  then  extend  rearward  into 
the  flow  passage  in  the  outer  front  foot  of  the  following  vane.  Adequate 
radial  and  axial  clearances  have  been  provided  between  the  seal  lugs 
and  the  case  lugs  to  ensure  that  the  relative  thermal  expansion  of  the 
parts  will  not  constrain  the  seals  during  steady-state  or  transient 
operation.  The  third- stage  blade  tip  seal  is  held  in  place  by  the  third- 
stage  vane  retention  ring  and  by  a  shoulder  on  the  turbine  exhaust  case 
grooved  to  engage  the  seal  torque  lugs.  The  contact  surfaces  between, 
the  vanes  and  the  seals  are  hardfaced  to  prevent  galling. 


Fail-safe  design  has  been  used  in  the  turbine  where  possible.  Each  of 
the  vanes  are  secured  at  both  ends  to  prevent  a  part  of  a  fractured  or 
burned  vane  from  being  carried  downstream.  In  addition,  the  knife- 
edge  seals  have  been  designed  such  that  they  do  not  r  trict  rearward 
travel  of  the  rotor.  Hence,  in  the  event  of  a  shaft  failure,  the  rotor 
shifts  axially  into  the  stator  dissipating  the  stored  rotational  energy 
within  the  engine,  and  battering  the  airfoils  to  reduce  their  torque  input 
to  the  rotor.  Containment  of  broken  blades  is  provided  partially  by  the 
turbine  cases  and  the  duct  heater  cases.  The  additional  containment 
required  is  provided  with  the  minimum  addition  of  weight  by  the  combined 
containment  and  heatshield  liner  located  just  inside  the  duct  heater  outer 
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vane  and  is  discharged  through  slots  in  the  sides  of  the  vane  just  for* 
%vard  of  the  trailing  edge.  The  third-stage  vanes  are  not  cooled. 
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Many  vane  cooling  configurations  have  been  designed  and  tested,  and 
extensile  effort  in  this  area  will  continue.  There  are  a  number  of  pro¬ 
mising  designs  that  have  yet  to  be  evaluated.  The  final  vane  cooling 
design  for  the  STF219  engine  can  be  determined  only  after  extensive 
testing  ar.d  eng ine-^v^onmen ♦ 

The  blade  tip  seals  are  fabricated  from  Hastelloy  X  because  of  ita  high 
oxidation  resistance  and  adequate  strength  for  this  application.  The 
first-stage  blade  tip  seal  is  held  in  place  by  the  outer  support  of  the 
first-stage  vanes-and  by  the  second-stage  vanes.  Ths  seal  is  cooled 
by  high-pressure  compressor  air  traveling-between  the  seal  and  the 
diffuser  case,  and  also  by  a  flew  of  air  which  is  metered  through  holes 
in  the  outer  support  and  blankets  the  inner  surface.  The  second-stage 
blade^seal  is  held  in  place second-  and  third-stage  vanes.  The 
first-stage  blade  tip  seal  has  a  pressurized  axial  sealing  ring  in  a 
groove  at  its  forward  edge  which  bears  against  the  inner  flange  of  the 
first-stage  vane  outer  support.  Replaceable  wear  rings  are  sandwiched 
between  the  first-  and  second- stage  seal  rear  edges  and  the  forward 
surfaces  of  the  second-  and  third-stage  vanes  respectively.  In  addition, 
the  first-  and  second- stage  blade  tip  seals  have  torque  lugs  at  the  rear 
which  engage- grooves  in  the  turbine  case  and  then  extend  rearward  into 
the  flow -passage  in  the  outer  front  foot  of  the  following  vane.  Adequate 
radial  and  axial  clearances  have  been  provided  between  the  seal  lugs 
t~and  the  case  lugs  to  ensure  that  the  relative  thermal  expansion  of  the 
parts  will  not  constrain  the  seals  during  steady-state  or  transient 
operation.  The  third-stage  blade  tip  seal  is  held  in  place  by  the  third- 
stage  vane  retention  ring  and  by  a  shoulder  on  the  turbine  exhaust  case 
grooved  to  engage  the  seal  torque  lugs.  The  contact  surfaces  between, 
the  vanes  and  the  seals  are  hardfaced  to  prevent  galling. 

Fail-safe  design  has  been  used  in  the  turbine  where  possible.  Each  of 
the  vanes  are  secured  at  both  ends  to  prevent  a  part  of  a  fractured  or 
burned  vane  from  being  carried  downstream.  In  addition,  the  knife- 
edge  seals  have  been  designed  such  that  they  do  not  restrict  rearward 
travel  of  the  rotor.  Hence,  in  the  event  of  a  shaft  failure,  the  rotor 
sMfts  axially  into  the  stator  dissipating  the  stored  rotational  energy 
;/'3yi^in>tKe;er^ihe^  and  battering  the  airfoils  to  reduce  their  torque  input 
.  to  the  rotor.;  Containment  of  broken  blades  is  provided  partially  by  the 
turbine,  cases  and  the  duct  heater  cases.  The  additional  containment 
required  is  provided  with  the  minimum  addition  of  weight  by  the  combined 
^gghtaihment  and  heatshield  liner  located  just  inside  the  duct  heater  outer 
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case.  The  total  containment  thicknessm**  were  determined  by  proce¬ 
dures  which  take  into  account  strength  and  toughness  fectm  <5  fi-r  each, 
different  containment  material  at  its  maxi imnn  operating  temperature 


Provision  has  :>een  made  2 or  the  inspection  of  the  firsi-sta,  >>  vanes 
and  {he  first-stage  turbine  blades  without  n«  cessitating  a  complete 
disassembly  of  the  engine.  The  ouier  combustion  c ‘uati.br r  s •' sdv s  '•  << 
after  the  <  xhaust  cooling  -n’-  tubes  are  ■  rmeved  from  the  turlM-  cap- 
The  combustion  chamber  outt  r  liner  then  s ! . s  forward  cud  t:  -  vanes 
are  visible.  Individual  vam  s  may  be  removed  *  ,  sliding  the  i-.a< 
combustion  chamber  iiner  forward  after  which  tin  vane  to  i  ‘.»c*.td 
will  slifte  out.  The  remaining  vanes  will  )v  held  in  p  i.  <  •"  y  tlic* •  ** 
respective  iranrb'r  tubes.  By  removing  :h<  nuts  on  ,he  ’orw.rd  flange 
of  the  inner  turbine  nozzle  case,  the  entire  first-stage  vent-  assembly 
will  slide  forward  over  tie-  inner  rear  combustion  c ! •  a  <>  -cr  .  rise  to 
provide  access  to  the  first-stage  turbiix.  blades. 


d.  Description  of  Rotating  Parts 

The  high-pressure  rotor  consists  of  the  first- stage  turbine  disk  and 
blade  assembly,  the  first- stage  front  disk  seal  and  seal  ring,  the 
front  disk  seal  support  ring,  the  first-stage  air  seal  ring,  the  first- 
stage  turbine  front  shaft,  and  the  rear  inner  knife-edge  seal. 

The  disk  and  blade  assembly,  front  seal  disk  support  ring,  and  the 
rear  inner  knife  seal  are  bolted  to  the  rear  flange  of  the  turbine  front 
shaft  with  eighteen  one-half  inch  tieboits.  The  front  disk  seal  is  self 
supporting,  and  is  retained  axially  by  a  retaining  ring  bolted  with 
twelve  1/4-inch,  bolts  to  the  front  disk  seal  support  ring.  The  front 
disk  seal  filfilis  two  functions.  It  provides  a  sealing  surface  for  the 
knife-edge  seals  mounted  on  the  first  stator  inner  support,  and  it 
provides  a  baffle  to  direct  cooling  air  over  the  front  face  of  the  first- 
stage  disk  to  the  blade  root  attachments  and  through  the  first- stage 
blade  foils. 

Air  sealing  between  the  high-  and  low-pressure  turbine  rotors  is  pro¬ 
vided  by  the  rear  inner  knife-edge  sea!  mounted  on  tl«e  rea>  face  of 
the  first-stage  turbine  disk,  at  the  bolt  circle  and  a  mating  cylindrical 
seal  surface  attached  to  the  low-speed  rotor  shaft.  In  addition,  a 
knife-edge  sea]  supported  by  the  second-stage  stator  inner  shroud 
mates  with  a  cylindrical  seal  s-  'ace  on  the  rear  face  of  the  first- 
stage  turbine  disk  at  the  bolt  ci  .  *•  to  provide  air  sealing  between  the 
first-stage  rotor  and  the  second-stage  stator,  ■ 
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ru->  Te,v-p rcssurc  rotor  consists  of  the  s«  ond-stagc  tui'hi!  f  d;  -  k  and 
blade  afiScinblv,  the  set  <»id-  stage  from  disk  seal,  th  •  rci  o:;e- .-  P-rc 
df.v*  seal  spacer,  the  second- stage  air  seal  ring,  the  thi rr.- -,s .sKe  ;-,j r~ 
bint  disk  and  blade  .i$s»«  mhjy.  toe  jni*T~ stage  spacer  and  si.,1  support, 
the  low-nrr  Rscre  turbine  rear  hob,  and  the  low-pressure  rbme  •' root 
shaft. 


The  rear  flange  of  the  low-pressure  t»* rbinc  front  “haft. 
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disk.  I’orque  logs  on  tb«  inn* 
with  slots  in  the  second  stage  trout  disk  seal  sp-av  er,  w*.»<  ii  dith1 
thicker  than  the  d.sk  seat  inner  ■  ircumf.  rer.ee  to  allow  free  radial 
growth.  The  torque  lugs  also  hold  the  disk  seal  t  one  ent  rti  v  :th  tie 
rotor  axis. 


1  he  cylindrical  interstage  spacer  and  seal  support  prov  ui<  s  stiffening 
f  for  the  disks  and  raises  the  resonant  vibration  frequency  of  tne  third- 

stage  disk  out  of  the  range  of  the  frequency  excittd  bv  trie  a;  st r.  am 
flow  pattern  produced  by  the  turbine  exhaust  struts,  hi  addition,  the 
spacer  supports  the-  knife-edge  seals  which  matt  with  the  seal  surface 
mounted  on  the  third- stage  stator  inner  shroud. 


In  all  turbine  stages,  th<-  blade  roots  arc  attac  hed  to  the  disks  by  a 
multiple  serration  "fir  tree”  root.  This  method  provides  an  attach¬ 
ment  which  is  designed  ;o  withstand  fatigue  and  stresses  resulting  from 
centrifugal  forces  and  a-rodynainically  excited  vibrations.  {experience 
has  shewn  that  this  met!  od  of  attachment  is  reliable  and  efficient 
Similar  to  the  J'l  1  i  engine,  extended  blade  roots,  in  which  the  b’ade 
shank  ?xb  nds  between  the  platform  and  the  root  attachment,  are  used 
for  the  first-  and  second-stage  blades  to  displace  the  disk  rim  ,.,nd  the 
attachments  away  from  the  hot  turb.ne  gas  stream  and  to  facilitate 
their  cooling.  Air  seal  ring*  positioned  by  snap  rings  on  the*  front 
faces  of  the  first-  and  second- ’.stage  disks  pr<  vent  uncontrolled  flow  of 
cooling  air  between  the  disk  rims  and  the  blade  platforms.  The  blades 
in  the  first  aft-:?  second  stages  are  retained  axially  by  snap  rings  located 
in  the  from  fat e  of  each  disk  rim.  In  the  third  Stage,  rhe  blades  are 
retained  bv  rivets  through  the  apex  of  the  fir  tree. 
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r u <■■•  low-pressure  rotor  consists  of  the  Second  - stag:-  turbine  disk  and 
blade?  assembly,  the  second-stage  front  disk  seal,  th<-  sot  msd- sUec 
dibx  seal  spacer,  the  second- stage  air  s»-ai  ring,  the  tl.jrd-^tage  t nr- 
bine  disk  and  blade-  nSSi  mb-ly.:  toe  intern- stage  spacer  -mb  *u,j!  support, 
the  low-prcgscre  turbine  tear  bob,  and  the  lev.*. -pressure  turbine  front 
shaft. 


T he  rear  flange  of  the  low -pre  s su re  turh?r*c  front  n  second- 

atrtge  disk  seal  snarer,  the  Second- slag  disk  and  blade  assembly,  the 
f re  nt  flange  of  the  low-pressure  turbine  rear  hub,  and  ih*  flange  of  the 
third-stage  disk  integral  spacer  are  a ? !  bolted  together  with  t  iphteen 
5/8-inch  tieboKs.  The  second- stage  front  seal  disk  is  self-supporting 
and  is  retained  axially  by  the  shaft  rr  ir  flange  and  the  second -stage 
disk.  Torque  lugs  on  ih«  inner  circumference  of  the  oisk  seal  mate 
with  slots  in  the  second-  stage  lront  disk  seal  .spacer,  which  •. s  slight}/ 
thicker  than  the  disk  seal  inner  circumference  to  allow  free  r a d ; a ! 
growth.  The  torque  lugs  also  hold  the-  disk  seal  concent ru  with  the 
rotor  axis. 


The  cylindrical  interstage  spacer  and  seal  support  provich  s  stiffening 
f  for  the  disks  and  raises  the  resonant  vibration  frequency  c  f  tne  th'  rd- 

stage  disk  out  of  the  range  of  the  frequency  excited  bv  tne  upstn  am 
flow  pattern  produced  by  the  turbine  exhaust  struts.  In  addition,  the 
spacer  supports  the  knife-edge  seals  which  mate  with  tin  seal  surface 
mounted  on  the  third-stage  stator  inner  shroud. 
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In  all  turbine  stages,  the  blade  roots  arc  attached  to  the  disks  by  a 
multiple  serration  "fir  tree”  root.  This  method  provides  an  attach¬ 
ment  which  is  designed  to  withstand  fatigue  ar.d  stresses  resulting  from 
centrifugal  forces  and  aerodynamic  ally  excited  vibrations.  Experience 
has  shown  that  this  met!  od  of  attachment  is  reliable  and  efficient 
Similar  to  the  JT  1  I  engine,  extended  blade  roots,  In  which  the  b’ade 
shank  rxtends  between  the  platform  and  the  root  attachment,  are  used 
for  the  first-  and  second-stage  blades  to  displac  e  the  disk  rim  ,.nd  the 
attachments  awey  from  -he  hot  turbine  gas  stream  and  to  facilitate 
their  cooling.  Air  seal  rings-  positioned  by  snap  rings  on  the  front 
faces  of  the  first-  and  second- stage  disks  prevent  uncontrolled  flow  of 
cooling  air  between  the  disk  rims  and  the  blade  platforms.  The  blades 
in  the  first  and  second  stages  are  retained  axially  by  snap  rings  located 
in  the  front  face  of  each  disk  rim.  In  the  third  stage,  the  blades  are 
retained  by  rivers  through  the  apex  of  the  fir  tree. 
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Vibration  damping  for  the  first-  and  second-stage  turbine  blades  is 
provided  by  cylindrical  weights  housed  in  protrusions  integral  with 
the  front  and  rear  first-  and  second-stage  disk  rims<  Centrifugal 
force  causes  the  weights  to  bear  against  the  individual  blade  platforms 
to  provide  frictional  damping  of  blade  vibrations.  This  design  concept 
has  been  successfully  demonstrated  in  the  J-S8  engine. 

The  third-stage  turbine  blades  have;  interlocking  tip  shrouds 
to  control  blade  vibrations.  The  tip  shroud  bearing  surfaces  are  hard- 
faced  to  prevent  excessive  wear..  The  tip  shrouds  also  carry  two 
knife-edge  seals  which  mate  with  a  stepped  sea!  ring  attached  to  the 
turbine  case. 

All  of  the  turbine  blades  ha%'e  integral  platforms  at  the  roots  which 
extend  to  the  front  and  rear  to  form  cylindrical  surfaces  to  mate  with 
stationary  interstage  knife-edge  seals.  These  seals  prevent  the  hot 
turbine  gases  from  circulating  into  the  cavities  between  the  disks  and 
therefore  the  temperature  gradient  between  the  disk  bore  and  rim  is 
reduced  together  with  the  resultant  thermal  stresses.  The  outer  sur¬ 
faces  of  the  platforms  form  the  inner  boundary  for  the  eas  path. 

The  primary  element  in  the  design  of  a  turbine  disk  for  satisfactory 
life  is  the  selection  of  materials  having  the  necessary  properties  to 
meet  the  requirements  dictated  by  the  levels  of  stress  and  tempera¬ 
ture  under  which  the  disk  must  operate.  The  d<  termination  of  the 
mechanical  properties  of  these  materials  has  been  accomplished 
largely  by  Fratt  &  Whitney  Aircraft,  although  these  data  were  sup¬ 
ported  by  material  published  by  material  producers,  government 
agencies,  research  corporations,  and  full  scale  spin  testing. 

PWA  1007  nickel  alloy  has  been  selected  for  the  first-stage  turbine 
disk  for  the  Mach  2,  7  engine  and  for  a J 1  three  disks  for  the  Mach  3.  0 
engine.  PWA  1003  nickel  alloy  is  adequate  for  the  second-  and  third- 
stage  disks  for  the  Mach  2,  7  engine.  Experience  with  these  material* 
in  Pratt  &  Whitney  Aircraft  engines  indicates  that  they  will  provide 
satisfactory  life  at  the  temperatures  and  stress  levels  predicted  for 
the  STF2  19  engines. 

Pratt  &  Whitney  Aircraft  turbine  blade  materials  are  selected  accord¬ 
ing  to  the  operating  conditions  to  achieve  the  best  combination  of 
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ductility,  corrosion  resistance,  and  high  tensile  and  stress  rupture 
properties.  PWA  658  {IN  100)  has  been  chosen  as  the  blade  material 
for  all  three  turbine  stages.  Based  on  current  engine  experience, 
these  materials  show  promise  of  demonstrating  satisfactory  blade 
attachment  life  at  predicted  temperatures  and  attachment  stress  levels. 

Air  for  cooling  the  turbine  parts  is  obtained  from  the  fourth  stage  of 
the  compressor  and  from  the  compressor  discharge  exit.  Air  from 
the  fourth  compressor  stage  initially  cools  various  sections  of  the 
compressor,  and  subsequently  flows  to  the  turbine  section  through  the 
annulus  formed  by  the  two  shafts.  The  air  surrounds  and  cools  the 
bore  of  the  first- stage  turbine  disk,  passes  through  holes  in  the  rear 
conical  portion  of  the  low  speed  turbine  front  shaft  *hnre  it  then 
surrounds  and  cools  the  bore  of  the  second-stage  turbine  disk,  and 
then  passes  through  holes  in  the  conical  portion  of  the  low  speed  tur¬ 
bine  rear  shaft  to  cool  the  bore  and  rear  face  of  the  tnird-stage 
turbine  disk.  This  air  is  exhausted  to  the  gas  pat!  ;  the  rear  of  Ine 
third-stage  bj^ide  platform. 

For  disk  and  blade  cooling,  compressor  discharge  air  is  piped  directly 
to  the  compartment  forward  of  the  first-stage  turbine  front  seal  disk. 

A  portion  of  this  air  passes  through  holes  in  the  front  disk  seal  support 
between  the  bolts  to  be  directed  over  the  front  face  of  the  first-stage 
turbine  disk  and  subsequently  into  the  rim  at  the  apc-x  of  th^  blade 
attachments  and  into  the  individual  blades. 

One  cooling  scheme  for  the  first-stage  turbine  blade  (see  Figure  2-49) 
uses  film  cooling  for  the  leading  and  trailing  edges.  Cooling  air  is 
supplied  to  the  blade  at  the  blade  root.  From  the  root,  it  flows  radially 
through  the  hollow  blade  convectively  cooling  the  mid-chord  section.  At 
the  front  of  the  biade  cavity,  cooling  air  is  ejected  through  holes  to  form 
an  air  film  over  the  outer  surface  of  the  leading  edge.  At  the  rear  of 
the  cavity,  the  air  is  released  through  siots  to  form  an  air  film  over  the 
trailing  edge.  This  design  is  discussed  in  detail  in  section  E  of  this 
item. 

Many  blade  cooling  configurations  have  been  designed  and  tested  and 
extensive  effort  in  this  area  will  continue.  There  are  a  number  of 
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p rum  sing  designs  that  have  vet  to  be  evaluated.  The  final  blade  ronl- 
ing  drJHgn  tnJ‘  tH«»  SI  FZ  1  '*  engine  -.an  He  determined  only  after  exten¬ 
sive  i  ‘sting  and  engine  d«*ve lonmrnt  effort. 

The  i-nsamdcr  of  the  h.un-f ressure  compressor  discharge  air  for  tur¬ 
bine  c  riing  p r.jicS  through  holes  between  the  first -stage  tieboits  into  - 
the  co:upa  rtme-nt  bc-iw^cn  the  tirst-  and  second-stags  disks.  From  this 
point  i  it  flow  divides  into  three  parts.  A  portion  leaks  under  a  knife- 
edge  s  a!  to  cool  the  rear  face  of  th.*  first-stage  disk  and  subsequently 
past  a  econd  seal  into  the  turbine  gas  stream.  The  second  portion 
passed  through  holes  near  me  inner  circumference  of  the  sec ond- stage 
f runt  s  al  disk  fr  cool  the  front  face  of  the  turbine  disk  and  the  blade 
roots.  I  lie  remainder  of  the  flow  passes  through  holes  between  the, 
second  stage  tiebolts  into  the  chamber  between  the  second-  and  third- 
stage  disks.  This  air  cools  the  rear  face  of  the  second-stage  disk  and 
the  front  face  of  the  third-stage  disk,  and  subsequently  flows  through 
holes  on  both  sides  of  the  seals  on  the  outer  spacer  to  cool  the  rims 
of  the  second-  and  third-stage  disks.  From  here  it  leaks  past  the 
knife-edge  seals  into  the  turbine  gas  stream.. 

e .  T  u  rbin<~  Rotor  Da  lane 

Before  fssembly,  the  high-speed  front  turbine  shaft  is  dynamically 
balanced  by  removing  material  from  the  rear  flange  and  by  inserting 
plugs  into  the  holes  provided  at  the  tront  of  the  s  haft.  The  first-stage 
front  disk  seal  is  statically  balanced  by  machining.  The  first-stage 

disk  and  blade  assembly  :s  statically  balanced  by  pairing  blades  by 
the  moment-weight  method  during  assembly  and  subseq  cntly  insert¬ 
ing  hollow  plugs  in  the  air  holes  between  the  tiebolt  holes  in  the  disk. 
The  plugs  are  trapped  in  the  disk  after  assembly  by  the  adjacent  flanges 
but  permit  cooling  air  to  pass  through  the  disk. 

The  turbine  rotor  is  then  assembled  together  with  the  Number  3 
bearing  compartment  and  support,  the  combustion  chamber  inner  and 
outer  cases,  the  first  stage  turbine  stators,  and  the  combustion  cham¬ 
ber,  the  diffuser  case,  the  previously  balanced  high-pressure  com¬ 
pressor  rotor  and  stator,  and  all  associated  hardware.  The  entire 
assembly  is  then  balanced  finally  by  adding  weights  to  the  flanges  pro¬ 
vided  at  the  rear  of  the  first- stage  turbine  disk  and  at  the  front  of 
the  third-stage  compressor  disk,  making  further  disassembly  and 
reassembly  unnecessary. 

The  low-speed  turbine  front  shaft  is  dynamically  balanced  by  machin¬ 
ing  corrections  in  the  flange  provided  just  behind  the  high-pressure 
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compressor  and  in  the  inside  of  the  rear  flange-  The  second-stage 
front  seal  disk  is  statically  balanced  by  machining  corrections  in  the 
flanges  at  the  front  edge  of  the  rim.  The  second-  and  third- stage 
blade-disk  assemblies  are  assembled  by  the  blade -nai ring  moment- 
weight  method  and  then  the  second-stage  assembly  is  balanced  by  the 
same  method  used  for  the  first-stage  assembly.  The  third- mage 
assembly  is  not  statically  balanced.  The  low-soeed  rotor  is  then 
assembled  with  the  turbine  rear  case  and  the  third-stage  stators,  and 
dynamically  balanced  by  adding  correction  weights  to  the  flange  at 
the  rear  of  the  third- stage  disk  and  to  the  flange  just  forward  of  the 
shaft  rear  flange. 

f.  Stress  Analysis  Summary 

The  front  seal  disks  attached  to  the  first-  and  second-stage  disks  are 
self-supporting  and  are  designed  to  respond  to  thermal  changes  and 
centrifugal  loading  independent  of  the  disks  to  which  they  are  attached. 
The  criteria  for  determining  their  design  limits,  however,  are  identi¬ 
cal  to  those  for  the  turbine  disks. 

The  stresses  and  strains  for  the  turbine  components  wjj: r  determined 
by  the  use  of  moderately  complex  methods  which  enable  the  determina¬ 
tion  of  Stress  redistribution  within  the  components  resulting  from  short 
time  local  yielding  or  long  term  creep.  In  addition,  accurate  methods 
evolved  through  an  extensive  program  of  material  and  stress  evaluation 
were  used  to  predict  burst  and  yield  speeds,  transient  yield  growth, 
creep  characteristics,  and  low-cycle  fatigue  characteristics  of  *he  tur¬ 
bine  components,  and,  on  the  basis  of  these  predictions,  the  turbine 
was  designed  to  meet  the  life  requirements  of  the  engine. 

5..  TURBINE  SHAFTS 

a.  General  Description 


The  high-speed  turbine  shaft  is  coupled  to  the  rear  hub  of  the  high- 
pressure  compressor.  The  low-speed  turbine  shaft  is  coupled  to  the 
fan  hub.  In  addition  to  transmitting  torque,  the  two  shafts  form  an 
annulus  to  carry  cooling  air  from  the  compressor  to  the  turbine.  The 
low-speed  turbine  rear  hub  provides  support  for  the  low-speed  tur¬ 
bine  rotor.: 

b.  Physical  Structures 

The  high-speed  turbine  shaft  is  flanged  at  the  rear  and  is  bolted  to  the 
first-stage  turbine  disk.  From  the  flange  it  extends  forward  and  tapers 
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inward  to  join  a  cylindrical  section  which  extends  through  the  Numbe 
3  bearing  and  terminates  just  beyond  the  bearing  compartment.  Holts 
are  provided  at  the  fiont  end  of  the  shaft  for  balance  plugs.  The  inside 
of  the  shaft  at  the  rear  of  the  cylindrical  section  is  splined  to  driv«  ie 
high-pressure  compressor  rear  hub.  A  shoulder  on  the  inside  of  the 
shaft  immediately  behind  the  vplir.ed  section  provides  a  bearing  sur* 
face  for  the  coupling  nut  which  screws  onto-the  end  of  the  high-press  ire 
compressor  rear  shaft.  At  the  junction  of  the  tapered  section  and  tl  3 
rear  flange  of  the  high-s,jeed  turbine  shaft,  material  is  provided  for- 
the  detail  balancing  of  the  shaft.  The  rear  flange  of  the  low-speed 
turbine  shaft  is  bolted  to  the  front  face  of  the  second -stage  disk. 

From  the  flange,  the  shaft  tapers  to  a  cylindrical  section  and  then 
extends  forward  to  couple  with  the  fan  rear  shaft  just  forward  of  the 
Number  1  bearing.  Coupling  is  obtained  through  splir'-s  on  the  out-, 
side  of  the  turbine  shaft  and  on  the  inside  of  the  fan  hub.  The  shaft.  , 
and  hub  arc  held  together  by  a  threaded  coupling  which  screws  into 
the  low- speed  turbine  shaft  and  bears  against  a  shoulder  on  the  fan  ' 
hub.  Spacers  are  placed  between  the  shoulder  of  the  fan  hub  and  th£ 
low-speed  turbine  shaft  to  absorb  accumulated  tolerances  and  accuri  tely 
position  the  low-speed  turbine  lotor.  Splines  are  provided  at  both  e  ds 
of  the  coupling  to  permit  it  tc  be  turned  from  either  end  of  the  engm«- 

A»»  external  flange  just  behind  the  seventh-stage  compressor  disk  ai  1 
an  internal  flange  at  the  rear  end  of  the  shaft  provide  material  for  t?  e 
detail  dynamic  balancing  of  the  shaft. 

The  low- speed  turbine  hub  is  bolted  at  the  front  flange  to  the  rear  face 
of  the  second-stage  disk.  From  the  flange  it  tapers  rearward  to  a 
cylindrical  section  supported  by  the  Number  4  bearing. 

c.  Stress  Analysis  Summary 

The  shafts  and  hub  arc  designed  to  withstand  the  stresses  produced  Hy 
a  10  per  cent  blade  loss  load.  They  were  evaluated  for  torsional  yit  d 
stress,  creep  stress,  buckling  stress,  and  t  ritical  speed.  In  all 
cases,  the  critical  speed  was  the  limiting  factor.  The  shafts  and  hub 
for  this  engine  provide  a  minimum  critical  speed  margin  of  20  per 
cent.  Due  to  critical  speed  rather  than  stress  limitation,  PV  i  100 *• 
nickel  alloy  is  adequate  for  these  parts. 
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6.  NUMBER  3  BEARING  COMPARTMENT  AND  SUPPORTING 
.  STRUCTURE 

a,  General  Description 

The  Number  3  bearing  compartment  assembly,  shown  in  Figure  2-50, 
includes  the  Number  3  bearing,  the  inner  and  outer  bearing  support, 
the  front  and  rear  carbon  face  seal  assemblies,  the  front  and  rear 
labyrinth  seal  assemblies,  and  insulation.  The  inner  bearing  support 
is  made  from  AMS  5613  stainless  steel,  the  outer  support  Irom  PWA 
687  (Waspaloy)  nickel  alloy,  and  the  inner  seal  support  from  AMS 
5613  stainless  steel.  The  rear  seal  support  and  front  and  rear  com¬ 
partment  cases  are  made  of  AMS  5667  (Inconel  X)  nickel  alloy. 

The  Number  3  bearing  supports  the  high-speed  turbine  rotor  and  is 
lubricated  by  a  combined  mist  and  jet  oil  system.  Tne  bearing  com¬ 
partment  is  sealed  by  carbon  face  seals  which  are  loaded  with  fan 
discharge  air  to  reduce  the  net  seal  loading  and  provide  longer  seal 
life.  The  carbon  face  seals  are  backed  up  by  a  labyrinth  seal  system. 

b.  Bearings 


The  Number  3  bearing  is  a  preloaded  ’•oiler  bearing  fabricated  of 
AMS  6-190  material  stabilized  to  provide  minimum  distortion  at  609°F. 
The  rollers  ride  on  a  flanged  inner  race  and  are  preloaded  by  an  out- 
of- round  outer  race.  When  the  out-of- round  race  is  pressed  into  a 
round  housing,  two  diametrically  opposed  points  are  produced  which 
preload  the  bearing  and  prevent  skidding  of  the  rollers.  The  amount 
of  preloading  obtained  is  dependent  on  the  degree  of  out-of- roundness 
and  on  the  spring  rate  of  the  bearing  inner  support.  This  system  has 
been  successfully  used  in  previous  Pratt  &  Whitney  Aircraft  engines. 
AMS  6-1 15  material  is  used  for  the  bearing  cage.  v 

c.  Seals 

The  front  compartment  is  sealed  by  a  primary  carbon  face  seal  and 
two  sets  of  four-lip  laybrinth  seals,  made  from  AMS  5667  material. 
The  annular  chamber  between  the  outer  support  assembly  and  the 
front  compartment  case  is  pressurized  with  fan  discharge  air  to  pro¬ 
vide  back  pressure  for  the  seals. 

The  rear  compartment  is  sealed  by  a  primary  carbon  face  seal  and 
three  sets  of  four-lip  labyrinth  seals.  The  innermost  chamber  formed 
by  the  rear  labyrinth  seal  support  and  the  first  two  sets  of  labyrinth 
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seals  contains  fan  discharge  air  obtained  from  n.e  from  chamber 
through  transfer  tubes  which  are  located  between  the  main  support 
flange  bolts.  The  area  outside  the  rear  compartment  case  is  pressur¬ 
ized  with  compressor  discharge  air,  and,  therefore,  a  third  set  of 
labyrinth  seals  was  added  to  protect  the  first  and  second  seals  from 
exposure  to  high-temperature,  high-pressure  air.  The  area  between 
the  second  and  third  seals  is  vented  to  the  low  pressure  area  outside 
the  front  compartment  by  a  passage  between  the  rear  compartment 
case  and  the  rear  labyrinth  seal  supports.  This  passage  passes  be¬ 
tween  the  support  flange  bolts  and  into  the  low-pressure  area. 

Venting  the  compartment  between  the  second  anc  third  rear  seals 
5. revenis  high-pressure  air  which  leaks  oast  the  outer  seal  from  pres= 
surizing  the  first  and  second  seals,  and  also  prevents  any  oil  which 
might  leak  past  the  first  and  second  seals  from  contaminating  the 
turbine  cooling  air  supply. 


d.  Lubrication 


The  bearing  is  lubricated  by  an  oil  mist  and  cooled  by  oil  flowing  through 
slots  in  the  bearing  inner  race.  The  oil  supplied  to  the  inner  race  is 
picked  up  from  a  stationary  jet  by  rotating  scoops  located  immediately 
forward  of  the  bearing.  Oil  picked  up  by  the  scoops  also  cools  the 
carbon  face  seals  and  the  compartment  inner  wall.  Accumulated  oil 
in  the  compartment  is  removed  by'  an  ejector  type  scavenge  pump, 

e.  Stress  Analysis  Summary 


The  bearing  inner  support  is  a  conical  segment  attached  to  the  rear 
end  of  the  bearing  outer  race  housing  cylinder  and  extending  forward 
and  outward.  The  flange  of  the  inner  support  is  bolted  between  flanges 
on  the  front  and  rear  shells  of  the  compartment  case.  The  conical 
section  contains  holes  to  control  the  torsional  and  two-point  radial 
spring  rates  so  that  radial  loads  from  the  rotor  v.  ill  not  cause  signifi¬ 
cant  changes  in  the  slope  of  the  outer  race  and  consequent  wear  at  the 
corners  of  the  rollers.  The  holes  maintain  a  relatively  stiff  radial 
support,  but  a  relatively  soft  two  -  point  spring  load. 


The-outer  support  assembly  is  a  second  conical  segment  which  trans¬ 
mits  bearing  loads  from  the  compartment  case  flange  to  the  rear  flange 
of  the  inner  combustion  chamber  case.  The  support  has  adequate 
stiffness  to  carry  the  bearing  loads,  but  is  designed  to  accept  the 
stresses  produced  by  the  thermal  differential  expansion  of  the  compart¬ 
ment  case  and  the  combustion  case  rear  flange.  The  continued  radial 
alignment  of  the  bearing  support  to  the  combustion  chamber  is  en- 


pa*kho  £-6C 

CONFIDENTIAL 


^  *****  —  , 


MATT  *  WNITNCT  AHtCAATT 


PWA-2397 


CONFIOKNTiAL 


sured  by-providing  sufficient  interference  fit  at  the  pilot  diameters  to 
preclude  loosening  by  thermal  expansion. 

The  bearing  support  structure  is  limited  by  the  Mach  3  cruise,  non- 
augmented  flight  condition.  Design  loads  are  caused  by  rotor  unbalance, 
aerodynamic  excitation,  maneuvers,  relative  thermal  expansion  of 
components,  operating  pressure,  and  blade  loss.  By  far  the  most 
significant  load  is  that  produced  by  possible  blade  loss.  The  bearing 
support  is  designed  to  withstand  the  dynamic  load  produced  by  blade 
loss  represented  by  a  static  load  equal  to  the  centrifugal  force  of 
10  per  cent  of  the  airfoils  in  any  turbine  stage. 

The  components  were  designed  such  that: 

1.  Under  maximum  operating  and  maneuver  loading,  tension, 
compression,  or  shear  stresses  shall  not  exceed  80  per 
cent  of  the  0.  2  per  cent  yield  strength  or  67  per  cent  of  the 
ultimate  strength,  whichever  is  less; 

2.  Under  maximum  operating  and  maneuver  loading,  bending 
stresses  shall  not  exceed  the  0.2  per  cent  yield  strength: 

3,  Under  combined  operating,  maneuver,  and  blade  loss 
loading,  tension  or  shear  stresses  shall  not  exceed  the 
ultimate  strength,  and  bending  stresses  shall  not  exceed 
the  modulus  c  rupture;  and 

4,  Vibratory  stresses  resulting  from  rotor  unbalance  and 
aerodynamic  excitation  shall  not  exceed  the  fatigue  limit. 

7.  TURBINE  EXHAUST  SECTION 

a.  General  Description 

The  turbine  exhaust  section  is  shown  in  Figure  2-50. 

The  airflow  leaving  the  turbine  passes  through  the  exhaust  system 
where  It  is  straightened  by  twelve  exit  guide  vanes,  and  subsequently 
into  the  exit  area  defined  by  the  exhaust  duct  and  the  tail  cone, 

b.  Physical  Structure 


■t-  ■  _  The  exhaust  flow  path  is  bounded  by  the  inner  ana  outer  exhaust  cases 
'  7-.  ; 7;  tthich  ar«  flow -turned  from  PWA  687  (Waspaloy)  nickel  alloy.  The 

-  Mner  ana  outer  case*  are  welded  to  the  twelve  exit  guide  vanes  which 
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are  fabricated  from  PWA  68?  and  PWA  1030  (Waspaloy),  The  vanes 
are  protected  from  the  hot  turbine  gases  by  heatshields  of  H^steJloy 
X  and  are  cooled  by  the  internal  flow  of  cooling  air  from  the  fan  duct. 
Some  of  the  vanes  have  extra  thickness  to  permit  the  passage  of  oil 
lines,  breather  tubes,  and  labyrinth- seal  pressurizing  air  lines. 
These  lines  are  flattened  tubes  surrounded  by  heat  shields. 


The  exhaust  duct  is  bolted  to  a  flange  at  the  rear  of  the  outer  exhaust 
case.  The  tail  cone  is  bolted  to  the  inner  exhaust  case. 

8.  NUMBER  4  BEARING 

a.  General  Description 

The  Number  4  bearing  is  a  roller  bearing  supporting  the  rear  end  of 
the  low-speed  shaft.  Loads  from  the  shaft  are  transmitted  through 
the  bearing  supports  to  the  inner  exhaust  case  and  through  the  exit 
guide  vanes  to  the  outer  exhaust  case.  The  bearings  are  made  of 
PWA  724  or  AMS  6490  stabilized  for  minimum  distortion  at  600*F. 
The  cage  is  made  of  AMS  64  15  material. 


c 


b.  Physical  Structure 

The  Number  4  bearing  is  designed  to  permit  the  relative  axial  thermal 
expansion  differences  between  the  shaft  and  the  exhaust  case  by  using 
a  shouldered  inner  race  and  a  long,  unshouldered  outer  race.  Both 
races  are  firmly  clamped  by  long  spanner  nuts  tightened  to  specified 
torque  values  and  secured  by  riveting  the  nuts  to  the  threaded  mem¬ 
bers.  During  engine  warmup,  the  case  structure  heats  more  rapidly 
than  the  shaft,  and  the  roller  bearing  travels  toward  the  front  of  the 
case.  When  the  engine  is  shut  down,  the  case  bools  more  rapidly  than 
the  shaft,  and  the  roller  bearing  travels  toward  the  rear.  At  steady- 
state  conditions,  the  bearing  is  at  approximately  the  same  position 
as  at  room  temperature.  Adequate  clearance  is  provided  to  permit 
the  rotor  parts  to  clear  the  stationary  parts  during  the  transient 
expansions. 


The  outer  race  housing  consists  of  a  U-shaped  section  of  PWA  1004 
(Waspaloy)  machined  into  individual  fingers  and  having  a  conical  sec¬ 
tion  which  is  bolted  to  the  exit  guide  vane  assembly.  The  U-shaped 
section  provides  the  desired  spring  rate  for  the  rotor  ciitical  speed 
requirements.  Deflections  during  large  rotor  overloads  are  limited 
Isyfcu mpers  placed  inside  the  U  sections  in  line  with  the  conical  sup¬ 
port  section. 
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The  bearing  compartment  consists  of  a  flanged  closed  cylinder  lifted 
to  a  cylindrical  seal  support  at  the  bearing  housing  support.  The 
bearing  compartment  is  protectedby  heat  shields  and  insulation.  ' 


The  rear  of  the  compartment  has  an  insulated,  removable  cove?  to 
permit  access  to  remove  the  jet  oil  supply  tube  and  install  a  threaded 
fixture  into  the  end  of  the  oil  tube  and  pump  drive  assembly.  This 
fixture  bolts  to  the  exhaust  case  rear  flange  and  locates  the  low  rotor 
axially  relative  to  the  turbine  cases  during  assembly  and  disassembly 
operations.  It  also  prevents  pivoting  of  the  cases  about  Lhe  Number  4 
bearing  relative  to  the  rotor  to  protect  the  turbine  rotor  seals  during 
this  operation. 


The  compartment  is  sealed  by  two  pairs  of  carbon  ring  seals.  The 
pairs  are  placed  back-to-back  with  a  light  pressure  applied  against 
the  angle  faces  by  a  wave-type  spring  washer  to  effect  sealing  both 
axially  and  radially.  The  seals  are  confined  in  a  space  formed  by 
clamping  the  seal  face  plates,  spacers,  and  inner  bearing  race  against 
the  shaft  hub  shoulder. 


Two,  four-knife-edge  labyrinth  seals  arsr  located  forward  of  the  car¬ 
bon  j seals.  The  two  seals  seal  against  opposite  sides  of  a  replaceable 
cylinder  riveted  to  the  low  speed  shaft  hub.  These  seals  protect  the 
bearing  compartment  from  high- temperature  gases  by  interposing 
fan  discharge  air  between  the  carbon  seals  and  disk  hub  cooling  air. 
The  inner  seal  is  riveted  to  the  Oil  seal  ring  flange  and  the  outer  seal 
to  the  integral  seal  and  support  shell. 

To  prevent  buckling,  a  corrugated  shell  is  welded  to  the  back  of  the 
turbine  exhaust  nozzle.  The  inner-skin  and  corrugated  sheet  are  PWA 
1033  (Waspaloy)  and  the  flanges  are  PWA  678  (Waspaloy).  Exhaust 
gas  pressure  and  temperature  instrumentation  is  mounted  from  bosses 
.  -  :  r  between  the  struts  in  the  exhaust  cuter  case.  This  instrumentation  is 

accessible  through  the  tailpipe  of  an  installed  engine  for  checking,  and 
may  be  replaced  if  necessary  by  removing  the  fan  duct  inner  liner. 


**• .  lubrication 

Oil  lines  to  the  bearing  compartment  pass  through  the  turbine  exit  : 
guide  vane*»  Oil  is  supplied  to  the  inside  of  the  conical  oil  tube  and 

It  flows  forward  in  the  conical  tube  and  through 
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slots  in  the  forward  edge  into  the  rotor  hub.  It  is  then  centrifuged  to 
the  forward  portion  of  the  hub  where  it  passes  radially  outward  to 
grooves  in  the  seal  plates  and  spacers  and  subsequently  to  the  inn  r 
race  of  the  bearing.  The  system  provides  twe  paths  to  the  inner  race 
so  that,  should  the  forward  holes  in  the  hob  become  plugged,  the  oil 
could  pass  behind  the  seals  directly  to  the  inner  race. 

Oil  is  returned  to  the  oil  tank  in  the  front  part  of  the  engine  by  a  gear- 
type  scavenge  pump  located  within  the  bearing  compartment. 

d.  Stress  Analysis  Summary 

The  turbine  exhaust  and  bearing  support  structure  is  limited  the 
Mach  3  flight  condition.  Design  loads  are  caused  by  rotor  unbalar.ee, 
aerodynamic  excitation,  maneuvers,  relative  thermal  expansion  of 
components,  operating  pressure,  and  blade  less.  The  most  significant 
load  is  that  produced  by  possible  blade  loss.  The  rupport  is  designed 
to  withstand  the  dynamic  load  produced  by  blade  loss  represented  by 
a  static  load  equal  to  the  centrifugal  force  of  10  per  cent  of  the  airfoils 
in  any  turbine  3tage. 

The  components  were  designed  such  that: 

1,  Under  maximum  operating  and  maneuver  loading,  tension, 
compression,  or  shear  stresses  shall  not  exceed  80  per  cent1 
cf  the  0.  Z  per  cent  yield  strength  or  bYpitr  cent  of  the  ulti¬ 
mate  strength,  whichever  is  Jess; 

2.  .Under  maximum  operating  and  maneuver  loading,  bending 

stresses  shall  not  exceed  the  0.2  per  cent  yield  strength; 

1.  Under  combined  operating,  maneuver,  and  blade  loss 
loading,  tension  or  shear  stresses  shall  not  exceed  the 
ultimate  strength,  and  bending  stresses  shall  not  exceed 
the  modulus  of  rupture;  and 

4.  Vibratory  stresses  resulting  from  rotor  unbalance  and 
aerodynamic  excitation  shall  not  exceed  the  fatigue  limit. 

9.  DUCT  HEATER  '  -  . 

a.  General  0e?c  rlptiea  ^  "V  -  ^  >>  '  . 


STF2  19  turbefaa  engine  i#  provided  by  a 
referred  to  as  a  duct  heater. 
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Tag  >I*ow  com,V>usticR.  in  the  i«n  stream,  the  fan  exit  air  is  diffused  to 
U  low  velocity  ybrougi^the  duct  diffuser  section.  To  initiate  and  main¬ 
tain  combustion  in  the. relatively  cool  fan  air  stream,  an  aerodynamic 
-or  '’jefftiamehoider  is  used*  Combustion  continues  in  the  duct  heater 
^rtibu^t^vj9«r.i:;on4-and  the  gas  stream  is  exhausted  through  a  variable- 
area  elds  nossle.  Ignition  is  provided  by  a  torch*type  igniter  located 
upstream  of  the  duct  i«el  spray  rings.  The  duct  heater  is<shown  in 
Figure  2-51. 

To  accommodate  the  shorter  length  of  the  STF219  engine,  an  offset 
cascade  type  of  diffuaer  is  used  instead  of  the  straigSit -walled  diffuser 
proposed  for  the  JT11F-11,  -12  engine. 


The  duct  heater  burning  length  is  60  inches  which  is  a  10-inch  reduc. 
tiort  from  the  duct  heater  proposed  in  the  Phase  I  study. 

A  cross-type  aerodynamic  flamehoider  consisting  of  both  circumferential 
and  radial  elements  fed  by  high-pressure,  high-temperature  air  from 
the  "'.lain  engine  combustion  chamber  secondary  cooling  air  flows  is 
used  in  the  3TF219  engine.  The  previously  proposed  des;gn  contained 
only  one  circumferential  element-  The  fuel  system  for  the  aerodynamic 
flamehoider  now  consists  of  externally  fed  spray  rings-.  In  the  Phase  I 
study,  itiwas  felt  that  internal  injection  of  fuel  would  provide  a  means 
of  premixing  some  partially  vaporized  fuel  with  the  aerodynamic  flame- 
holder  air  to  ensure  efficient  combustion.  The  cross -type  flamehoider 
has  demonstrated  more  uniform  distribution  and  increased  combustion 
efficiency  than  demonstrated  by  the  single -element  unit.  Fuel  is  sup¬ 
plied  to  secondary  upstream  spray  rings  and  primary  spray  ring's 
immediately  downstream  of  the  flamehoider. 


Structure 


The  duet  heater  consists  of  a  duct  diffuser  case,  duct  heater  cases 
add  liners,  the  ae rod ynaraic  flamehoider  and  its  air  supply  system 
and  valves,  two. fuel  spray  rings*  and  the  ignition  system 

The  duct  diffuser  case  is  fabricated  from  AMS  49 iG  and  AMS  4966 
titanium  alloys.  It  consists  of  an  inner  and  outei  case  joined  by 
eight  hollow  air-foil-shaped  struts  which  run  lengthwise  through  the 
diffuser  section.  Two  sets  pf  annular  cascades  reduce  the  fan  exit 
velocity  to  the  level  requited  for  stable,  efficient  combustion  in  the 
duct  heater.  The  first  cascade  consists  of  four  concentric  rings  of 
alf'ibxls  welded  to  supporting  pylons  and  attached  to  the  outer  case 
between  the  Struts.  The  second  cascade  consists  of  five  concentric 
riiigs  of  airfoils  supported  in  a  similar  manner.  The  vanes  and  sup* 
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porting  pylons  are  fabricated  from  AMS  4^66  titanium  stock,  The 
complete  duct  diffuser  assembly  is  split  at  the  engine  vertical  center- 
line  to  provide  access  to  the  fuel  manifold  and  fuel,  oil,  and  air  lines 
which  pass  through  these  spilt  struts  and  the  two  struts  located  on  the 
engine  horizontal  centerline.  The  use  of  continuous  lines  from  the 
internal  to  the  external  connections  eliminates  the  possibility  of 
interna*  leakage. 

The  four  struts  w  the  45-degree  positions  are  used  to  house  the  lines 
used  to  transmit  compressor  discharge  air  from  the  gas  generator 
diifuser  case  air  bleed  manifold  across  the  fan  duct  to  the  external 
connection  for  airframe  use.  External  pads  are  provided  at  these  strut 
locations  for  airframe  cabin  pressurization  air  and  thermal  ar.ti-icing 
air  connections. 

The  leading  edges  of  all  the  fan  duct  diffuser  struts  match  the  trailing 
edge  of  the  intermediate  case  struts  to  provide  a  smooth  airfoil-shaped 
section. 

The  forward  flange  of  the  outer  duct  case  attaches  to  the  rear  flange  of 
the  intermediate  case.  The  forward  end  of  the  inner  duct  joins  a  flange 
on  the  intermediate  case  with  a  slip  joint  to  provide  for  thermal  growth 
and  for  radial  and  axial  manufacturing  tolerances. 

The  duct  heater  case  is  in  three  sections.  The  forward  case  and  rear 
mount  case  are  made  from  FW«,  1202  titanium  alloy,  and  the  rear  case 
is  made  from  AMS  5616  and  AMS  5508  stainless  steel  to  withstand  the 
Slightly  higher  temperatures  present  in  this  area.  Each  of  the  cases 
is  cylindrical  and  fastens  to  the  adjacent  sections  at  flanges.  The  for¬ 
ward  case  has  provisions  for  the  installation  of  the  main  engine  igniter 
torque  tubes,  the  secondary  spray  rings,  the  primary  spray  rings, 
the  torch  igniters,  and  the  fuel  drain  plug.  The  rear  mount  c  ase  in¬ 
cludes  the  rear  engine  mount  ring.  Both  the  rear  mount  case  and  the 
rear  duct  heater  case  have  attaching  points  for  the  support  of  the 
exhaust-nozzle  and  ejector- re verser  hardware. 
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The  duct  heater  inner  and  outer  liners  consist  of  three  major  sections: 

fuel  baffle,  the  perforated  screech  liner,  and  a  transpiration 
cooling  liner.  All  liners  are  non-structural. 

Th*  fuel  baffle  forms  the  forward  section  oi  the  liners  and  prevents 
.fuel  from  entering  the  inner  and  outer  cooling  flow  annular  areas, 
ife  middlc  aecMon  of  the  liners  is  the  screech  liner,  which  is  per- 
|%E)*#t&4  wilt  small  boles  whose  opan  area  is  a  predetermined  percentage 
;;df  the  total  rT era.  This  section  absorbs  the  periodic  combustion 
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porting  pylons  are  fabricated  from  AMS  4966  titanium  stock.  The 
complete  duct  diffuser  assembly  is  split  at  the  engine  vertical  center- 
line  to  provide  access  to  the  fuel  manifold  and  fuel,  oil,  and  air  lines 
which  pass  through  these  split  struts  and  the  two  struts  located  on  the 
engine  horizontal  centerline.  The  use  of  continuous  lines  from  the 
internal  t»  the  external  connections  eliminates  the  possibility  of 
internal  leakage. 


The  four  struts  w  the  4? -degree  positions  are  used  to  house  the  linas 
used  to  transmit  compressor  discharge  air  from  the  gas  generator 
diifuser  case  air  bleed  manifold  across  the  fan  duct  to  the  external 
connection  for  airframe  use.  External  pads  are  provided  at  these  strut 
locations  for  airframe  cabin  pressurization  air  and  thermal  anti-icing 
air  connections. 

The  leading  edges  of  all  the  fan  duct  diffuser  struts  match  the  trailing 
edge  of  the  intermediate  case  struts  to  provide  a  smooth  airfoil -shaped 
section. 

The  forward  flange  of  the  outer  duct  case  attaches  to  the  rear  flange  of 
the  intermediate  case.  The  forward  end.  of  the  inner  duct  joins  a  flange 
on  the  intermediate  case  with  a  slip  joint  to  provide  for  thermal  growth 
and  for  radial  and  axial  manufacturing  tolerances. 

The  duct  heater  case  is  in  three  sections.  The  forward  case  and  rear 
mount  case  are  made  from  P Wrx  120 Z  titanium  alloy,  and  the  rear  case 
is  made  frdpi  AMS  56 16  and  AMS  5508  stainless  steel  to  withstand  the 
slightly  higher  temperatures  present  in  this  area.  Each  of  the  cases 
is  cylindrical  and  fastens  to  the  adjacent  sections  at  flanges.  The  for¬ 
ward  case  has  provisions  for  the  installation  of  the  main  engine  igniter 
torque  tubes,  the  secondary  spray  rings,  the  primary  spray  rings, 
the  torch  igniters,  and  the  fuel  drain  plug.  The  rear  mount  case  in¬ 
cludes  the  rear  engine  mount  ring.  Both  the  rear  mount  case  and  the 
rear  duct  heater  case  have  attaching  points  for  the  support  of  the 
exhaust-nozzle  and  ejector-reverser  hardware. 

The  duct  heater  inner  and  outer  liners  consist  of  three  major  sections: 
A*  fuel  baffle,  the  perforated  screech  liner,  and  a  transpiration 
cooling  liner.  All  liners  are  non- structural. 

The  feel  baffle  forms  the  forward  section  of  the  liners  and  prevents 
from  entering  the  inner  and  outer  cooling  flow  annular  areas. 

section  of  the  liners  it  the  screech  liner,  which  is  per- 
-iferated  with  small  holes  whose  open  area  it  a  predetermined  percentage 
total  s/ea.  Tins  section  absorbs  the  periodic  combustion 
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energy  fluctuations  and  prevents  random  pressure  fluctuations  from 
developing  into  cyclic  vibrations  of  large  amplitudes.  To  the  rear 
of  this  section  there  are  inner  and  outer  transpiration  coaled  liners 
fabricated  from  porous  metal.  These  liners  protect  the  outer  duet 
and  engine  cases  from  the  high  temperatures  of  the  burning  gases. 

They  also  form  the  outer  wall  of  the  annulus  which  carries  fan  discharge 
cooling  air  to  the  engine  exhaust  nozzle  at  the  inner  extremity  of  the  fan 
discharge  air  passage.  Fan  discharge  air  is  carried  between  the  miners 
and  the  inner  and  outer  cases  through  a  series  of  liner  supports  that 
have  graduated  orifices  to  control  the  flow  to  every  section  of  the  liners, 
eases,  and  nozzle.  The  orifice  areas  are  based  on  hole  area  only,  and 
are  unaffected  by  gaps  between  the  outer  linei  and  supports.  At  the  end 
of  the  outer  combustion  case,  cooling  air  is  directed  at  the  nozzle  flaps 
to  keep  them  from  overheating,  and.  at  the  end  of  the  inner  case,  air  is 
directed  into  the  exhaust  stream.  The  outer  rear  section  of  the  liner  is 
convoluted  circumferentially  for  reinforcement  against  buckling  during 
duct  heater  operation.  Longitudinal  hot -section  stiifeners  are  welded  to 
the  convolutions  to  prevent  the  convolutions  from  straightening  out  due 
to  axial  pressure  loading,  and  to  provide  axial  vibration  control. 


An  additional  liner  of  AMS  5536  material,  located  between  the  outer 
case  and  outer  duct  heater  cooling  liner  and  in  the  plane  of  the  tur¬ 
bine  blades,  provides  additional  turbine  blade  containment.  Design 
studies  have  shown  that  the  necessary  turbine  blade  containment  can 
be  provided  at  less  weight  by  the  addition  of  this  Uner  in  its  relatively 
cool  position  than  would  be  required  by  thickening  the  hotter  turbine 
case.  f 


‘  High-temperature  air  is  bled  into  the  duct  through  the  aerodynamic 
fSameholder  and  is  controlled  by  six  piston-shutti e-type  valves-  These 
mounted  bn  the  main  engine  combustion  chamber  outer  case  and 
XT e  cotttr Oiled  remotely  by  the  duct  fuel  control.  With  the  fuel  control 
ito  the  "off  position,  a.  two-way  valve  permits  engine  diffuser  air  to' 
opes  chamber  of  the  control  valve  and  actuate  the  piston  to 
almt  bff: the  airflow.  Moving  the  fuel  control  to  the  "on”  position  causes 
to  vent  the  diffuser  air  overboard,  allowing  the  com* 
to  enter  the  opposite  end  of  the  control  valve.  This 
cbatrol  valve  to  direct  high -temperature  air  into  the 
r  ring  and  subsequently  into  the  duct  stream. 


into  the  duct  through  two  separate  systems.  For 
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primary  thrust  augmentation  (supersonic  cruise  operation),  fuel  is 
injected  from  a  spray  ring  immediately  downstream  of  the  flameholder. 
This  spray  ring  is  a  single  circumferential  tube  supported  by  pylons 
from  the  outer  case.  For  additional  augmentation,  fuel  can  be  injected 
from  the  secondary  spray  rings  located  immediately  upstream  of  the 
flameholder.  The  secondary  fuel  injection  system  consists  of  four 
circumferential  tubes  supported  by  pylons,  and  supplies  fuel  for  addi¬ 
tional  augmentation  at  higher  power  settings. 

The  duct  heater  design  is  based  on  previous  experience  with  afterburners 
for  military  jet  engines.  The  duct  heater,  however,  is  expected  to  be 
more  durable  than  are  afterburner  s  since  the  fan  disci  arge  air  avail¬ 
able  for  cooling  is  considerably  cooler  than  the  turbine  <•  ischarge  air 
used  for  afterburners. 

c.  Stress  Analysis 


The  flanges  on  the  outer  duct  diffuser  case  were  analyzed  using  the 
theories  of  plates  and  shells  and  were  designed  to  have  stresses  no 
greater  than  80  per  cent  of  the  0,2  per  o-nt  yield  strength..  The  outer 
wall  of  the  diffuser  section  is  hoop  stress  limited  with  a  maximum 
design  stress  of  80  per  cer.t  of  the  0.2  per  cent  yield  strength. 

The  heater  duct  cases  are  sized  to  resist  buckling  when  subjected  to 
maneuver  loading  with  a  safety  factor  of  1.  3.  The  flanges  were  de¬ 
signed  to  resist  blow-off  and  manuever  loading  with  a  maximum  design 
stress  equal  to  80  per  cent  of  the  0.  2  per  cent  yield  strength.  The 
rear  mount  ring  was  designed  to  permit  a  displacement  of  the  outer 
case  from  the  normal  position  no  greater  than  0.  Z  inch. 

The  front  liners  and  the  containment  heatshield  liner  were  designed  to 
resist  vibratory  loading.  The  rear  outer  liner  is  creep  buckling 
limited  and  is  designed  to  provide  a  buckling  margin  no  smaller  than 
1.  1  after  800  hours  at  Mach  3  at  a  minimum  altitude  ox  58,-  500  feet 
or  after  6,  000  hours  at  Mach  3  at  c raising  altitude.  The  rear  inner 
liner  is  hoop  stress  limited  at  the  front  with  a  maximum  stress  equal 
to  80  per  cent  of  the  0.  Z  per  cent  yield  strength.  =  At  the  rear  end,  the 
rear  inner  liner  is  creep  buckling  limited  and  is  designed  in  accord¬ 
ance  with  the  criteria  used  for  the  rear  outer  liner. 

d.  Alternate  Duct  Heater  Design 

An  alternate  design  of  a  ram  induction  type  burner  for  the  duct  heater 
has  been  studied  and  is  presented  here  as  a  possible  alternative  to 
the  aerodynamic  flameholder  duct  heater.  Further  development  test¬ 
ing  will  be  required  to  evaluate  its  full  potential. 
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The  ram  induction  duct  heater  (see  Figure  2-34)  for  the  STF2  19  engine 
burns  fuel  and  air  in  an  annular  combustion  chamber  for  primary  aug¬ 
mentation,  and  in  the  air  streams  which  bypass  the  combustor  for 
additional  augmentation 


Fan  discharge  air  flows  through  the  fan  diffuser,  where  its  velocity 
is  reduced  slightly.  The  relatively  high  residual  velocity  is  utilized 
directly  by  the  ram  induction  burner  to  inject  primary  combustion  air 
into  the  combustion  area.  The  high  velocity  ensures  complete  mixing 
for  stable,  efficient  combustion.  A  dome  extends  forward  of  the  bur¬ 
ner  into  the  forward  duct  heater  case  to  separate  the  air  into  an  inner, 
primary,  and  outer  flow.  The  primary  air  enters  the  dome,  where 
it  is  further  diffused,  and  is  then  injected  into  the  combustor  through 
cast  swirler  vanes  surrounding  each  fuel  nozzle  and  through  a  series 
of  chutes  and  turning  vanes  in  the  inner  and  outer  walls  of  the  combus¬ 
tor.  The  primary  airflow  is  just  sufficient  to  burn  all  the  primary 
fuel. 


When  additional  augmentation  is  required,  fuel  is  injected  into  the  two 
streams  which  bypass  the  main  combustor.  This  fuel-air  mixture 
is  injected  into  the  primary  combustion  stream  by  69  vortex  generators 
attached  to  the  inner  liner  and  by  96  vortex  generators  attached  to  th« 
outer  liner.  The  duct  heater  system,  therefore,  provides  an  augmen¬ 
tation  potential  ranging  from  very  low  to  very  high  fuel-air  ratios.; 

The  combustor  has  a  single-thickness  wall  cooled  by  a  boundary  film 
along  the  inner  surface.  The  dome  section  has  a  double  wall  with 
the  outer  wall  being  perforated  and  the  inner  wall  porous  for  transpir¬ 
ation  cooling.  The  combustor  is  supported  at  its  forward  end  by  eight 
radial  pins  which  pass  through  the  trailing  edges  of  the  forward  duct 
heater  case  struts  and  into  inserts  in  the  dome  section.  The  extended 
dome  section  is  separate  from  the  combustor  but  is  integral  with  the 
forward  duct  heater  case  struts.: 


Primary  fuel  is  injected  through  48  dual-orifice  fuel  nozzles  that  art 
mounted  in  groups  of  12  on  4  feeder  manifolds  located  within  the  ex- 
Jtended.  dome  section  of  the  combustor. 


Secondary  fuel  is  supplied  through  a  series  of  variable-area  pintle 
nozzles  in  the  inner  and  outer  spray  rings. 
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Ignition  for  the  duct  heater  is  provided  by  two  continuously  operating 
electrical  igniters  which  pe*  .-Irate  into  the  dome  section  of  the  burner. 
Secondary  fuel  flow  is  ignited  by  the  combustion  in  the  primary  zone. 

10.  DUCT  HEATER  NOZZLE 

The  duct  heat  r  nozzle  area  is  variable  by  a  system  of  interlocking 
flaps  and  seal  segments  actuated  by  hydraulic  pistons  through  a  link,  ge 
system.  Figu'  es  2-52  and  2-53  show  the  duct  heater  nozzle  and 
ejector  revere,  r  tor  Lockheed  and  Boeing,  respectively.. 

The  nozzle  flaps  are  investment  castings  of  PWA  658  (IN- 100)  nickel- 
base  alloy.  The  flaps  are  stiffened  by  longitudinal  and  diagonal  ribs 
on  their  outer  surfaces  to  provide  adequate  rigidity  to  ensure  that 
binding  or  seal  leakage  will  not  occur..  Twelve  flaps  are  used,  and 
each  forms  one  side  of  a  twelve- sided  truncated  pyramid  with  the 
smaller  end  forming  the  nozzle.  The  flaps  are  hinged  to  the  duct  case. 
The  varying  gaps  between  the  flaps  are  sealed  with  sheet  metal  seg¬ 
ments  which  are  retained  by  sockets  xn  the  flap  hinge  and  which  inter¬ 
lock  with  lugs  along  the  sides  of  the  adjacent  flaps. 

The  flaps  are  actuated  by  hydraulic  pistons  which  move  a  unison  ring 
axially.  Coupled  to  the  ring  arc  bell  cr.uik  linkages  which  move  the 
flaps.  The  unison  ring  serves  to  distribute  the  actuating  load  uniformly 
and  ensures  proper  functioning  of  the  nozzle  flaps  in  the  event  of 
unsymmetrical  loading. 


The  hydraulic  actuators  arc  pin  mounted  to  brackets  attached  to  the 
fan  duct.  Their  shafts  are  attached  to  clevis  fittings  on  the  ring.. 

The  actuators  are  fabricated  primarily  cf  AMS  564  i  ( 17-4  PH)  stain¬ 
less  steel  to  provide  the  proper  strength  and  wear  characteristics,. 
Fuel,  cooled  by  a  continuous  recirculation  system,  is  supplied  to 
the  cylinders  from  the  augmentation  control. 

Sealing  is  accomplished  by  a  two-section  shaft  seal  with  a  drain  be¬ 
tween  the  sections.  The  seal  housing  is  designed  such  that  recirculat¬ 
ing  fuel  protects  the  seals  from  high  temperatures.  The  seals  are 
protected  from  contaminants  by  the  cast  iron  bushing  in  which  the 
shaft  rides,  which  has  two  grooves  to  trap  contaminants.  The  actuator 
cylinders  and  seal  housings  are  designed  to  withstand  fluid  pressure 
surges. 

The  travel  limits  of  the  flaps  are  adjusted  at  the  actuator  The  mini¬ 
mum  nozzle  area  is  adjusted  at  the  ends  of  the  rods  and  the  maximum 
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nozzle  area  is  adjusted  with  stop  nuts  on  the  actuator  shaft.  In  the 
event  of  a  pressurizing  system  failure,  the  actuators  would  allow  the 
flaps  to  open. 


The  actuator  shafts  are  connected  to  a  unison  ring,  which  is  a  short 
sheet  metal  cylinder  made  from  AMS  *910  and  A.MS  4926  titanium 
alloy  aad  stiffened  at  both  ends  by  rings  with  a  square  cross-section. 
Twelve  rollers  are  equally  spaced  around  the  outside  of  the  ring  and 
attached  to  the  stiffening  rings.  These  rollers  ride  in  axial  channels 
in  the  ejector  shroud  support  strut  and  prohibit  circumferential  mo¬ 
tion  of  the  ring  while  permitting  axial  motion  with  low  friction.  The 
roller  system  is  designed  to  prevent  cocking  and  binding  of  the  ring 
when  subjected  to  unsymmetrical  loading, 

To  the  rear,  clevis  fittings  on  the  ring  provide  for  the  attachment  of 
the  bell  crank  linkage  system;  The  bell  crank  provides  a  lever  ratio 
of  approximately  2:1  to  reduce  the  required  actuation  forces.  The 
linkages  connect  tc  the  flaps  at  the  center  of  the  gas  pressures  so 
that-the  gas  loads  are  concentrated  on  the  link  assembly  and  trans¬ 
mitted  to  the  support  strut  of  the  ejector.  The  linkage  system  is  made 
from  Waspaloy  (PWA  1061  and  PWA  687)  nickel  alloy. 


H.  EJECTOR  REVERSER 
a'  General  Description 

Thrust  reversal  is  accomplished  by  an  ejector-reverser  system.  The 
system  incorporates  a  set  of  blow-in  doors,  trailing  edge  Raps,  thrust 
reversal  flaps,  and  a  basic  fixed  structure  or  ejector  shroud  attached 
to  the  engine  by  integrally  welded  axial  struts.  The  ejector  reverser 
for  Lockheed  and  Boeing  are  shown  in  Figures  2-52  and  2-53,  respec¬ 
tively. 

fe.  Ejector  Reverser 

The  ejector  shroud  is  the  structural  and  load  transmitting  component 
of  the  ejector  system.  It  serves  as  a  housing  and  seal  for  the  blow-in 
doors.  It  supports  and  stores  the  reverser  flaps  and  actuating  mechan¬ 
ism,  and  it  provides  an  attachment  ring  for  the  trailing  edge  flaps. 
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Structurally,  the  ejector  shroud  js  a  cylinder  fabricated  from  AMS 
5542  {Inconel  X)  sheet,  a, id  is  attached  to  the  engine  outer  case  by 
means  of  12  equal’y  spaced  struts.  The  ejector  and  reverse*  loads 
are  transmitted  by  these  struts  which  arc  also  fabricated  from  AMS 
5542  (Inconel  X)  sheet.  Each  strut  has  a  trapazoidal  cross  section 
and  occupies  8  degrees  of  the  shroud  circumference.  Lip«>  on.  the 
outer  edges  of  the  struts  provided  to  support  and  seal  against  the  blow -in 
doors  add  an  additional  1  degree  of  circumference,  and  therefore  the 
struts  cause  a  total  blockage  of  blow-in-door  flow  of  108  degrees. 

The  bending  moment  from  the  ejector  shroud  loading  is  carried  by 
the  support  struts  as  either  tension  or  compression  with  a  sinusoidal 
distribution  around  the  engine  periphery.  Shear  forces  are  also 
sinusoidal  but  are  displaced  90  degrees  from  the  compressive  or  ten¬ 
sile  forces.  The  struts  also  carry  a  uniform  load  caused  by  the  axial 
differential  pressures  acting  on  the  shroud,  the  reverser,  and  the 
tail-edge  flaps. 


Inside  the  struts  are  the  hydraulic  actuators  for  the  reverser,  and  a 
number  of  bulkheads  to  stabilize  the  strut  loading.  The  outer  panel 
section  of  each  support  is  removable  to  provide  access  to  the  reverser 
actuator. 


The  nose  section  and  fillet  pieces  between  the  reverser  flaps  are 
secondary  structures  and  form  part  of  the  aerodynamic  throat  surface 
of  the  ejector.  When  the  reverser  flaps  are  retracted,  they  proviue 
the  inner  throat  surface  of  the  ejector  shroud. 


r 


I 


-  ' 


c.  Blow-In  Doors 


Twelve  blow-in  doors  are  located  around  the  ejector  periphery  in  front 
of  the  shroud  and  between  the  support  struts.  They  may  be  conical  or 
canted  slightly  if  required.  For  the  Mach  2.  7  airplane,  AMS  4910 
titanium  alloy  is  used  for  the  blow-in  doors,  and  for  the  Mach  3  air¬ 
plane,  AMS  4910  material  is  used  for  the  front  section  and  AMS  5525 
stainless  steel  for  the^par  section. 

During  normal  operation,  the  blow-in  doors  are  self  actuating.  Below 
Mach  1.  3j  the  doors  are  generally  open,  and,  above  Mach  1.  3,  the 
doors  ak  a  closed.  During  reverser  operation,  some  of  the  doors  are 
held  open  *6  exhaust  the  reversed  gases,  and  others  are  held  closed 
to  protect  particular  areas  of  the  airframe.  The  number  of  doors 
held  closed  depends  on  the  requirements  of  the  airframe  manufacturer. 
Boeing  requires  five  doors  to  be  closed  and  Lockheed  requires  four  to 
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be  closed-.  Other  b!o'.v-in  door  and  ejector  designs  required  to  accom¬ 
modate  specific  airframe  specifications  such  as  conical  or  tapered 
nacelle  lines  are  possible, 

Each  blow-ln  door  is  fabricated  in  two  sections,  a  forward  section  and 
a  rear  section.  The  use  of  two  sections  allows  the  doors  to  assume 
appropriate  angles  for  inlet  flow  and  yet  return  to  a  cylindrical  con¬ 
figuration  For  supersonic  flight.  The  doors  are  formed  from  two 
pieces;  a  smooth  outer  sheet,  and  an  inner  waffle  sheet  for  reinfoi ce¬ 
ment,  Forged  hinges  are  welded  to  each  section,  attaching  them  to 
the  support  struts.  A  set  of  links  connects  the  two  door  sections  to 
synchronize  their  action.  When  the  doors  are  closed,  they  act  essen¬ 
tially  as  a  single  plate  supported  by  adjacent  struts.  The  outer  sheet 
acts  like  a  membrane  rigidly  supported  by  the  inner  sheet,  which 
transmits  the  load  to  the. strut.  During  thrust  reversing,  the  doors 
acl.  as  an  overhung  beam  on  two  supports,  with  the  longitudinal  section 
of  the  sheet  structure  transmitting  the  pressure  load  into  the  hinge 
points  of  the  actuating  mechanism. 

d.  Thrust  Reverser 

The  articulated  flap  design  shown  in  Figure  2-54  is  capable  of  ground 
or  inflight  reversing  and  null  thrust,  in  addition  to  deflecting  the  thrust 
on  the  ground  to  prevent  the  exhaust  jet  from  striking  vulnerable  ob¬ 
jects.  These  functions  are  achieved  by  activating  the  reverser  flaps 
in  unison  or  singly  either  fully  or  partially  as  required.  Particular 
arrangements  have  been  coordinated  with  the  airframe  manufacturer. 

The  reverser  flap  assembly  consists  of  a  main  flap,  a  tip  flap  (incor¬ 
porating  a  cascade),  an  A  frame  link  which  attaches  to  the  main  flap, 
a  link  from  the  A  frame  to  the  tip  flap,  two  adjustable  stabilizing  links 
from  the  A  frame  to  the  rear  ring  of  the  shroud,  and  one  actuator  link 
from  the  A  frame  to  a  track  and  roller  assembly  which  guides  the  mech¬ 
anism  and  tha  actuator. 

The  main  flap  and  the  tip  flap  are  investment  castings  of  PWA  655 
(Inco  713C)  nickel-base  alloy.  The  flaps  are  strengthened  and  stif¬ 
fened  by  longitudinal  and  lateral  ribs  on  the  rear  surfaces.  The  flaps 
have  a  high  stress  margin,  adequate  rigidity,  and  were  designed  in 
accordance  with  good  casting  design  practice.  Rigidity  is  an  import¬ 
ant  characteristic  of  the  flaps  since  deflection  could  cause  binding  in 
the  mechanism.  To” ensure  smooth  performance,  the  links  are 
attached  to  the  flap  section  at  the  longitudinal  ribs  on  the  rear  surface. 
These  ribs  and  hinge  points  are  located  to  provide  the  best  stability 
of  the  flap  in  the  extended  position  while  allowing  proper  clearances 
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ifor  the  folded  retracted  flap-  The  two  hinge  points  on  'he  main  flap 
and  the  double  link  extending,  back  from  the  flap  to  the  rear  shroud 
ring  provide  a  stable  four-point  support. 

The  A  frame  link  is  forged  but  has  machined  ends  and  fittings.  The 
remaining  links  are  made  of  hollow  tubes  with  forged  fittings  welded 
at  each  end,  and  are  machined  to  accept  a  bearing.  Some  of  the  links 
include  an  adjustment  nut  for  proper  alignment  during  assembly. 


Each  flap  is  operated  separately  by  its  own  actuator.  Incorporated  i..- 
to  the  actuator  is  an  inflight  lock  mechanism  to  hold  the  flaps  in  the 
retracted  position  when  not  in  use.  The  locking  mechanism  consists 
of  a  locking  pin,  a  piston, and  a  spring.  The  pin  engages  a  groove  in 
the  head  of  the  piston  to  lock  the  piston  in  place.  The  locking  stroke 
and  holding  load  is  provided  by  the  spring,  hence,  if  hydraulic  pressure 
is  lost,  the  reverser  flaps  will  remain  locked  in  the  stowed  position. 
When  the  actuator  is  pressurized,  the  pressurizing  fluid  (fuel)  enters 
the  locking  pin  piston  and  disengages  the  pin.  At  the  same  time,  the 
piston  continues  for  a  short  stroke  to  open  the  port  to  the  actuator 
cylinder.  Use  of  a  control  valve  in  the  locking  cylinder  ensures  that 
the  locking  pin  is  removed  before  the  actuator  is  pressurized. 

An  important  characteristic  of  the  articulated  flap  design  is  that  the 
tip  flap  is  extended  and  retracted  rapidly.  Hence,  the  major  segment 
of  the  reverser  is  nearly  fully  extended  before  the  tip  section  protrudes 
into  the  gas  stream.  This  design  permits  the  reverser  flaps  and  the 
actuating  mechanism  to  be  subjected  to  lower  stresses  during  exten¬ 
sion  than  would  be  encountered  if  the  tip  were  extended  earlier. 

Loading  from  the  reverser  flaps  is  transferred  to  the  ejector  shroud 
at  the  forward  ring  through  the  flap  hinges  and  through  the  link  to  the 
roller  and  track  assembly  mounted  in  the  support  strut.  Loading  is 
transferred  to  the  rear  ring  through  the  stabilizing  links  of  the  mechan¬ 
ism.  These  links  are  located  so  that  the  load  reaction  is  taken  through 
the  shear  section  of  the  rear  ring.  Maximum  loading  occurs  when  the 
flap  is  fully  extended  and  the  flap  and  link  mechanism  is  at  its  maxi¬ 
mum  mechanical  advantage.  Maximum  stresses  occur  in  the  flaps  at 
the  points  of  attachment  to  the  links  and  at  the  hinge  fittings.  The 
maximum  stress  in  the  A  frame  is  from  bending,  whereas  the  maxi¬ 
mum  stresses  in  the  other  links  are  compressive. 


One  Important  feature  of  the  reverser  system  is  its  ability  to  deflect 
the  exhaust  jet  by  actuating  only  a  portion  of  the  thrust  reverser  flaps 
to^protect  vulnerable  areas  from  engine  exhaust  blast  during  engine 
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run-up  at  the  airport  facility.  For  deflecting  the  exhaust  jet,  best 
results  will  be  obtained  when  the  five  top  flaps  are  not  fully  activated. 
Also,  it  is  desirable  to  have  the  movable  tip  section  removed  from 
the  gas  path.  A  mechanical  lock  in  the  actuator  can  be  supplied  to 
hold  the  reverser  flap  in  a  partially  extended  position  for  deflection 
purposes,-  The  exhaust  deflection  capability  adds  no  appreciable 
weight  to  the  exhaust  system. 

Another  important  feature  of  the  reverser  is  the  cascade  contained  in 
the  articulating  flap.  This  cascade  serves  to  spoil  the  forward  thrust 
component  produced  by  the  hot  inner  engine  gas  stream.  The  hot  gases 
are  deflected  against  the  inner  nozzle  wail  during  reverse  while  the 
cooler  fan  air  is  discharged  forward  through  the  open  biuw-in  doors. 
This  has  the  advantage  of  minimizing  the  temperature  of  any  reversed 
air  which  might  be  reingested. 
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e.  Cooling 

To  maintain  temperatures  within  suitable  limits  for  presently  avail¬ 
able  materials, secondary  air  is  required  to  film  cool  the  inner  injector 
surfaces  during  full  duct  heater  operation  above  Mach  1.  Two  systems 
have  been  designed  in  coordination  with  the  airframe  manufacturers. 

Lockheed  System  -  For  the  Lockheed  aircraft,  cooling  air  at  ram 
temperature  is  obtained  from  the  aircraft  inlet.  It  is  brought  back 
within  the  nacelle  to  a  series  of  pressure-operated  doors  in  front  of 
the  blow-in  door  hirge  where  it  enters  the  area  between  the  fan  duct 
nozzle  and  the  blow-in  doors.  A  small  portion  of  tins  air  is  routed 
into  the  ejector  shroud  cavity  to  protect  the  structural  parts,  the 
bearings,  and  the  roller  surfaces.  The  pressure-operated  doors 
prevent  exhaust  gases  from  flowing  forward  through  the  cooling  a.'  - 
system  during  the  reversing  mode  and  any  operating  conditions  where 
the  downstream  pressure  is  greater  than  the  upstream  pressure. 

Boeing  System  -  For  the  Boeing  airplane,  cooling  air  is  obtained  frotn 
the  aircraft  inlet  via  the  outer  circumference  of  the  engine  inlet  case 
at  ram  pressure  and  temperature.  This  air  is  ducted  through  several 
tubes  to  the  rear  mount  ring  through  which  it  is  distributed  around  the 
engine  at  the  front  of  the  ejector.  Self-actuating  checx  valves  in  the 
tubes  prevent  exhaust  gases  from  flowing  forward  through  the  cooling 
system  during  the  operating  conditions  mentioned  in  the  preceeding 
paragraph. 
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f  „  -  Trailing  Edge  Flaps  _ —  -  '~~~~~ 

Twenty-four  trailing  edge  trapezoidal  flaps  are  attached  to  the  rear 
ring  of  the  ejector  shroud.  The  free-floating  flaps  are  actuated  by  the 
difference  in  pressures  on  the  inner  and  outer  surfaces  and  vary  the 
exit  nozzle  area  within  preset  limits. 


The  flaps  are  made  from  PWA  1030  (Waspaloy)  sheet  attached  to  a 
framework  of  formed  Waspaloy  ribs.  The  integral  frame  structure  is 
rigidly  attached  to  a  forging  of  PWA  68?  Waspaloy  designed  to  concen¬ 
trate  the  flap  loads  at  the  tie-bolts.  The  tie-bolts,  located  near  the 
center  of  pressure,  have  spherical  ends  to  compensate  for  misalign¬ 
ment,  The  forward  machined  hinge  fittings  of  PWA  687  are  bolted  to 
the  trailing  edge  flaps  at  the  longitudinal  ribs  for  the  maximum  load 
distribution.  When  fully  extended,  the  flaps  are  restrained  by  the  tie- 
bolts.  At  the  Maximum  inner  position,  the  flaps  rest  against  forged 
stops. 


}  ( 


At  the  limits  of  travel,  the  loading  on  the  flap;,  i.->  similar  to  that  of  an 
overhung  beam  on  two  supports.  Maximum  loading  occurs  when  the 
trailing  edge  flaps  are  against  the  outer  stops. 

t 

A  machined  sleeve  in  the  tie-bolt  system  permit <•  the  travel  limits  to 
be  adjusted.  Sealing  between  adjacent  flaps  is  accomplished  by  over¬ 
lapping  sheet  metal  strips  trapped  against  the  upuer  and  lower  surfaces 
of  the  flaps  by  a  tongue-and-g roove  construction. 


12.  ASSEMBLY  OF  MAJOR  COMPONENTS 

Assembly  and  disassembly  of  the  major  assemblies  can  be  accomplished 
with  the  engine  in  a  horizontal  position  provided  the  proper  fixtures  and 
procedures  are;usea.  Figure  2-55  shows  the  major  assemblies  of  the 
engine.  Figure  2-56  shows  the  assembly  sections  of  the  duct  heater 
nozzle  and  ejector. 

a.  Fan  Assembly 


bsmbl'-..;- 


The  first-stage  rotor  assembly,  second-stage  rotor  assembly,  first- 
stage  stator  assembly,  and  the  first-stage  rotor  abradable  seal,  which 
comprise  the  fan  section,  are  assembled  as  a  complete  unit  during 
final  engine  assciffhTy.  The  rotor  is  dynamically  balanced  by  adding 
weights  on  both  , disks.  Assembly  and  static  balancing  techniques  ai  . 
utilized  to  minimize  unbalance  in  the  correcting  planes  prior  to  final 
dynamic  balancing  of  the  rotor  assembly. 
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?  h*  Intermediate  Section  Asscn-.bl y 

The  fan  exit  guide  vanes  are  assembled  to  the  splitter  ring.  The  mid¬ 
dle  and  rear  fan  cases  are  bolted  together  with  the  vanes  and  bushings 
sandwiched  between  the  flanged  joint.  The  second-stage  vanes  are 
installed  in  the  splitter  ring.  The  front  and  rear  inner  shroud  cases 
are  bolted  together  with  the  second-stage  yanes  and  bushings  sand¬ 
wiched  between  the  flanged  joints.  The  levers,  unison  ring,  and 
related  hardware  are  installed  to  complete  the  subassembly  of  the 
aerodynamic  brake.  The  front  mount  rear  support  case  is  positioned 
against  the  front  flange  of  the  intermediate  case. 


c 


The  aerodynamic  brake  subassembly  is  inserted  inside  the  front  mount 
rear  support  case  and  bolted  to  the  intermediate  case  with  the  front 
mount  rear  support  case  flange  sandwiched  between  these  members. 
Radial  bolts  attach  the  splitter  section  to  a  support  on  the  intermediate 
case  struts.  The  other  components  including  the  tower  shafts,  Num¬ 
ber  1  bearing  and  seals,  Number  2  bearing  and  seals,  support  sections, 
and  heat  shielding  are  attached  at  final  engine  assembly.  The  acces¬ 
sory  drive  gearbox  and  lower  tower  shaft  can  be  assembled  or  removed 
from  the  engine  without  disturbing  other  sections  of  the  engine. 

c .  High-Pressure  Compressor  Assembly 

The  high-pressure  compressor  is  assembled  vertically  beginning  with 
the  rear  shaft.  The  seventh- stage  rotor  is  installed  over  the  tie  bolts 
which  are  inserted  through  the  shaft.  The  stator  assemblies  and  rotor 
assemblies  with  their  spacers  and  seals  are  installed  alternately  over 
the  tie  bolts.  The  rotor  front  spacer  assembly  and  the  compressor 
front  hub  are  the  final  members  installed  over  the  tie  bolts.  The  tab- 
washers  and  the  tie  bolt  nuts  are  then  installed.  The  nuts  are  secured 
after  proper  torque  has  been  applied.  The  third- stage  stator  is  posi¬ 
tioned  and  the  remaining  third- stage  rotor  is  attached  to  the  front 
spacer  assembly  with  bolts  and  tabwashers.  The  seventh-stage  seal 
support  is  attached  to  the  disk.  The  seventh-stage  seal  is  bolted  to 
the  support.  The  stator  cases  may  be  bolted  together  after  installing 
each  stage  or  after  the  rotor  assembly  has  been  completed.  The 
rotor  is  dynamically  balanced  by  adding  weights  on  the  third-stage 
disk  and  the  seventh-stage  rotor  seal.  Pratt  &  Whitney  Aircraft  utilizes 
assembly  and  static  balancing  techniques  to  minimize  unbalance  in  the 
correcting  plane?  prior  to  final  dynamic  balancing  of  the  rotor  assembly. 

*  High-Pressure  Compressor  and  First-Stage  Turbine  Assembly 

The_;first- stage  tie  bolts  and  their  retaining  rings  are  assembled  on  the 
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flange  of  the  high-speed  turbine  shaft.  The  roar  labyrinth  real-spacer 
is  installed  over  the  turbine  shaft.  The  rear  compartment  c*se,  rear 
labyrinth  seal  ring,  rear  labyrinth  seal  assembly,  insulation  assembly, 
and  the  rear  face  seal  assembly  are  slid  over  the  spacer.  The  rear 
face  seal  plate,  the  inner  race  and  rollers  of  the  Number  3  bearing, 
the  oil  scoop,  the  forward  face  seal  plaie,  and  the  front  labryinth  seal 
and  spacer  are  installed  over  the  high  pressure  turbine  hub.  The  re  ¬ 
taining  nut  is  threaded  on  the  turbine  shaft  and  torqued  to  a  prescribed 
value.  The  Number  3  bearing  support  subassembly  which  contains 
the  bearing  outer  race,  spanner  nut,  tab  washer,  and  flange  seal  is 
slid  over  the  bearing  rollers  and  piloted  into  the  rear  face  seal  sup¬ 
port  assembly.  The  rear  labyrinth  seal  assembly  is  piloted  onto  the 
carbon  seal  support  flange  to  complete  the  high  turbine  shaft,  bearing, 
and  rear  compartment  sub-assembly.  Several  temporary  flange  bolts 
and  nuts  may  be  used  to  hold  the  rear  compartment  together  prior  to 
completion  of  assembly  procedures. 


To  start  the  assembly  of  the  diffuser-burner  section,  the  Number  3 
bearing  front  compartment  insulation  and  the  compartment  external 
support  are  slid  over  and  assembled  to  the  rront  face  seal  support 
assembly.  The  front  labyrinth  seal  assembly  is  then  piloted  onto  the 
compartment  support  flange.  Several  temporary  bolts  may  be  used 
to  hold  the  forward  compartment  together  prior  to  completion  of 
assembly  procedures. 

The  compressor  seventh-stage  rotor  seal  assembly  is  bolted  to  the 
front  inner  flange  of  the  diffuser  case.  The  combustion  chamber 
inner  front  case  is  bolted  to  the  diffuser  case  rear  inner  flange.  The 
Number  3  bearing  front  compartment  subassembly  is  piloted  onto  the 
combustion  chamber  inner  rear  flange  and  retained  by  several  counter¬ 
sunk  screws  which  facilitate  assembly.  All  plumbing  between 
the  diffuser  case  and  the  bearing  compartment  is  installed.  The  oil 
lines  inside  the  Number  3  bearing  front  compartment  are  installed. 

The  temporary  flange  bolts  in  the  bearing  front  and  rear  compartments 
are  removed.  The  flange  seal  is  installed  on  the  bearing  support. 

The  bearing  front  and  rear  compartments  are  bolted  together,  along  » 
with  the  high  turbine  shaft,,  bearing,  and  seal  rotating  parts.  Access  " 
to  th^se  bolts  is  obtained  by  sliding  the  rear  compartment  case  in 
the  rearward  direction.  Tne  rear  compartment  case  and  the  high- 
pressure  labyrinth  seal  ring  are  attached  to  the  rear  labyrinth  seal 
ring  assembly  with  flange  bolts. 


The  front  section  of  the  annular  burner  is  inserted  in  the  rear  section 
of  the  diffuser  case  and  retained  by  radial  pins  assembled  through  the 
diffuser  case.  The  combustion  chamber  outer  front  case  is  bolted  to 
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the  diffuser  case  roar  flange.  The  combustor  rear  inner  and  outer 
liners  fcre  slid  forward  on  the  front  burner  section.  The  combustion 
chamber  inner  front  case  is  assembled  to  the  turbine  nozzle  inner 
case  with  flange  bolts.  The  combustion  chamber  inner  rear  case  is 
assembled  to  the  first-stage  vane  inner  support  by  sliding  its  scalloped 
front  flange  through  the  scalloped  front  flange  of  the  vane  support. 

The  nozzle  vanes  are  inserted  into  the  vane  inner  and  outer  sup¬ 
port  rings.  A  temporary  segmented  bolted  ring  may  be  used  to 
retain  the  vanes  in  the  outer  support  ring.  The  nozzle  vane  subassem¬ 
bly  is  slid  over  the  Number  3  bearing  compartment  until  the  trapped 
bolts  in  the  rear  flange  of  the  inner  front  combustion  chamber  case 
engage  the  flange  holes  in  'he  inner  rear  combustion  chamber  case. 

The  nuts  are  assembled  and  tightened  to  a  prescribed  torque  value. 
Radial  bolts  are  assembled  to  anchored  nuts  which  are  attached  to 
the  burner  inner  liner.  These  bolts  are  not  completely  engaged  until 
further  assembly  is  completed. 


r 


The  burner  inner  liner  is  slid  to  the  rear  and  the  radial  bolts  are 
aligned  with  the  holes  in  the  vane  inner  support  ring.  The  bolts  are 
tightened.  The  temporary  segmented  ring  retaining  the  vanes  to  the 
outer  support  ring  is  removed.  The  burner  outer  liner  is  slid  to  the 
rear  and  assembled  to  the  vane  outer  support  ring.  The  combustion 
chamber  rear  outer  case  is  assembled  to  the  diffuser  case  and  to  the 
vane  outer  support  ring. 

The  high  pressure  compressor  exit  guide  vane  assembly  is  assembled 
to  the  diffuser  case  by  engaging  slots  in  the  vane  inner  shroud  with  the 
pins  protruding  from  the  case  front  inner  flange. 


A  classified  spacer,  which  positions  the  turbine  rotor  correctly,  is 
installed  on  the  compressor  rotor  rear  hub.  The  compressor  assem¬ 
bly  and  classified  spacer  are  installed  by  engaging  the  compressor 
rear  hub  spline  with  those  in  the  turbine  hub.  The  block  and  the  span¬ 
ner  nut  are  installed  on  the  compressor  hub  and  tightened  to  a  pre¬ 
scribed  torque  value.  The  nut  is  secured  by  bending  the  washer  tab. 
The  first-stage  turbine  disk  seal  is  attached  to  the  plate  support  ring. 
This  subassembly,  .  otor  assembly,  rotor  rear  seal,  tabwashers,  and 
nuts  are  assembled  to  the  turbine  hub.  The  complete  assembly  of  the 
Mgh-pressure  compressor  and  the  turbine  is  dynamically  balanced 
by  adding  *  ghts  on  the  disks  of  the  third  stage  compressor  and  the 
first  stage  turbine. 
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e.  Low-Prc s sure  Compressor  Turbine  Assembly 

The  second-stage  turbine  rotor  assembly,  the  rear  hub,  and  the  seal 
disk  assembly  are  assembled  to  the  second-stage  rotor  shaft  and  may 
be  retained  by  several  temporarily  installed  bolts.  The  second-stage 
blade  seal  ringand  ring  seal  are  inserted  into  the  turbine  rear  case.  The 
second-stage  rotor  and  shaft  sub-assembly  is  inserted  into  the  turbine 
rear  case.  The  third-stage  vanes  are  installed  into  the  inner  support 
ring  and  retained  by  attaching  the  rear  seal.  The  third-stage  vane 
subassembly  is  inserted  into  the  turbine  rear  case  with  the  vane  lugs 
engaging  those  in  the  blade  tip  seal  ring.  Any  temporarily  installed 
bolts  used  to  retain  the  members  in  the  second-stage  rotor  subassembly 
must  be  removed.  The  outer  spacer  seal  is  piloted  on  the  second  stage 
disk.  The  third-stage  blade  seal  ring  is  inserted  behind  the  third" 
stage  vanes  and  attached  to  the  turbine  case  rear  flange  using  several 
temporarily  installed  bolts.  The  third-stage  rotor  assembly  is  in¬ 
serted  behind  the  third-stage  vanes  and  bolted  to  the  second- stage 
rotor  and  shaft  subassembly.  Axial  and  radial  positioning  of  the  rotor 
relative  to  the  stationary  members,  prior  to  final  engine  assembly, 
is  accomplished  by  the  use  of  proper  fixtures.  The  rotor  is  dynamic¬ 
ally  balanced  by  adding  weights  on  the  low-pressure  turbine  shaft  and 
on  the  third-stage  disk.  Pratt  &  Whitrey  Aircraft  utilizes  .static  balanc¬ 
ing  in  the  correcting  planes  during  rotor  assembly  prior  to  final  dynamic 
balancing  of  the  completed  rotor  assembly. 

f.  Turbine  Exhaust  Assembly 

The  bearing  outer  race  and  spanner  nut  is  installed  on  the  bearing  sup¬ 
port.  The  oil  scavenge  pump  is  attached  to  the  pump  support  which 
in  turn  is  mounted  on  the  rear  side  01  the  bearing  support.  The  bear¬ 
ing  front  compartment  subassembly  consisting  of  the  front  labyrinth 
seal  assembly,  insulation  assembly,  and  carbon  liner  assembly  is 
positioned  on  the  front  face  of  the  bearing  support.  The  rear  oil 
sump,  insulation  assembly,  and  hcatshield  assembly'  are  attached  to 
the  rear  face  of  the  bearing  support  with  bolts  engaging  the  nuts 
anchored  to  the  front  labyrinth  seal  assembly.  This  complete  com¬ 
partment  subassembly  is  bolted  to  the  front  flange  of  the  turbine 
exhaust  case.  All  tubes  connected  to  both  the  bearing  compartment 
and  the  turbine  exhaust  case  are  installed.  The  tail  cone  is  bolted  to 
the  rear  inner  flange  of  the  turbine  exhaust  case. 
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a,  Intermediate  Case  Assembly 


The  subassembly  of  the  towershaft  gear  anti  bearings  is  fastened  to 
the  towershaft  mounting  pad.  The  Number  .2  bearinr  and  e!  is  sided 
spacer  are  slid  onto  the  arcessory  drive  gear.  '1  his  group  is  installed 
in  the  intermediate  case  with  the  bearing  outer  rac>  r<  t. lined  b\  a  kcv- 
washcr  and  nut.  The  carbon  seal  face  plate  is  slid  on  the  a:  cessory 
drive  gear.  The  rear  carbon  seal  assembly  with  the  lacs  plate  and 
hcatshicld  are  assembled  to  the  intermediate  case.  The  rear  labyrinth 
sea!  is  piloted  on  the  carbon  seal.  By  using  proper  fixtures,  the  higti- 
pressure  compressor  and  turbine  rotor  assembly  section  is  assembled 
to  the  intermediate  case  assembly  with  the  compressor  front  hub  en¬ 
gaging  into  the  accessory  drive  gear  splines.  The  nut  and  retaining 
members  lock  the  rotor  assembly  to  tne  intermediate  case  assembly. 

h.  Low-Speed  Turbine  Assembly 

The  first-stage  blade  tip  seal  ring  and  ring  seal  arc  inserted  and  posi¬ 
tioned  in  the  turbine  front  case.  The  second-stage  turbine  van.-s  arc- 
inserted  into  the  vane  inner  support  ring  and  retained  by  attaching  the 
rear  seal  to  the  support.  The  vane  subassembly  is  inserted  wdth  the 
vane  iugs  engaging  those  in  the  first-stage  blade  tip  seal  ring.  This 
vane  and  case  subassembly  is  then  bolted  to  the  first-stage  support 
ring.  The  low-  speed  turbine  rotor  assembly  is  inserted  behind  the 
second-stage  vanes  and  installed  with  the  turbine  rear  case  bolted  to 
the  front  case.  The  low  speed  turbine  rear  bearing,  carbon  seals,  and 
spacers  are  slid  on  and  attached  to  the  low-speed  turbine  shaft  with  the 
retaining  nut.  The  oil  scavenge  pump  drive  shaft,  seal,  and  seal 
plate  arc  inserted  into  the  rear  hub  and  locked  to  the  retaining  nut. 

c.  Turbine  Exhaust  Assembly 

The  turbine  exhaust  assembly  is  slid  over  the  bearing  rollers  on  the 
turbine  shaft.  The  turbine  exhaust  case  is  bolted  to  the  turbine  rear 
case  with  the  third-stage  blade  seal  sandwiched  between  the  case 
flanges.  Fixtures  will  be  used  to  axially  retain  the  low-speed  rotor 
prior  to  assembly  of  the  fan  section  to  the  intermediate  case  assembly. 

d.  Fan  Section  Assembly 

The  inner  shaft  seal  face  plate  and  laybrinth  seal  are  attached  to  the 
front  hub  of  the  high-pressure  compressor  with  tin  spanner  nut.  The 
nut  is  retained  by  bending  a  tab  on  the  kevwasher  and  then  installing 
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the  snap  ring.  Oil  jets  are  installed.  The  fro«t  carbon  seal  assem¬ 
bly  is  slid  over  the  fan  rotor  hub.  The  front  bearing  is  installed  on 
the  bearing  support  and  retained  with  the  key  washer  and  nut.  This 
subasse  nbly,  oil  scoop,  face  plate,  and  front  labyrinth  seal  are  slid 
onto  the  fan  rotor  hub.  The  tachometer  gear  is  positioned  on  the  oil 
scoop  splines  and  the  inner  shaft  carbon  seal  is  slid  over  the  fan  hub 
behind  this  gear.  The  loose  rotating  members  on  the  hub  are  retained 
by  the  spanner  nut.  This  nut  is  secured  by  bending  the  tab  on  the  key 
washer  and  then  installing  the  snap  ring.  The  inner  shaft  carbon  seal 
assembly  is  slid  on  the  sea!  support  and  retained  by  the  spanner  nut 
and  key  washer.  The  classified  spacer  positioning  the  low  speed  tur¬ 
bine  rotor  is  Installed.  The  fan  rotor  hub  subassembly  and  heatshields 
are  assembled  to  the  intermediate  case  with  the  hub  splines  engaging 
the  turbine  shaft.  The  bearing  face  washer  is  installed  on  the  hub. 

The  low  speed  turbine  rotor  is  locked  10  the  fan  rotor  hub  with  the  tie- 
bolt  and  retained. 

Air  tubes  are  installed.  The  engine  mount  case  is  inserted  and  posi  • 
tioned  against  the  engine  mount  support  case.  The  fan  section  is 
inserted  with  the  rotor  engaging  the  trapped  bolts  in  the  rotor  hub  and 
the  stator  case  mating  with  the  middle  fan  case.  Rotor  bolt  spacers 
and  nuts  including  the  first-stage  blade  retainers  are  installed.  The 
engine  mount  case  is  slid  forward  to  provide  access  for  the  installa¬ 
tion  of  the  fan  case  bolts.  The  engine  mount  case  is  slid  rearward 
and  bolted  to  the  engine  mount  support  case.  The  aerodynamic  brake 
actuator  mechanisms,  actuators,  and  mounting  brackets  are  installed. 

e.  Fan  Diffuser  Duct  Assembly 

The  fuel  nozzle  flange  seals  are  inserted  over  the  fuel  nozzles.  The 
annular  burner  fuel  nozzles  are  installed  with  the  nozzle  end  inserted 
into  the  burner  sv.irlers  and  the  flange  end  attached  to  the  diffuser 
case.  One  segment  of  the  split  fan  diffuser  duct  is  installed  to  the 
rear  section  of  the  intermediate  case.  All  fuel  and  oil  lines  are 
assembled  to  the  engine  cases.  The  tubes  are  routed  through  the  duct 
joints  to  simplify  the  installation  of  these  lines.  The  second  half  of 
the  split  fan  diffuser  duct  is  installed  and  bolted  to  the  intermediate 
case  and  to  the  other  half  of  the  fan  diffuser  duct. 

f.  Duct  Heater  Section 

The  front  inner  liner  is  slid  over  the  compressor  diffuser  case  and 
piloted  on  the  fan  diffuser  duct.  The  flameboider  air  shutoff  valves 
are  attached  to  the  combustion  chamber  case.  The  secondary  fuel 
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spray  ring  segments  and  fuel  manifold  and  a  segment  of  the  front  outer 
liner  are  attached  to  the  forward  duct  heater  case.  This  subassembly 
is  slid  over  the  engine  and  bolted  to  the  rear  flange  of  the  fan  diffuser 
duct.  The  flamehoider  segments  are  attached  t<~>  *he  pads  on  the 
preassembled  shutoff  valves  and  on  the  combustion  chamber  case. 

The  primary  fuel  spray  ring  segments  are  inserted  into  the  oiter  liner 
and  mounted  to  the  forward  duct  heater  case.  The  outer  liner  is 
positioned  on  the  rear  flange  of  the  forward  duct  heater  case.  The 
inner  cooling  liner  is  slid  over  the  engine  and  bolted  to  the  front  inner 
liner.  The  rear  inner  liner  is  slid  over  the  engine  and  attached  to 
the  rear  end  of  the  inner  cooling  liner  and  the  liner  support  ring. 

The  exhaust  nozzle  subassembly  is  attached  to  the  rear  flange  of  the 
turbine  exhaust  case.  The  spark  igniters  and  their  related  parts  are 
installed. 

g.  Assembly  of  Duct  Heater  Nozzle  and  Ejector 

The  ejector  can  be  completely  assembled  before  being  installed  on  the 
engine.  The  due.,  heater  no2zle  unison  ring  must  be  installed  on  the 
ejector  support  struts  before  installing  the  ejector  shroud  assembly 
to  the  engine,  otherwise,  the  ejector  assembly  may  be  built  up  from 
the  engine  without  using  the  ejector- reverser  as  a  separate  assembly. 
The  assembly  of  the  ejector- reverser  will  be  explained  as  a  complete 
unit  before  final  assembly  to  the  engine. 

Beginning  with  the  ejector  shroud  or  afterbody,  the  reverser  main  flap 
and  tip  flap  are  assembled  into  the  hinge  fittings  at  their  proper  loca¬ 
tions.  From  the  rear  of  the  ejector  shroud,  the  linkage  is  assembled 
to  the  flaps  and  shroud.  The  reverser  actuators  arc  mounted  in  the 
support  struts  and  connected  to  the  reverser  linkage  and  rollers. 
Adjustments  for  the  flaps  and  linkages  are  made  with  adjustment 
nuts  on  the  rear  links  and  actuator  rod3. 

Having  completed  the  thrust  reverser,  the  trailing  edge  flaps  are 
attached  tc  the  shroud  rear  ring.  They  are  assembled  by  inserting 
the  seal  segments  and  tie-bolts  in  sequence  as  the  flaps  are  assem¬ 
bled.  Acces^panels  for  the  tic-bolts  arc  fastened  after  a;i  flaps  are 
assembled  and  adjusted. 

The  blow-in  doors  are  inserted  between  the  support  struts,  and  the 
hinges  are  assembled.  The  linkage  for  the  reversing  requirements 
on  the  doors  is  assembled  from  the  inside  together  with  the  front  and 
rear  door  synchronizing  links.  After  making  all  adjustments,  the 
duct  heater  nozzle  links  arc  attached  to  the  support  struts.  The  uni- 
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-son  ring  with  the  rollers  is  inserted  from  the  front  into  the  roller 
tracks  on  the  support  struts.  The  flap  connecting  rod  is  installed 
between  the  flap  bellcrank  and  unison  ring. 

The  duct  nozzle  flaps  with  the  seal  segments  are  assembled  onto  the 
fan  duct  at  the  hinge  fitting  and  the  outer  rear  liner  attached  before 
the  fan  duct  is  installed  into  the  ejector.  A  series  of  bolts  are  in¬ 
serted  at  the  rear  fan  duel  nine  and  the  Engine  mount,  securing  the 
fan  duct  and  ejector.  The  duct  burner  nozzle  actuators  are  mounted 
to  the  fan  duct.  At  this  point  in  the  assembly,  for  Lockheed  only,  th« 
secondary  air  values  with  supporting  hardware  are  assembled,  AfteJ 
connecting  the  actuators  to  the  unison  ring,  the  nozzle  flap  links  are 
assembled  to  the  flaps,  then  the  duct  heater  nozzle  can  be  adjusted 
for  proper  minimum  and  maximum  opening,  with  the  adjustment 
stops  on  the  actuators. 


PWA-2  397 


This  ejector  assembly  is  assembled  to  the  main  engine  over  the  pri¬ 
mary  nozzle  and  is  bolted  to  the  fan  duct  heater  flange.  For  the 
Boeing  installation,  the  secondary  ajr  tubes  and  valves  are  installed. 
The  supply  and  drain  lines  arc-  connected  to  the  actuators.  The  feed 
back  system  is  installed  and  all  access  panels  are  fastened. 

h.  External  Accessory  Assembly 

Th«?  towershaft  and  accessory  drive  gearbox  assembly  are  installed. 
All  engine  accessories,  electrical  wiring,  and  tubing  are  now  added  to 
complete  the  assembly  of  the  engine. 

'*■  14.  PRELIMINARY  VIBRATIONAL  ANALYSIS 

a.  Fan  Stages 

The  first-stage  blade  chord  was  selected  to  provide  adequate  bird 
ingestion  resistance. 


The'irst-stage  shroud  was  placed  at  a  part  span  location  to  eliminate 
aerodynamic  stall  flutter  which  occurs  at  low  corrected  rotor  speed.s, 
Flutter  resistance  is  thus  provided  by  an  increase  in  blade  frequency 
aridiily Jumping  through  the  proper  selection  of  the  shroud  contact 
angle. 

The  fix’et-stage  fan  integral  hub  location  was  set  to  prevent  a  Z  E 
isTtahdtssg  wave  resonance  from  occurring  in  the  running  range  and  to 
keep  tiie  3  E  resonance  at  iow  power. 
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The  second-stage  blade  aspect  ratio  was  selected  as  large  as  possible 
whilc  ftill  maintaining  adequate  flutter  resistance,  2  E  margin,  and 
foreign  object"  resistance.  Roi'  r  construction  provides  rim  spacers 
to  enforce  a- node  at  the  disk  f  oi  and  thus  provide  the  maximum  2  E 
blade  disk  frequency  for  minimum  weight. 

The  resonance  diagrams  shown  in  Figures  2-57  and  2-58  present 
calculated  rotor  stage  natural  frequencies  and  resonances. 

b,  -  Compressor  Stages 

The  high-pressure  compressor  rotor  stages  (stages  1  th rough  7)  for 
the  STF219  are  advanced,,  high  work,  high  aspect  ratio,  light  weight 
stages,.  The  resultant  higher  aspect  ratio  is  o.'.sel  by  optimizing  the 
locations  of  the  rim  spacers  and  bolt  circle  to  tune  the  coupled  blade 
disk  frequencies  to  eliminate  a  2  V,  standing  wave  resonance  from  the 
engine  running,  range.  Stages  3  and  7  incorporate  extended  roots  and 
friction  damping  to  avoid  high  vibratory  stress. 

Figures  2-59  and  2-60  indicate  typical  tcinprossor  rotor  stage, 
resonance  diaerams. 

c.  Turbine  Stages 

The  first  and  second  turbine  stages  incorporate  extended  root,  friction 
damped  blades  to  produce  favorable  vibration  characteristics. 

The  third  turbine  stage  employs  light  weight,  tip  shrouded  blades. 

The  tip  shrouds  provide  the  blade  siitfemng  required  by  raising  the  canti¬ 
lever  mode  frequency  to  a  fixed  pinned  or  shrouded  mode.  The  tip 
shrouds  also  provide  friction  damping  if  they  slip  and  a  mechanical 
seal  to  reduce  aerodynamic  losses. 

Shroud  contact  angles  are  set  at  least  12  degrees  higher  than  the  angle 
of  blade  tip  motion  in  a  pure  cantilever  mode  to  prevent  the  blade  from 
vibrating  in  the  first  cantilever  mode.  Turbine  tip  shrouds  are  pre- 
liwisted  to  provide  shroud  contact  forces  for  optimum  damping  and 
to  control  shroud  wear. 

The  3  turbine  stages  were  designed  to  have  2  E  and  3  E  standing  wave 
resonances  outside  the  engine  runnir^  range.  The  use  of  rim  spacers 
"has  effectively  reduced  th®  stage  weight  by  enforcing  a  disk  mode  at  the 
point  of  spacer  contact. 
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Critical  Soeeds 


The  STF219  engine  adheres  to  the  basic  critical  speed  requirements 
established  in  the  design  criteria  section  of  this  report-  The  rotor 
design  reflects  the  light,  efficient  components  characteristic  of  ad¬ 
vanced  compressor  and  turbine  design.  The  use  of  these  components 
allows  reduction  in  the  rotor  shaft  and  hub  thicknesses.  Greater  S 
thickness  would  be  required  to  provide  stiffness  if  heavier  compressor 
and  turbine  components  were  used. 


1 


The  compressor  rotor  of  the  STF219  is  designed  *o  the  above  stiff 
system  criteria.  Due  to  its  length,  the  turbine  rotor  is  designed  to 
avoid  rotor  critical  speeds  in  the  operating  range.  The  estimates  of 
the  STF2  19  stiff  bearing  critical  speeds  are  tabulated  below,  and 
shapes  corresponding  to  these  preliminary  estimates  are  shown  in 
Figures  2-61  and  2-62. 


High 

Speed  Rotor 


Low 

Speed  Rotor 


Stiff  Bearing  Critical  Speed 


r 

(rpm) 

1150* 

79  3  3 

V 

Normal  Operating  Speed  (rpm) 
Ratio  of  Critical  Spe*/d  to 

8650 

6300 

- 

Maximum  (Per  Cent) 

133 

125 

15.  THRUST  BALANCE 
a.  Introduc  tion 

The  thrust  bearing  load  is  the  summation  of  net  axial  aerodynamic  and 
pressure  loads  on  the  compressor  and  turbine  rotors.  The  tendency 
toward  a  wide  bearing  load  variation  between  engine  operating  points 
is  primarily  a  function  of  the  engine  matching  characteristics  altitude 
and  Mach  number  requirements  for  the  supersonic  transport  flight  en¬ 
velope.  It  is  important  that  the  wide  variation  never  results  in  a  “no 
load"  situation  on  the  thrust  bearings  in  going  from  a  net  forward  thrust 
condition  to  a  net  rearward  thrust  condition.  As  flight  iviach  number 
increased,  the  pressures  at  the  front  end  ot  the  engine  tend  to  increase 
relative  to  those  at  the  rear  of  the  engine  causing  a  net  increase  in  rear- 
ward  load.  This  characteristic  has  been  utilized  to  advantage  on  the 
STF2i9  engine  by  designing  the  rotor  thrust  balance  system  to  main¬ 
tain  a  net  rearward  load  on  each  rotor  at  all  flight  conditions.  As  the 
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aircraft  progresses  from  sea  level  to  higher  altitudes,  the  load  or.  the 
rotors  tends  to  decrease  a;p  a  result  of  lower  pressures.  This  effect 
is,  however,  countered  by  the  tendency  toward  greater  rearward 
rotor  loads  resulting  from  increasing  Mach  number.  Thus,  at  the 
high  altitude,  low  pressure,  high  Mach  number  flight  conditions  the 
net  rotor  load  is  comparable  to  the  low  altitude,  low  Mach  number, 
high  pressure  flight  conditions.  This  approach  eliminates  the  need 
for  pressure  modulation  required  in  a  system  incorporating  positive 
thrust  load. 
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The  primary  areas  used  for  rotor  load  adjustments  are  the  internal  cav¬ 
ities  ahead  and  behind  tne  high-  and  low-pressure  compressor  and  tur¬ 
bine  components.  By  venting  two  of  these  cavities  directly  to  fan  inlet 
pressure,  which  is  primarily  a  function  of  ram  pressure,  an  accept¬ 
able  bearing  life  is  obtained  while  still  providing  the  system  flexibility 
and  the  adjustments  which  may  be  necessary  as  a  result  of  design 
modifications  during  the  development  phase.  •  A  brief  summary  of  the 
design  requirements  of  the  internal  cavities  follows.  The  pressuriz¬ 
ing  airflow  pattern  is  shown  in  Figure  2-63. 

The  fan  front  cavity  and  the  high-pressure  compressor  front  cavity 
are  not  pressurized.  Pressurization  in  these  areas  would  induce 
leakage  into  the  fan  ami  high-pressure  inlet,  resulting  in  reduced  engine 
performance  anti  compressor  efficiency.  Pressurization  of  these 
cavities  would  also  increase  fan  and  initial  high-pressure  compressor 
disk  temperatures.  It  would  then  become  necessary  to  replace  the 
present  titanium  fan  disk*  with  steel  disks  and  increase  the  high  pres¬ 
sure  compressor  disk  sizes  at  a  substantial  weight  penalty. 

The  rear  fan  cavity  is?  vented  to  the  fan  inlet  pressure  tc  obtain  a 
rearward  thrust  loading  on  the  low-speed,  rotor  ar.d  minimize  the 
effect  of  the  fan  pressure  ratio  on  the  rotor  thrust.  The  seal  isolating 
the  cavity  from  the  main  gas  path  i *  located  at  a  large  diameter,  but, 
th&  relatively  low  pressure  differential  across  this  seal  produces 
almost  negligible  leakage.  Vented  air  is  piped  out  rather  than  vented 
'  through  the  front  hub  which  would  produce  a  hot  recirculated  boundary 
layer  around  th«-  fan  disks. 

The  hi$fc»p  res  cure.  compressor  rear  cavity  is  also  vented  tc  the  pres- 
thj  fan.  This  produces  a  pressure  in  the  cavity 
■  grsate r  than  the  inlet  ram  pressure  providing  the  desirable 
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'  ft^£r^arwa.rd  loading  on  the  high ?speed  rotor  while  maintaining  a  bias 
to  the  inlet  ram  pressure  which  is  required  for  consistent  rotor  thrust 
;  loads. 

The  compressor  rear  seal  is  located  at  an  intermediate  diameter 
which  has  been  chosen  to  obtain  the  desired  bearing  loads.  A  seal 
disk  is  incorporated  to  minimize  seal  clearances  and  therefore  seal 
leakage  from  the  primary  engine  gas  path. 

The  turbine  front  seal  is  placed  at  a  fairly  large  diameter  and  the  disk 
face  inboard  of  this  seal  is  pressurized  with  90  per  cent  of  compres¬ 
sor  exit  pressure,  which  is  consistent  with  blade  cooling  requirements. 

The  inter- turbine  seals  are  located  as  required  for  thrust  balance 
and  turbine  disk  and  blade  cooling  requirements.  The  cavity  is  pres¬ 
surized  slightly  above  the  immediate  turbine  gas  stream  pressures  to 
provide  sufficient  blade  and  disk  cooling  airflows. 

The  rear  turbine  cavity  is  unpressurized. 

16.  FTJEL  AND  OIL  HEAT  REJECTION  SYSTEMS 

The  fuel  and  oil  systems  used  in  the  STF219  engine  are  shown  in 
Figure  2-64.  The  system  is  substantially  the  same  as  that  used  in 
the  JT11F-11,  -12  engine.  However,  whereas  only  one  fuel -oil  cooler 
was  used  in  the  previous  system,  the  present  system  uses  two.  In 
the  earlier  design,  the  cooler  always  worked  at  the  maximum  tempera¬ 
ture  limit  and  only  the  excess  heat  load  was  transferred  to  the  duct 
heater  circuit.  Consequently,  the  fuel  and  oil  supplied  to  the  engine 
were  at  the  maximum  levels,  whereas  the  fuel  supplied  to  the  duct 
heater  was  substantially  lower. 

The  revised  system,  using  two  fuel  oil  coolers,  equalizes  the  fluid 
temperatures  and  produces  lower  average  main  fuel  and  oil  tempera¬ 
tures.  The  system  is  controlled  by  two  bypass  valves.  One  is 
operated  by  a  control  signal  from  the  duct  heater  control  and  prevents 
the  duct  heater  components  cooied  by  fuel  flow  from  overheating  dur¬ 
ing  low  duct  fuel  flow  operation.  The  second  is  a  thermostatic  valve 
which  opens  at  the  maximum  fuel  temperature  limit.  This  valve  w  ill 
normally  remain  closed  since  the  system  is  designed  to  maintain  the 
duct  heater  fuel  temperature  at  the  equalized  des  ign  values,  However, 
during  transient  operation  when  overheating  might  otherwise  occur, 
the  thermostat  will  limit  the  fuel  temperature.  I’,  -mdition  to  the  tem¬ 
perature  control  of  the  duct  heater  fuel,  a  bypass  line  is  provided  to 
limit  the  fuel  pressure  drop  during  high  duct,  heater  flow  rates. 
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The  present  system  still  incorporates  a  method  for  returning  fuel  to 
the  airframe  when  supplementary  cooling  is  required.  Initially,  this 
system  was  controlled  by  a  thermostatic  valve.  However,  the  air¬ 
frame  manufacturers  have  expressed  some  concern  regarding  the 
reliability  of  the  thermostatic  system  and  Lockheed  suggested  that  a 
manual  valve  controlled  by  the  power  lever  be  used  to  permit  a  con¬ 
stant  metered  return  flow  whenever  the  engine  flow  drops  below  some 
predetermined  level. 

An  alternate  system  would  use  a  manual  valve  in  series  with  the 
thermostatic  valve  which  would  safeguard  against  the  possibility  of 
the  thermostatic  valve  opening  and  initiating  supplementary  return 
flow  when  it  was  not  reauired.  A  final  safeguard  would  be  to  parallel 
the  thermostatic  valve  with  a  manually  operated  bypass  to  ensure 
supplementary  return  flow  in  the  event  that  the  thermostatic  valve 
failed  closed. 

During  Phase  II- A  of  the  SST  proposal,  ti.i  problems  associated  with 
the  engine  fuel-oil  heat  rejection  system  were  studied  considering  the 
integrated  rirframe,  engine,  and  fuel  requirements.  It  was  imme¬ 
diately  recognized  that  a  unilateral  approach  was  necessary  to  attack 
this  problem,  since  the  engine  is  bounded  by  a  dual  interface;  i.  e.  , 
the  fuel  inlet  temperature  to  the  engine  pump  is  set  by  the  airframe 
heat  rejection  and  fuel  flow  requirements,  and  the  fuel  outlet  tempera¬ 
ture  from  the  engine  fuel  control  must  satisfy  the  thermal  stability 
limits  of  the  fuel.  Furthermore,  the  fuel  inlet  temperature  to  the 
engine  pump  can,  in  itself,  be  influenced  by  the  engine  heat  rejection 
with  a  return  line-to-tank  system,  and  hence  an  iterative  situation 
can  arise. 

For  these  reasons,  it  was  decided  that  Pratt  &  Whitney  Aircraft  would 
calculate  the  total  engine  fuel-oil  system  heat  rejection  for  various 
flight  conditions  and  supply  this  information  to  the  respective  airframe 
manufacturers.  They  in  turn  would  then  determine  the  fuel  tempera¬ 
tures  leaving  the  engine  fuel  control  based  on  their  knowledge  of  the 
inlet  temperatures  to  the  fuel  pumps  and  required  fuel  flows -for 
various  flight  conditions.  This  approach  resulted  in  a  consistent  and 
meaningful  evaluation  of  the  maximum  fuel  temperatures  that  would 
be  encountered  in  the  SST  airplane. 

Figures  2-65  through  2-68  present  the  data  supplied  tc  Lockheed  and 
Figures  2-67  through  2-73  present  the  corresponding  data  for  Boeing. 


0-  no  2-89 


CONFIDENTIAL 


CONFIDENTIAL. 


WM»TN*V  AIRCRAFT 


PWA 


The  total  system  heat  rejection  rates  during  unbraked  and  braked 
windmilling  for  the  Lockheed  700  Ib/sec  flow  engine  are  as  follows: 


Unbraked  Rotor 

Heat  Rejection 
Rotor  Rate 

Mach  Number  Speed  (rpm)  (BTU/min) 


Braked  Rotor 

Heat  Rejection 
Rotor  Rate 

Speed  (rpm)  (BTU/min) 


3.  0 

6550 

8700 

3800 

5810 

2,  5 

5950 

7420 

3800 

5160 

2.  0 

4950 

5680 

3800 

4460 

For  the  Boeing  engine,  braked  windmilling  at  Mach  2.  7  results  in  a 
rotor  speed  of  7950  rpm  and  a  total  heat  rejection  rate  of  4800  BTU/ 
min.  Of  this,  3170  BTU/min  are  required  for  the  engine  lubrication 
system,  800  BTU/min  for  the  engine  fuel  pump,  and  830  BTU/min  for 
the  hydraulic  pump  and  environment. 

The  estimated  fuel  and  oil  temperatures  for  the  Boeing  and  Lockheed 
missions  are  presented  in  Figures  2-?4  and. 2-75.  The  temperatures 
shown  for  the  Boeing  aircraft  descent  are  based  on  an  assumed  return 
line  control  valve  maximum  setting  of  325  °F.  Fuel  and  oil  temperatures 
were  not  calculated  for  operation  before  cruise  since  the  fuel  flow  rates 
will  be  high  and  the  temperatures  will  be  low. 

It.,i£  noted  that  the  twin  spool  STF219  engine  is  significantly  different 
trom  the  JT11F  engine  with  regard  to  fuel  and  oil  heat  rejection 
characteristics.  A  twin-spool  engine  inherently  has  higher  heat 
rejection  requirements  than  a  single-spool  engine  because  of  the  addi¬ 
tional  bearings  and  seals  and  higher  rotor  speeds.  In  addition,  the 
STF219  engine  heat  rejection  system  was  modified  by  the  addition  of 
a  second  cooler,  and  benefits  from  an  evaluation  of  the  thermal  sta¬ 
bility  limit  of  Jet  A  fuels  which  indicated  that  fuel  limits  above  275  °F 
can  be  achieved. 

17.  EXTERNAL,  PLUMBING,  BRACKETS,  AND  HARDWARE 
a.  General  Description 

The  plumbing  associated  with  the  STF219  engine  will  be  designed  to 

provide  durability  and  accessibility.  However,  it  was  not  possible  to 


CONFIDENTIAL, 


££■’  xsSx?*-'  ^-T  ‘  -1.  C?-  ” 


't;-cONFi^eMT*At. 


PWA-2  397 


s^gS£S&i?*-.r ~l-i .-  ;  ■;' 

r9prnpi?te  arrangement  of  ail  .the  external  lines  required  for 
engine in  the  time  period  of  the  Phase  IIA  program  since 


’jan -engine  mock  up  is  necessary  to  accomplish  effective  routing.  De- 


i^^Ki'K^v'vrttaile^" coordination  with  the  airframe  manufacturer  is  essential  to  en- 

- ’Sure  proper  accessibility  and  adequate  clearance  between  adjacent  lines 
K*"'-"  :  and  engine  and  airframe  components  and  structure.  Lines  are  care- 
i-  -  ^  full  •  routed  to  avoid  fluid  traps  and  to  accommodate  thermal  expansion. 
Proper  support  for  the  lines  by  clips  'and  brackets  must  be  provided  to 
fix. their  position  and  avoid  resonant  vibrations. 


C 


The  high  environmental  temperatures  associated  with  the  SST  engine 
installation  preclude  the  use  of  elastomer  seals  and  dictate  the  use  of 
stainless- ste<  .  lines  and  metallic  seal  joints.  The  use  of  solid  (non- 
flexible)  tubing  and  metallic  seal  joints  compounds  the  problem  of 
assembly  and  thermal  growth.  The  lines,  therefore,  must  be  fabri¬ 
cated  accurately  to  minimize  assembly  misalignment  and  must  be 
routed  so  as  to  provide  adequate  flexibility  to  accommodate  thermal 
expansion.  Where  flexibility  cannot  be  provided  by  routing  of  the  lines, 
bellows  or  slip-type  joints  are  required  to  allow  for  misalignment  and 
thermal  growth. 

The  high  environmental  temperature  will  also  require  the  use  of  heat¬ 
shielding  on  certain  lines  to  minimize  heating. 

b.  Material  Selection 

Fuel  and  hydraulic  lines  are  fabricated  from  AMS  5571  on  PWA  1060 
(Inconel)  tubing.  Air  and  oil  lines  are  fabricated  from  AMS  557! 
stainless-steel  tubing. 

c.  Heat  Shielding 

~'A'  number  of  effective  methods  for  heatshielding  lines  may  be  used. 
Frequently  within  the  engine  structure,  concentric,  double-wall  tubing 
is  used  with  the  stagnant  air  gap  between  the  tubing  walls  providing 
the  insulating  medium.  This  construction  is  used  for  the  oil  lines 
passing  through  the  diffuser  case  struts  in  the  3TF219  engine,  and  is 
shown  in  Figure  2-76.  A  similar  construction  .s  employed  in  the  oil 
lines  passing  through  the  intermediate  case  struts  and  turbine  exhaust 
struts.  This  method  of  insulating  fluid  lines  is  successfully  used  in 
many  Pratt  &  Whitney  Aircraft  commercial  and  military  engines. 

The  use  of  thermal  insulation  tape  and  an  outer  corrugated  metal  foil 
shield  for  insulating  fluid  lines  has  been  used  extensively  in  the  J~58 
engine.  The  insulating  tape  is  spirally  wound  around  the  tubing  and 
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the  corrugated  metal  foil  shielding  is  then  applied  in  halves.  The  foil 
is  supported  by  sleeve  segments  and  secured  by  Incone!  lockwire. 
Sections  of  fcil  shielding  are  joined  by  hoop  bands,  A  detailed  sketch 
of  the  shielding  assembly  is  shown  in  Figure  2 - 77. 


A  recently  developed  approach  to  the  heat  absorption  problem  is  the 
use  of  low-emisoivity  coatings  on  lines  and  engine  components.  The 
application  of  gold  coatings  to  fluid  lines  and  certain  engine  components 
is  now  being  used  in  the  J-58  engine  and  is  replacing  the  previously 
mentioned  tape  and  foil  heat  shielding.  This  coating  may  be  applied 
to  steel,  titanium,  or  aluminum  by  applying  several  light  coats  of 
special  gold  paint  with  a  short  baking  period  of  900°F  after  each  coat. 
The  resulting  coating  is  0,  0001  to  0.0002  inch  in  thickness,  and  may 
be  exposed  to  temperatures  up  to  1000°F  without  deterioration. 

This  process  is  controlled  by  spec ific ation  PVVA-55. 
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d.  Seals  and  Fittings 

A  number  of  different  non-elastomer  seals  are  available  which  are 
being  used  on  current  production  engines.  Sketches  of  these  seals 
are  shown  in  Figure  2-78.  The  chevron  seal  is  made  up  of  V-shaped 
stainless-steel  strips  and  is  pardcularly  effective  for  sealing  high 
pressure  fluids.  The  spiral-wound  gasket  consists  of  spiral  windings 
of  stainless  steel  and  asbestos.  It  can  be  made  in  any  size  required 
and  is  useful  at  temperatures  up  to  800°F.  Its  use  is  limited  to  oil 
ana  gas  sealing.  The  angle  gasket  is  recommended  for  use  at  loca¬ 
tions  which  require  sealing  of  dissimilar  material.  It  requires  a 
small  clamping  force  and  is  usable  for  g^s,  oil,  or  fuel. 

The  metal-to-metal  cone  fitting  with  a  thin  nickel  gasket  betu eon  the 
mating  conical  surfaces  has  been  found  to  provide  an  extremely  relia¬ 
ble  seal  for  external  plumbing  connections.  The  conical  gasket  with 
a  separate  brazed  on  ferrule  or  a  ferrule  which  is  formed  integral 
with  the  tube  provides  a  reliable  and  safe  tube  joint  which  is  easy  to 
assemble  and  disassemble. 

e.  Clamps  and  Brackets 

Brackets  and  clamps  are  used  to  prevent  fatigue  failure  resulting  from 
excessive  vibration  and  to  prevent  the  chafing  of  lines  and  adjacent 
parts.  The  brackets  and  clamps  are  so  spaced  as  to  provide  a  resilient 
support  for  the  tubes. 
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Depending  upon  environmental  temperatures,  brackets  are  fabricated 
from  AMS  5542  (Inconel  X)  or  nickel  cadmium  plated  AMS  5504  (type 
4  10)  stainless  steel.  Clamps  are  made  from  AMS  5542  and  AMS  5510 
(type  521)  stainless  steel  and  cushioned  with  teflon-impregnated  asbes¬ 
tos,  stainless  steel,  or  Inconel  wire  mesh.  In  certain  applications,  it 
is  necessary  to  interpose  a  stainless -steel  sleeve  between  the  tubing 
and  the  clamp  to  prevent  chafing  of  the  tube  by  the  clamp  cushioning 
material.  The  antichafing  sleeve  is  brazed  to  the  tube. 


Typical  methods  of  joining  tubes  to  brackets  or  to  each  other  are 
shown  in  Figure  2-79. 

18.  ENGINE  MOUNTS 


a.  General  Description 


The  gas  generator  is  supported  both  axially  and  radially  by  the  inter¬ 
mediate  case.  Loads  in  the  intermediate  case  are  transmitted  to  the 
outer  duct  and  engine  mount  system.  The  mount  system  supports  the 
engine  in  the  aircraft  and  is  designed  to  transfer  vertical,  side,  thrust, 
and  torque  loads  to  the  airframe  structure. 


The  engine  attachment  points  are  designed  so  that  a  single  system 
may  be  used  for  either  right  or  left  engines.  The  final  selection  of 
the  mount  systems  depends  on  the  specific  airframe  requirements 
and  has  been  coordinated  with  the  individual  manufacturers. 

b.  Design  Criteria 


The  significant  loads  acting  on  the  mounting  system  are  maneuver  loads, 
thrust  loads,  and  gust  loads. 

The  maneuver  loads  for  which  the  mounting  system  was  designed  are 
specified  in  Figure  2-80.  It  was  assumed  that  the  pitch  and  yaw 
maneuvers  act  about  the  engine  center  of  gravity  and  that  the  maxi¬ 
mum  flight  loads  to  which  the  •front  and  rear  mounts  will  be  subjected 
are  as  indicated  in  Figures  2-81  and  2-82.  These  loads  were  deter¬ 
mined  on  the  basis  of  tne  most  severe  maneuver  condition  anticipated 
or  in  some  cases  by  loading  conditions  determined  in  coordination 
with  the  airframe  manufacturers.  Combinations  of  loads  other  than 
those  specified  may  also  be  acceptable,  but  these  should  be  reviewed 
if  such  loading  is  anticipated. 
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c.  Load  Limits 


The  maximum  allowable  flight  loads  produce  stresses  that  are  less 
than  or  equal  to  either  80  per  cent  of  the  0.  02  per  cent  yield  stresses 
or  75  per  cent  of  the  critical  buckling  stresses,  as  applicable.  The 
ultimate  loads  are  at  least  150  per  cent  of  the  limit  loads.  At  ultimate 
loading,  the  c  alculated  stresses  exceed  the  yield  strengths.  However, 
with  these  conditions,  local  yielding  will  occur  and  the  load  on  the 
structure  will  be  redistributed,  thus  reducing  the  chances  of  a  com¬ 
plete  material  failure. 

d.  Lockheed  System 

The  mount  system  for  the  Lockheed  airframe  consists  of  three  rigid 
attachment  points  and  a  fourth  resilient  point  to  carry  loads  in  the 
event  that  one  of  the  rigid  attachments  fails. 

The  mount  rings  arc  located  in  two  planes  perpendicular  to  the  engine 
axis.  The  forward  ring  is  located  in  front  of  the  fan  and  carries  two 
mounting  points,  each  on  the  horizontal  centerline.  These  mounting 
points  are  designed  for  a  rigid  ball-type  fitting  on  one  side  and  a 
resilient  ball-type  fitting  on  the  opposite  side  to  carry  thrust,  vertical, 
and  side  loads. 

The  rear  mount  ring  is  located  behind  the  blow-in-door  hinge  and  pro¬ 
vides  two  attachment  points,  one  on  each  side  of  the  engine,  and  both 
32.  86  degrees  above  the  horizontal  centerline.  The  rear  mount  is 
designed  to  carry  vertical  and  side  loads  on  one  side  and  vertical 
loads  on  the  other,  although  a  resilient  link  will  enable  side  loads  to 
be  carried  at  the  second  attachment  point  should  the  rigid  side  link 
fail. 

Maximum  loading  occurs  with  one  G  down,  one  and  one-half  G  for¬ 
ward,  two  G  to  the  side,  a  yaw  velocity  of  one  radian  per  second 
accelerating  at  three  radians  per  second  at  maximum  thrust,  or  with 
six  G  down,  one  and  one-half  Gs  forward,  one  G  to  the  side,  and 
maximum  thrust. 

Axial  loads  are  transmitted  by  the  rigid  front  mount  and  as  a  moment 
through  the  two  side  supports.  The  pad  for  attaching  the  mounting  ball 
has  been  positioned  as  closely  as  possible  to  the  outer  engine  case  to 
keep  the  loading  eccentricity  to  a  minimum,  thereby  reducing  the 
resulting  deflections  and  stresses.  The  side  loads  are  transmitted 
by  two  of  the  side  supports, and  the  vertical  loads  are  transmitted  by 
two  vertical  supports  at  the  rear  and  one  at  the  front  of  the  engine. 
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Roll  moments  are  transmitted  by  the  verticai  support?  on  the  rear 
mourf  ring,  yaw  moments  are  transmitted  by  the  two  side  supports, 
and  pitch  moments  by  the  vertical  supports. 

e.  Boeing  System 


The  front  mount  attachment  points  for  the  Boeing  aircraft  are  located 
on  the  engine  inlet  face  to  support  the  inlet.  Tr.e  engine  mount  rings 
are  located  in  two  planes  perpendicular  to  the  engine  axis.  The  front 
mount  ring,  which  is  located  just  forward  of  the  fan,  has  two  attachment 
points  located  22.  5  degrees  on  each  side  of  the  vertical  centerline.  One 
point  is  designed  to  carry  vertical,  side,  and  thrust  loads  through  a 
pin  fitting,  and  the  other  point  is  designed  to  carry  vertical  and  side 
loads  through  a  link. 

The  rear  mount  ring  is  attached  to  tfu  airframe  by  a  single  attachment 
point  on  the  vertical  centerline  just  forward  of  the  blow-in  door.,. 
Vertical  and  side  loads  are  transmitted  to  the  ring  through  a  yoke 
which  attaches  at  two  locations  In  degrees  on  eiti  er  side  of  the  verti¬ 
cal  centerline. 
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In  addition  to  withstanding  the  maneuver  loads,  the  mount  system  was 
designed  to  withstand  gust  loads  in  accordance  with  Figure  2-83.  The 
load  limits  are  67  per  cent  of  the  ultimate  gust  loads,  with  one  C 
down,  and  maximum  thrust.  Operational  maximum  loads  occur  with 
six  Gs  down,  one  G  to  the  side,  one  and  one-half  G  forward,  and  maxi¬ 
mum  thrust,  or  with  gust  loading,  one  G  down  and  maximum  thrust. 

Axial  loads  are  transmitted  by  the  fixed  front  mount  and  a  moment  cre¬ 
ated  by  the  vertical  loads.  The  side  loads  are  transmitted  by  the  side 
supports  and  a  moment  created  by  the  link  support.  Vertical  loads  are 
transmitted  by  the  vertical  supports  and  as  a  moment  through  the  link 
support.  Yaw  moments  are  transmitted  by  the  side  supports  and  as  a 
moment  through  the  link  support,  and  pitch  moments  are  transmitted 
("•  the  vertical  supports  and  as  a  moment  through  the  link  support.  Roll 
moments  are  transmitted  by  the  two'  front  attachment  points. 

f .  O round  Handling  Provision 

Ground  handling  provisions  have  been  closely  coordinated  with  the 
airframe  manufacturers.  These  provisions  reflect  considerations 
of  internal  (Pratt  &  Whitney  Aircraft)  ground  handling  equipment  as 
well  as  the  requirements  of  both  airframe  contractors.  Since  the 
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sirirafne  manufacturer  has  traditionally  been  responsible  for  integrat¬ 
ing  ground  handling  equipment  for  installation  and  removal  of  the 
^  engine,  Pratt  &  Whitney  Aircraft  has  designed  attachment  points  com¬ 
mensurate  with  details  provided  by  both  Boeing  and  Lockheed. 

The  powerplant  will  be  delivered  in  two  major  assemblies.  The  first 
'-  of  these  will  consist  of  the  gas  generator  and  the  fan  duct  diffuser. 

The  second  will  consist  of  the  ejector  and  the  fan  duct  exhaust  case. 
Provisions  have  been  made  to  permit  each  unit  to  be  handled  indepen- 
"  dehtly  and  to  permit  the  assembled  units  to  be  handled  during 
installation. 

Figures  2-84  and  2-85  show  the  ground  handling  provisions.  The  gas 
generator  unit  has  two  attachment  points  on  the  front  mount  ring  and 
two  brackets  on  the  fan  duct  case.  The  rear  of  the  gas  generator  is 
to  be  supported  with  a  str.ip  j round  the  fan  duct  while  installing  the 
ejector  since  the  brackets  must  be  removed  to  attach  the  ejector. 

The  ejector  assembly  is  to  be  handled  in  a  cradle  which  supports  it 
at  two  points.  Actual  assembly  will  be  made  with  the-  engine  axis 
horizontal.  After  assembly,  the  engine  should  be  handled  by  a  cradle 
under  the  ejector  and  with  the  two  attachments  in  the  front  mount  ring. 

For  the  Lockheed  installation,  an  additional  attachment  hole* has  been 
placed  at  the  top  center  of  the  front  mount  for  hoisting  the  engine  into 
the  aircraft. 

For  the  Boeing  installation,  two  additional  attachment  points  have 
been  provided  on  the  rear  mount  ring  15  degrees  below  the  horizontal 
center  line  for  handling  the  ejector, 

19.  ENGINE  ACCESSORY  DRIVES 

The  disc  ,??ion  presented  here  is  limited  to  the  basic  characteristic s 
of  the  er.g.  <  -  cessory  drive  system.  Specific  arrangements  have 

been  de  i-  m  coordination  with  the  particular  airframe  manufac¬ 
turers  'u  >  o’ ec  j. 


PWA- 2397 


The  gearbox  (see  Figure  2-25}  for  the  accessory  drive  system  will 
houie  a  major  portion  of  the  components  supplying  lubrication  for  the 
engine  and  has  provisions  for  mounting  and  driving  the  engine  acces¬ 
sories.  The  drive  system  will  provide  shaft  speeds  compatible  with 
efficient  accessory  operation.  The  gearbox  for  the  Lockheed  installa¬ 
tion  is  a  welded  urit  using  AMS  4901  and  AMS  492  1  titanium  materials. 
The  gearbox  for  the  Boeing  installation  i«  cast  high  temperature 
magnesium  (AMS  4418).  Power  is  supplied  to  the  drive  system  by  a 
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towershaft  driven  by  a  pair  of  spiral  bevel  gears  from  the  high-speed 
rotor  shaft.  Loose  spiine  couplings  are  located  on  both  sides  of  the 
towershaft  to  accommodate  deflection  and  misalignment. 
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Power  input  to  the  drive  system  is  150  hp  at  maximum  normal  rotor 
speed  for  the  Lockheed  arrangement  and  310  hp  for  the  Boeing 
arrangement. 

The  gear  trains  within  the  gearbox  arc  common  for  both  aircraft  manu¬ 
facturers  with  the  exception  of  the  extra  gear  train  required  in  the 
Boeing  gearbox  to  drive  two  hydraulic  pumps.  The  gearboxes  also 
contain  a  main  oil  supply  pump,  a  scavenge  pump,  an  oil  pressure 
regulating  valve,  and  an  overboard  breather  pressurizing  valve  operat¬ 
ing  in  conjunction  with  a  de-oiler. 

The  speed  ratio  and  direction  of  rotation  for  all  accessory  pads  are 
shown  in  Figure  2-86.  Except  for  the  high-speed  rotor  tachometer 
drive,  all  of  the  gear  shafts  art  straddle  mounted  between  anti¬ 
friction  type  bearings,  and  are  lub-icated  by  a  combined  oil  jet  and 
oil  splash  system.  The  gear  trains  are  designed  such  that  the  maxi¬ 
mum  Hertz  stress  produced  is  no  greater  than  1  10,  000  psi.  Care  was 
taken  in  the  design  of  the  gears  to  ensure  that  their  resonant  speeds 
are  outside  the  operating  ranges.  Service  experience  has  shown  that 
a  primary  cause  of  gear  failures  is  vibration  at  the  mesh  frequen¬ 
cies.  To  preclude  such  failures,  gear  designs  are  analyzed  for 
resonance  effects  before  the  gears  are  fabricated,  and,  after  fabrica¬ 
tion,  the  gears  are  tested  using  strain  gages  to  determine  the  actual 
resonant  speeds  and  the  severity  of  the  effect.  If  necessary,  the 
design  is  modified  to  avoid  the  resonant  frequency. 


Both  the  oil  pressure  pump  and  the  scavenge  pump  are  gear-type  units 
which  are  installed  as  complete  packages  in  the  bottom  of  the  gearbox. 
The  oil  in  the  system  is  filtered  by  cartridge  filters  consisting  of 
stacks  of  100-mesh  scieens  and  spacers-  Pressure  taps  indicating 
filter  pressure  drop  are  provided  for  attachment  to  a  cockpit  warning 
light  system.  A  redundant  two  filter  system  is  used  in  conjunction  with 
a  bypass  filter  to  provide  for  the  event  of  the  primary  filter  plugging. 
Upon  leaving  the  filters,  the  oil  is  pumped  to  a  spring-type  pressure 
regulating  valve  which  by-passes  excess  oil  back  to  the  pump  inlet. 

The  gearbox  breather  system  incorporates  aeentrifuga!  de-oiler  to 
prevent  oil  from  being  lost  <•  rerboard.  The  centrifuged  breather  air 
passes  cut  of  the  system  through  the  inside  of  the  shaft  to  the  pressure 
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regulating  valve,  which  maintains  a  given  pressure  level  within  the 
gearbox. 

Most  of  the  accessory  mounting  pads  an-  oriented  perpendicular  to  the 
engine  centerline  and  are  angled  inward  to  place  the  acct?ssories  as 
close  to  the  engine  as  possible. 

Pressurized  oil  is  not  supplied  to  any  of  the  pads  and  high  temperature 
synthetic  rubber  ring  seals  are  used  to  prevent  leakage  between  the 
pad  and  the  accessory,  Spring-loaded  face  type,  two  way  carbon  seals 
are  used  to  contain  the  oil  within  the  gearbox,  and  any  oil  which  may 
accumulate  due  to  leakage  in  the  pad  cavity  is  drained  overboard. 


The  mounting  pads  for  the  fuel  pump,  fuel  control,  and  the  hydraulic 
pumps  were  designed  to  be  in  accordance  with  Aeronautical  Specifica¬ 
tion  468B.  The  tachometer  pad  is  supplied  with  a  shaft  speed  of 
4 <100  rpm  and  was  designed  to  be  in  accordance  with  AND20005XV"B. 

The  gearbox  mounting  scheme  is  shown  in  Figure  si-8"?  and  a  schematic 
diagram  of  the  gearbox  is  shown  in  Figure  2-88. 

20.  ENGINE  STARTING 

The  STF2  19  engine  will  be  started  through  a  remote  airframe-mounted 
gearbox,  A  power  t.lke-off  pad  located  on  the  top  of  the  engine  it  the 
intermediate  case  will  provide  the  drive  power  for  the  Boeing  engine. 

A  right-angled  step  down  gear  box  power  take-off  drive  and  decoupler 
will  be  furnished  for  Iockheed  (see  Figure  2-89). 


m 


r 


The  estimated  engine  motoring  characteristics  were  determined  on 
the  basis  of  data  and  experience  with  the  S7F200  advanced  turbofan 
engine  and  current  production  engines.  The  estimated  motoring 
torque  for  the  Boeing  and  Lockheed  engines  as  a  function  of  rpm  at 
the  power  take-off  pad  is  shown  in  Figures  2-90  and  2-91,  respectively. 
As  shov.-n,  the  torque  increases  with  rpm  until  the  firing  speed  is 
reached,  after  which  it  decreases  with  rpm  until  it  reaches  zero  at 
the  self  sustaining  speed.  It  should  be  noted  these  curves  reflect  the 
difference  in  drive  shaft  speed  at  the  power  take  off  airframe  attach¬ 
ment  point. 

Motoring  torques  were  determined  by  calculating  engine  matching 
characteristics  at  various  rotoj*  speeds.  For  speeds  up  to  the  firing 
speed  (4400  rpm  at  the  tower  shaft  for  Boeing  and  !  75  0  rpm  at  the 
gearbox  for  Ixjckheed),  no  fuel  is  burned  and  there  is  no  temperature 
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rise  in  the  burner,  Por  these  conditions,  m is teh.Uig  b s  ib^>hlff  b~ 
pressyre  compressor  Is  d.etesmiiscd  by  the  burLtpe  fjow  cHaracteristic p-. 
Alter  the  burner  is  hi*  the  High-pressure  c om p r  <s -3-act  has  /sufficient 
surge  margin  to  allow  the  rote r  to  accelerate  up  the  de^ign  operating 
line  until  the  rotor  is  self-sustaining  and  the  starfe-x  cut  off  and  idle 
speed  is  reached. 


A.  curve  of  the  starting  torque  as  a  function  of  rpm  for  one  air  turbine 
starter  with  proper  intermediate  gearing  i3  shown  Ik  Figures  2-92  and 
2-93.  As  shown,  adequate  torque  is  available  over  the  entire  range, 
and  calculations  indicate  that  the  starting  time  would  be  approximately 
13  seconds  for  the  Boeing  engine  and  14.5  seconds  for  the  Lockheed 
engine  at  standard-day  conditions.  A  plot  of  factoring  and  starter 
horsepower  as  a  function  of  rpm  is  shown  in  Figures  2-94  and  2-95. 

Cold  day  starting  requirements  are  shown  in  Figure  2-96,  The  decrease 
in  air  temperature  causes  an  increase  in  the  motoring  torque,  but  the 
st-irte r  studied  would  be  adequate  for  temperatures  down  to  ~4£i*F* 
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E.  STF219  COOLED  TURBINE  DESIGN 


i ,. 


INTRODUCTION 


The  STF219  turbine  design  has  as  its  objective  the  ultimate  attainment 
of  a  turbine  inlet  temperature  of  2300°  F  for  take-off  and  transonic 
acceleration  and  2200"  F  for  supersonic  cruise  in  commercial  service 
operation.  This  is  an  extremely  ambitious  goal  and  is,  in  our  opinion, 
by  fat*  the  greatest  technical  risk  in  the  SST  program.  In  order  to  fully 
appreciate  the  degree  of  the  problem,  one  must  be  aware  of  the  oper¬ 
ating  requirements  and  difficulties  associated  with  the  successful  intro¬ 
duction  of  a  new  powerplant  into  commercial  sei  vice, 

ITi 

First,  experience  has  shown  that  a  turbine  must  be  developed  to  oper¬ 
ate  satisfactorily  at  temperature  levels  significantly  higher  than  the 
average  temperature  which  goes  with  the  level  of  performance  indi¬ 
cated  by  the  engine  rating.  The  distinction  between  a  ’’rating"  iemper- 
ature  and  a  development  or  "field"  temperature  is  of  major  importance. 
Because  of  its  importance,  the  background  for  this  requirement  will  be 
discussed  in  some  detail. 


c 


One  reason  for  development  of  the  hot  section  to  higher  temperatures 
is  the  requirement  for  establishment  of  a  turbine  out  temperature  limit 
for  field  use  in  the  course  of  FAA  certification  of  the  engine.  Since 
turbine  temperature  is  not  a  direct  measure  of  thrust,  it  must  be  used 
only  as  a  monitor  and,  thuc,  the  "field"  limit  must  be  set  at  some  level 
higher  than  that  needed  to  demonstrate  engine  performance  for  take¬ 
off  and  acceleration  under  ideal  conditions.  This  increment  must 
cover  such  factors  as  normal  engine  deterioration,  control  tolerances, 
cockpit  instrumentation  errors,  etc.  Past  Pratt  &  Whitney  Aircraft 
commercial  experience  indicates  that  a  turbine  out  temperature  in¬ 
crement  equivalent  to  60 100 ®F  T.I.T.  must  be  allowed.  It  would 
certainly  not  be  lower  in  the  case  of  the  SST. 


Another  cause  for  development  of  the  hot  section  to  temperatures  above 
the  "rating"  temperature  is  the  uneven  temperature  pattern  of  the  gas 
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A  highly  developed  combustor  will  show  a  ii  I  >R 


of  1.  10  or  slightly  less  but  this  will  mean  hot  spots  100°  F  above  the 
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average  gas  temperature,.  Also  allowance  must  be  made  for  normal 
deterioration  in  the  temperature  pattern  expected  after  long  time 
service  operation. 


Information  available  on  supersonic  inlets  indicates  that  the  inlet  dis¬ 
tortion  will  be  more  severe  than  experienced  in  subsonic  commercial 
aircraft  and  will  persist  through  relatively  long  time  periods  at  high 
turbine  temperature  levels.  Inlet  effects  are  known  to  carry  through 
to  the  turbine  resulting  in  local  hoi  spots  which  inevitably  will  force 
development  of  the  hot  section  to  accept  local  temperatures  50°  to 
100"F  higher  than  the  "rating"  temperature.  Concerted  effort  over  a 
period  of  years  may  be  expected  to  improve  inlet  distortion  and  its 
effects  on  the  turbine  temperature  pattern.  If  so,  this  would  permit 
"rating"  the  engine  closer  to  its  development  capability. 


The  above  discussion  reflects  the  most  important  factors  which  must 
be  faced  in  establishing  a  design  turbine  inlet  temperature  for  arriving 
at  engine  performance  ratings.  The  net  result  of  this  is  that  it  will  be 
necessary  to  develop  major  elements  of  the  hot  section  for  a  consider¬ 
ably  higher  temperature,. 


It  is  generally  acknowledged  that  the  creation  of  an  L'bT  airplane  design 
which  will  be  competitive  with  subsonic  commercial  transports  in  the 
same  time  period  is  a  formidable  task.  To  draw  such  a  conclusion 
from  comparative  studies,  it  is  necessary  to  assume  that  the  SST  air¬ 
craft  will  be  available  the  same  number  of  hours  per  day,  will  be  as 
reliable,  will  have  comparable  TBO!s,  and  will  have  competitive  main¬ 
tenance  and  overhaul  costs.  The  failure  of  the  SST  to  live  up  to  these 
assumptions  would  result  in  substantially  increased  costs.  The  air¬ 
lines  would  find  it  difficult,  in  our  opinion,  to  cope  with  the  economic 
problems  which  would  arise  if  the  SST  fails  to  give  satisfactory  service 
from  the  outset. 


It  is  the  general  experience  of  the  industry  that  even  a  moderate  in¬ 
crease  in  turbine  temperature  for  commercial  operation  results  in  a 
quantity  of  unforeseen  engine  problems.  Our  experience  is  not  unique 
in  this  regard.  It  is  evident  that  despite  the  cross-flow  of  information 
from  prior  programs,  and  a  very  extensive  engine  development  pro¬ 
gram  conducted  at  turbine  temperature  levels  significantly  above  the 
"rated"  temperature  we  are  unable  to  adequately  evaluate  by  test  prior 
to  certification,  all  of  the  problems  which  will  arise  after  the  start  of 
commercial  service. 
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For  the  above  reasons,  it  is  our  firm  conviction  that  a  design  and 
development  program  aimed  at  2300°  F,  turbine  inlet  temperature  fo<- 
acceleration  and  2200° F  for  supersonic  cruise  will  be  no  more  than 
sufficient  to  assure  acceptable  engine  durability  at  the  initia’  airline 
service  operating  temperatures  cf  2000”  F  for  acceleration  and  1900"F, 
for  supersonic  cruise.  As  a  part  of  this  program  the  delivered  proto¬ 
type  engines  would  be  capable  of  operating  at  the  2200° F/23000 F  tem¬ 
perature  levels.  Temperature  increases  beyond  these  initial  produc¬ 
tion. engine  ratings  must  be  firmly  based  on  operational  experience  at 
the  initial  ratings  supplemented  by  development  testing  and  service 
testing  at  the  higher  temperature  levels. 

2.  APPROACH 

The  effort  during  Phase  UA  has  been  directed  toward  cooling  vanes  and 
blades  in  such  a  manner  as  to  meet  the  special  needs  of  different  in¬ 
ternal  airfoil  locations,  i.  e.  ,  leading  edge,  trailing  edge,  mid  chord, 
etc.  Emphasis  was  placed  on  efficient  use  of  cooling  air  taking  full 
advantage  of  improvements  in  cooling  techniques,  materials,  and 
oxidation  corrosion  preventative  coatings.  Initially  average  metal 
temperatures  were  limited  to  1600°  F  which  is  the  upper  limit  of  cur¬ 
rent  subsonic  commercial  transports.  As  analysis  progressed  it  be¬ 
came  apparent  that  the  cooling  airflows  required  to  do  this  job  were 
inconsistent  with  good  thermodynamic  performance.  Metal  temper¬ 
atures  were  therefore  increased  to  a  maximum  value  consistent  with 
expected  material  and  coating  capabilities.  This  resulted  in  average 
metal  temperatures  of  1750°  F  at  the  most  critical  engine  operating 
condition  and  permitted  a  reduction  in  cooling  airflow  of  36  per  cent. 

The  complexities  of  the  task  at  hand  precluded  the  reduction  of  all  the 
blade  and  vane  design  concepts  to  practice  within  the  very  short  Phase 
HA  time  period.  More  elaborate  trades  between  the  factors  involved, 
i,  e.  ,  cooling  air,  metal  temperature,  life  and  performance,  remain  to 
be  exercised;  however,  evidence  to  date  indicates  that  the  ultimate 
requirements  of  a  2200  -  2300"  F  turbine  inlet  temperature,  SST  can  be 
met  through  the  application  of  a  concentrated  effort  encompassing 
projected  improvements  in  cooling  technology,  materials,  and  coatings. 
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3.  DESIGN  GOALS 

The  following  design  goals  were  established  as  necessary  to  meet  per¬ 
formance  objectives  as  well  as  commercial  durability  and  service  life. 

.  Turbine  Inlet  Average  Gas  Tempenture  -  2200°  F  at  super¬ 
sonic  cruise 

.  Turbine  Inlet  Average  Gas  Temperature  -  2300°  F  at  SLTO 
and  transonic  acceleration 

.  Average  Metal  Temperature  -  1750°F 

.  Engine  Life  -  5000  Hours 

4.  DESIGN  PROBLEM 

The  design  problem  is  one  of  complexity,  durability,  fabrication  and 
inspection.  Its  complexity  stems  from  the  large  number  of  variables 
which  have  a  significant  effect.  Cooling  air  flow,  pressure,  and  tem¬ 
perature;  performance,  life,  and  turbine  inlet  temperature  and  their 
effects  on  each  other  must  be  combined  to  yield  functional  hardware. 
Detailed  studies  of  these  parameters  as  they  affect  cooled  turbine  blades 
and  vanes  have  shown  that  there  are  three  primary  factors  which  must 
be  considered  in  designing  for  long  airfoil  life  at  high  turbine  inlet 
temperatures.  These  factors  are  creep  life,  cyclic  life  and  resistance 
to  erosion  and  corrosion. 


a.  Creep  Life 

Creep  is  a  permanent  deformation  under  stress  and  temperature  over 
a  period  of  time  and  is  generally  associated  with  the  steady  state,  long 
time  operating  requirement.  This  requires  that  the  average  metal 
temperature  at  each  spanwise  location  be  held  to  levels  consistent  with 
airfoil  stress  rupture  and  creep  requirements. 

b.  Cyclic  Life 

This  is  caused  primarily  by  high  metal  temperature  gradients  resulting 
from  rapid  changes  in  external  gas  temperatures  during  transient  oper¬ 
ation.  As  turoine  inlet  temperature  inc i Cqoc  s,  it  becomes  increasingly 
diffictilt  to  maintain  acceptable  chord-wise  temperature  differences 
during  acceleration  and  deceleration.  During  acceleration,  the  leading 
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and  trailing  edges  heat  up  faster  than  the  midchord  region  because  of 
the  higher  heat  transfer  coefficient  and  lower  mass  of  metal  in  these 
regions.  The  resulting  gradients  tend  to  be  high  and  cause  a  loss  of 
cyclic  life.  To  avoid  this,  better  cooling  of  the  airfoil  edges  must  be 
accomplished.  Cooling  is  more  difficult  in  the  leading  and  trailing  edge 
regions  because  of  the  limited  space  available  for  internal  cooling  pas¬ 
sages  in  these  areas.  Some  compromise  of  leading  and  trailing  edge 
radii  can  be  made  without  significantly  affecting  aerodynamic  perform¬ 
ance,  thus  somewhat  reducing  the  heat  transfer  coefficients  and  reliev¬ 
ing  space  limitations.  Film  cooling  of  the  leading  and  trailing  edges 
is  an  effective  means  of  reducing  the  transient  temperature  differential 
since  it  reduces  the  heat  transfer  rate  into  these  surfaces.  However, 
it  is  difficult  to  establish  a  film  on  the  leading  edge  of  a  foil  for  the 
following  reasons: 

1.  Cooling  air  wou’J  have  to  be  pumped  to  a  pressure  about  1. 25 
'  times  compressor  exit  pressure  in  order  to  provide  a  film  on 

the  leading  edge  of  the  1st  stage  inlet  guide  vanes.  This  could 
be  accomplished  by  use  of  a  turbine  driven  cooling  air  pump  at 
a  cost  of  some  loss  in  performance,  reliability,  and  a  125"  F 
increase  in  cooling  air  temperature  due  to  the  pump  temper¬ 
ature  rise. 

2.  It  appears  that  a  porous  surface  or  a  surface  with  a  large 
number  of  holes  near  the  leading  edge  is  required.  This 
tends  to  compromise  the  mechanical  integrity  of  the  vanes 
or  blades. 

3.  Another  possiole  solution  to  the  cyclic  life  problem  is  to  em¬ 
ploy  the  use  of  a  nonstructural  member  at  the  leading  edge  of 
the  airfoil  which  is  .ree  to  thermally  expand  and  contract  inde¬ 
pendently  of  the  rest  of  the  part.  This  requires  that  the  in¬ 
ternal  cooling  passages  be  designed  to  cool  this  member  or 
requires  the  use  of  materials  net  currently  available. 

c.  Erosion  and  Corrosion 

The  surface  phenomena  of  erosion  and  corrosion  are  respectively  the 
wearing  away  of  metal  or  the  oxidation  of  metal  caused  by  high  tem¬ 
perature,  high  velocity  gas  streams.  Protective  coatings  are  neces¬ 
sary  to  prevent  this  phenomena  from  attacking  the  base  metal  of  the 
airfoil.  Coatings  must  be  compatible  with  the  material  being  coated 
and  must  be  a.ble  to  with?'  and  some  impact  damage. 
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The  solution  of  these  severe  cooling  requirements  has  introduced  a 
major  structural  problem  which  is  the  design  and  fabrication  of  a  com¬ 
plex  multipassage  cooling  configuration  which  retains  the  necessary 
structural  integrity  and  which  can  be  reliably  inspected  as  a  production 
and  overhaul  part.  All  of  the  above  requirements  must  be  me  .  using  an 
amount  of  cooling  air  consistent  with  good  performance. 

5.  DESIGN  EMPHASIS 

Emphasis  in  phase  IIA  was  placed  on  the  efficient  use  of  cooling  air. 
Airfoil  cooling  air  was  distributed  internally  so  as  to  meet  the  specific 
requirements  of  each  location.  The  edges  of  the  airfoil  tend  to  be  the 
hottest  and  hence  were  treated  separately  from  the  midchord  section. 
Where  required  different  types  of  cooling  and,  or,  different  amounts  of 
cooling  air  were  used  at  the  edges  than  were  used  in  the  midchord  sec- 
tion.  This  avoided  both  under  or  overcooling  one  section  because  the 
cooling  requirement  was  incorrectly  generalized  based  on  another  sec¬ 
tion.  Cooling  airflows  were  minimized  by  taking  advantage  of  the  ex¬ 
cellent  strength  of  advanced  materials.  As  the  metal  temperature 
increases,  the  differential  between  relative  external  gas  and  the  metal 
temperatures  is  decreased  which  results  in  a  lower  rate  of  heat  input 
to  the  airfoil.  In  addition,  the  differential  between  the  metal  and  cool¬ 
ant  flow  temperatures  is  higher  which  increases  the  heat  capacity  of 
the  coolant.  By  utilizing  the  increased  creep  strength  of  the  superior 
cast  vane  and  blade  alloys,  a  3b  per  cent  reduction  in  cooling  airflow 
was  affected. 

This  report  describes  the  proposed  blade  and  vane  cooling  schemes  in 
detail  and  defines  the  design  philosophy  employed  in  establishing  air¬ 
foil  temperature  and  life.  Several  designs  for  the  first  stage  vane  and 
blade  are  proposed  because  development  work  on  these  airfoils  is  stili 
too  limited  to  permit  selection  of  a  single  configuration  at  this  time. 

It  is  to  be  noted  that  all  contigu rations  met  or  exceeded  the  design 
goals , 

6.  HEAT  TRANSFER  AND  LIFE  ANALYSIS 

Unless  otherwise  specified,  the  analysis  described  below  was  used. 
External  heat  transfer  coefficients  were  calculated  employing  the 
method  of  Ref.  (1).  Intern. .»  impingement  coefficients  shown  in  Figure 
'*7  were  used  at  the  vane  leading  edge.  They  were  calculated  using  test 
data  developed  at  Pratt  fc  Whitney  Aircraft  in  a  highly  instrumented  rig 
designed  expressly  to  examine  the  capability  of  this  type  of  cooling.  A 
description  of  the  rig  is  presented  in  item  6  of  this  report.  Impingement 
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cooling  produces  heat  transfer  coefficients  substantially  greater  than 
those  which  can  be  achieved  with  parallel  flow.  This  cooling  system 
allows  the  employment  of  the  lowest  temperature  cooling  air  on  the 
hottest  portion  of  the  vane,  again  an  advantage  which  cannot  be  achieved 
with  parallel  flow.  Internal  heat  transfer  coefficients  inside  through 
holes  in  a  foil  were  calculated  using  the  standard  procedures  for  chan¬ 
nel  flow  Ref.  (2).  Fin  efficiencies  where  used  were  calculated  from 
Ref.  (3).  Film  cooling  effectiveness  of  18  per  cent  was  used  on  the 
leading  edge  while  100  per  cent  film  effectiveness  was  used  at  the 
trailing  edge.  These  values  were  based  on  test  data  shown  in  Figures 
98  and  99,  The  tests  were  run  in  a  choked  vane  cascade  rig  at  the 
United  Aircraft  Corporation  Laboratory  under  steady  state  conditions 
and  Bhowed  that  good  correlation  could  be  achieved  between  test  data 
and  calculations  employing  the  method  of  Ref.  (4). 

Cyclic  life  was  based  on  metal  temperatures  resulting  from  engine 
transients.  Figure  100  show’s  typical  transients  used  in  the  analysis. 
Creep  life  analysis  was  based  on  average  chordwise  metal  tempera¬ 
ture  of  17 SO  F.  or  below. 

7.  ENVIRONMENTAL  CONDITIONS 

All  airfoils  were  designed  to  operate  at  a  gas  temperature  commensu¬ 
rate  with  a  first  stage  turbine  inlet  temperature  of  2300  F  from  SI.TO 
through  the  transonic  range  and  2200  F  at  the  supersonic  cruise  condi¬ 
tion.  Figure  101  shows  the  ideal  average  gas  temperatures  at  the 
entrance  to  each  air  foil  row.  The  gas  temperature  profile  is  tailored 
radially  ,'«»  shown  in  F-^ure  102  to  minimize  the  temoerature  at  the 
blade  root  where  stresses  are  highest.  A  higher  average  turbine  inlet 
gas  temperature  is  possible  in  the  turbine  blading  with  a  tailored  radial 
temperature  profile  than  with  a  flat  profile. 

8.  SPECIFIC  DESIGNS  -  1st  TURBINE  VANE 

The  studies  conducted  have  led  to  three  candidate  first  turbine  vane 
designs,  -All  three  employ  impingement  convective  cooling  of  the  most 
forward  portion  of  the  leading  edge  and  film  cooling  of  the  trailing  edge 
One  design  exhausts  the  leading  edge  cooling  air  to  a  low  pressure 
region,  while  the  other  tw  o  exhaust  this  air  into  the  gas  path  just  be¬ 
hind  the  leading  edge.  The  first  configuration  appears  to  be  more 
desirable  on  a  reliability  basis  because  it  does  not  require  the  boost 
in  cooling  air  pressure  level  which  the  latter  two  do  require. 
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a.  Cooling  System:  Impingement  -  I st  Vane 

Description  -  The  vane  has  a  constant  cross  sectional  area  with  a  2.  5 
inch  chord.  Figure  J03  shows  the  vane  geometry.  The  main  struc¬ 
tural  portion  of  the  vahe  consists  of  a  cast  hollow  airfoil  section  with 
slots  placed  in  the  trailing  edge  region  on  both  suction  and  pressure 
surfaces.  The  hollow  cavity  is  divided  into  two  cooling  compartments. 
Burner  secondary  sir  is  supplied  at  the  vane  I.  D.  to  the  distribution 
tube  in  the  leading  edge  compartment  and  is  ejected  at  high  velocity 
through  slj)ts  onto  the  internal  surface  of  the  leading  edge  which  has 
chordwise  cooling  fins.  These  fins  provide  an  internal  cooling  area 
of  2  times  that  of  the  external  heating  area  which  results  in  excellent 
cooling  effectiveness.  After  impinging  on  the  leading  edge,  the  air 
flows  chordwise  along  the  vane  to  the  two  exhaust  manifolds  which 
vent  the  air  to  the  vane  O.  D.  A  sheet  metal  insert  is  placed  into  the 
rear  central  hollow  cavity  to  provide  a  cooling  air  supply  manifold  and 
to  form  a  regulating  flow  passage  on  both  suction  and  pressure  surfaces 
of  the  airfoil.  The  flow  passage  is  formed  by  fins  cast  into  the  side 
walls  of  the  vane  and  the  outer  wall  of  the  sheetmetal  insert.  The  fins, 
as  before,  increase  the  internal  heat  transfer  area,  increasing  the  heat 
transfer  to  the  coolant.  Burner  secondary  air  fed  into  the  insert,  is 
ejected  through  slots  at  the  leading  edge  of  the  insert,  flows  rearward 
in  a  chordwise  direction  convective1*/  cooling  both  surfaces  of  the  air¬ 
foil,  and  is  ejected  out  the  slots  at  the  trailing  edge  of  the  vane  film 
cooline  the  trailing  edge.  1  he  lower  external  static  pressures  at  the 
trailing  edge  of  the  vane  do  not  pose  a  film  cooling  problem.  However 
the  high  c  volant  side  pressure  ir  crease  required  for  film  cooling  the 
leading  edge  would  necessitate  the  use  of  an  additional  pempmg  device 
to  boost  the  pressure  of  the  burner  secondary  air  used  for  cooling, 

The  added  weight,  complexity  and  inherent  decrease  of  reliability  in- 
vo!v,  ;5  in  incorporating  such  a  device  gives  preference  to  the  internal 
fin  design  as  opposed  to  the  other  designs  presented. 


Creep  Life  -  7  he  creep  life  of  the  vane  is  a  function  of  the  average 
metal  temperature  and  the  vane  stress  level.  Figure  194  shows  the 
average  spamviee  vane  metal  temperature  variation  for  the  vane  cool¬ 
ing  configuration  using  impingement  cooling.  Also  shown  are  the 
allowable  metal  temperatures  for  several  different  materials.  As 
indicated  by  the  large  margin  between  allowable' and  calculated  metal 
temperatures,  this  design  has  a  creep  life  well  in  excess  of  the  9000 
hour  engine  life  goal. 
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Cyclic  Life  »~To  determine  the  vane  cyclic  life,  the  chordwise  temper¬ 
ature  differential  .-ring  during  transient  acceleration  and  deceler¬ 
ation  were  calcui  Typical  transients  are  shown  in  Figure  100. 

The  amount  of  ter.-.,  ature  differential  is  an  indication  of  the  amount 
of  thermal  strain  which  will  occur  during  the  transient  condition.  This 
conclusion  must  be  modified  by  a  careful  consideration  of  where  the 
thermal  difference  occurs.  If  the  part  is  affected  by  a  linear  temper¬ 
ature  gradient  and  it  is  not  restrained,  no  thermal  stresses  will  arise. 
This  vane  experiences  a  calculated  temperature'difference  of  200”  F 
between  the  leading  edge  and  a  point  on  the  convex  surface  at  the  50 
per  cent  chord  location.  This  gradient  is  significantly  larger  than  the 
steady  state  gradient  because  of  the  high  response  rate  of  the  leading 
and  trailing  edge  of  the  airfoil  to  changes  in  gas  temperature.  The 
edges  heat  and  cool  much  more  rapidly  than  the  midchord  section  be¬ 
cause  of  their  smaller  mass  and  higher  external  heat  transfer  coef¬ 
ficients.  Since  the  vane  is  not  constrained,  some  stress  relieving 
bending  will  occur  about  the  vane  minimum  axis  of  bending.  A  relax¬ 
ation  analysis  was  performed  to  determine  the  true  cyclic  stress. 
Based  on  this  analysis  a  design  life  in  excess  of  5000  hours  was 
predicted.. 


Erosion  and  Corrosion  Life  -  The  temperatures  at  the  75  percent  span 
location  are  shown  in  Figure  105.  Adequate  protection  against  corro- 
!Tp*i-and  erosion  can  be  provided  using  currently  available  coatings  for 
.<he  materials  selected. 
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hi  Cooling  System;  Detachable  -Shield  -  1st  Vane 

“  The  cooling  of  this  vane  differs  from  the  vane  previously 
described  only  in  the  Sending  edge  area.  This}  vane  has  a  detachable 
not. structural  shield  which  is  cooled  by  internal  jet  impingement. 

Figure  106  shows  the  vane  geometry  which  again  incorporates  two 
separate  cooling  systems,  one  for  the  leading  edge  and  one  for  the 
midchord  and  trailing  edge  of  the  foil.  The  vane  is  cast  in  the  con¬ 
figuration  shown  without  the  shield.  A  separate  one-piece  shield  is 
then  fitted  to  the  vane  leading  edge.  By  fitting  the  shield  in  this  man¬ 
ner,  no  mechanical  bond  is  required,  and  the  shield  can  expand  and 
contract  independent  of  the  main  portion  of  the  vane,  enhancing  the 
cyclic  life  of  the  vane.  Another  advantage  to  he  gained  by  this  design 
is  that  a  more  highly  corrosion  resistant  material  can  be  used  for  the 
leading  edge.  Air  is  f<*f  into  the  vane  leading  edge  cavity  aft  of  the 
shield  from  the  O.  D.  of  the  vane.  The  air  fed  into  Shis  cavity  i»  ejected 
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through  the  slots  at  the  leading  edge  of  the  cavity,  impinges  directly  on 
the  inner  surface  of  the  shield,  cooling  the  shield,  and  is  expelled  on 
either  side  of  the  shield,  film  cooling  the  suction  and  pressure  surfaces 
of  the  .airfoil. 


Creep  Life  -  The  estimated  average  spamvise  vane  metal  temperature 
for  this  vane  is  slightly  less  than  that  shown  in  Figure  104  for  the 
impingement  cooled  vane.  The  bending  stress  is  similar.  As  a  result, 
the  creep  or  "bow'1  life  will  be  well  in  excess  of  5000  hours. 


Cyclic  Life  -  The  maximum  temperature  differential  was  computed  to 
be  I50eF  during  transient  acceleration  between  the  structural  teading 
edge  and  the  trailing  edge.  Although  the  response  of  the  shield  was 
calculated  to  be  greater  than  any  other  portion  of  the  vane,  the  cyclic 
life  of  the  vane  is  not  affected  because  the  shield  can  grow  independently 
of  the  remainder  of  the  vane.  The  structural  leading  edge  just  back  of 
The  afreld  is  the  coolest  portion  of  the  vane.  During  a  transient  such 
as  described  in  Figure  100.  the  local  temperature  difference  between 
the  shield  and  the  structural  leading  edge  just  behind  the  shield  is  200 "F. 
This  is  due  to  the  high  response  rate  of  the  leading  edge  as  it  reacts  to 
rapid  changes  in  gas  temperature  during  transient  operation.  This  rate 
is  significantly  higher  than  the  structural  core  duo  to  the  smaller  mass 
and  higher  external  heat  transfer  coefficients  of  the  leading  edge.  If 
the  shield  were  not  .tree  t«  grow  independently  a_stress  of  80,000  psi 
would  result  in  this  area.  Since  the  temperature  response  is  nearly 
linear  from  leading  edge  to  trailing  edge,  no  cyclic  life  limitation  is 
foreseen, 


Erosion  and  Corrosion  Life  -  The  temperatures  at  the  75  per  cent  span 
location  are  shown  in  Figure  107,  As  in  the  case  of  the  previous  design 
life  is  adequate. 

c.  Cooling  System:  Integrally  Cast  Shield  -  1st  Vane 


Description  -  The  only  difference  between  this  vane  and  the  vane  pre- 
vously  described  is  the  leading  edge  cooling  configuration.  Figure  108 
shows  the  vane  geometry.  The  leading  edge  geometry  consists  of 
Integrally  cast  shield  members  whicn  arc  allowed  to  thermally  expand 
independently  of  the  main  structural  portion  of  the  vane.  Air  is  fed  into 
the  leading  edge  cavity  aft  of  the  shield  from  the  O.  D.  of  the  vane.  The 
air  feci  into  this  cavity  is  ejected  through  the  slots  at  the  leading  edge  of 
the  cavity  impinges  di-eeUy  on  the  inner  surface  of  the  shield,  cooling 
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the  shield,  and  is  expelled  on  either  side  of  the  shield,  film  cooling  the 
suction  and  pressure  surfaces  of  the  airfoil.  Mechanically-interrupting 
the;  lead  mg-;  edge  with  slanted  contours  provides  the  concomitant  advan¬ 
tage  of  aiding  film  stabilization. 


Life  -  This  vane  has  the  same  calculated  lrfeas  the  vane  with  the 
detachable  shield  leading  edge. 


d.  Material  Selection  -  1st  Vane 


I  c 


The  1st  vane  material  selection  criteria  is  derived  from  engine  operat¬ 
ing  experience,  standard  laboratory  test,  and  specific  mission  require¬ 
ments.  The  selection  of  a  vane  material  for  the  STF219  was  the  result 
of  studies  of  development  super  alloys  and  current  "Bill -of-Materials“ 
alloys.  These  studies  resulted  in  the  selection  of  two  materials  for 
more  detailed  study  and  testing.  The  two  materials  chosen  jor  detailed 
consideration  for  first  vane  use  are  Wl-52  (PWA  653),  B1900  (PWA 
663). 

First  Choice  -  WI-52  is  a  cast  cobalt  base  alloy  which  is  widely  used 
in  current  commercial  production  engines  having  as  high  as  5»00  hour1 
TBO.  With  the  effectiveness  ol  the  proposed  cooling  scheme*-  for  the 
first  vane,  WI-52  has  acceptable  strength  capabilities  as  shown  in 
Figure  104.  Because  of  the  large  amount  of  service  experience  .*.ith 
this  alloy,  it  is  the  logical  first  material  choice  for  the  first  stage  vane 
until  a  more  definitive  evaluation  can  be  made  in  the  S5T  development 
program. 


Alternate  Material  Choice  -  B1900  is  a  nickel-base  cast  alloy  vim  h 
has  very  good  high  temperature  properties.  Experimental  engine  test 
work  is  being  conducted  using  this  material  for  both  blades  and  vanes. 
Test  results  have  been  excellent  with  B1900  showing  one  tenth  the 
average  vane  bow  of  WI-52  vanes  run  for  the  same  time.  The  material 
also  shows  good  oxidation  --  corrosion  resistance.  High  temperature 
testing  of  coated  B1900  vanes  shows  good  resistance  to  sulfidation. 
Figure  104  shows  the  increased  strengtn  margin  of  B1900  over  WI-52. 
Pilot  lot  experience  is  being  started  in  commercial  service. 
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9.  SPECIFIC  DESIGN  -  1st  BLADE 


a.  Cooling  System:  Showorfa^j^Leadihg  Edge  -  1st  Blade 
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Description  -  The  blade  selected  has  a  1.8  inch  chord.  Figure  109 
shows  the  blade  geometry  which  incorporates  an  extended  root.  In  this 
blade,  the  leading  edge  cooling  system  consists  of  a  multiplicity  of 
small  holes  drilled-or  cast  into  the  leading  edge  through  which  air  is 
ejected.  Cooling  is  effected  by  convection  in  the  holes  and  the  cooling 
air  film  which  is  formed  on  the  leading  edge  surface.  The  remainder 
of  the  blade  consists  of  a  slotted  film  cooled  trailing  edge  and  a  con- 
vectively  cooled  mid-chord  section.  The  cooling  ail  is  introduced  at 
the  blade  root  attachment  and  passes  through  supply  holes  which  extend 
from  the  base  of  the  root  attachment  to  the  blade  platform.  The  air 
then  flows  radially  outward  through  the  hollow  blade  supplying  air  to 
the  leading  and  trailing  edge.  The  air  ejected  through  the  trailing 
edge  slots  film  cools  the  trailing  edge.  Wall  to  wall  pedestals  are  cast 
in  the  coolant  passage  of  the  foil  to  provide  structural  integrity  and  a 
means  of  controlling  coolant  flow  area.  The  hollow  blade  provides  a 
means  of  limiting  blade  wall  thickness  to  minimum  dimensions  thus 
minimizing  the  temperature  gradient  through  the  walls  and  reducing  tne 
cooling  requirement.  The  pedestals  in  the  coolant  passage  act  as  fins 
and  turbulence  generators  and  serve  to  increase  the  effective  internal 
heat  transfer  area  and  heat  transfer  coefficient,  and  therefore  the 
cooling  efficiency.  In  contrast  to  the  first  vane  situation,  the  pressure 
of  the  cooling  air  is  adequate  to  force  the  air  out  the  leading  edge  of  the 
first  blade  without  additional  pumping. 

Creep  Life  -  The  1st  turbine  blade  stress  varies  along  the  span  from 
zero  at  the  tip  to  a  maximum  of  29,800  psi  at  the  airfoil  root.  The 
tailored  spanwise  temperature  profile  causes  the  blade  to  be  creep 
limited  near  the  mid  span.  Figure  110  is  a  graph  of  the  average  span- 
wise  blade  temperature.  Also  shown  are  the  allowable  metal  tempera¬ 
tures  for  various  materials  considered  for  the  1st  blade  design.  This 
design  meets  the  5000  hours  engine  life  goal. 

Cyclic  Life  -  Cyclic  life  is  adequate  for  5000  hours  engine  life. 

Erosion  and  Corrosion  -  Steady  state  temperatures  at  the  mid  span 
section  are  shown  in  Figure  HI.  The  erosion  and  corrosion  life,  as 
in  the  case  of  the  1st  vane  is  adequate. 
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Desc riptioh  -  THe  only  differeitce  between  the  shielded  leading  edge 
-blade  shown  in  Figure  112  a^d  the  blade  previously  described  is  the 
geometry  of  the  leading  edge.  In  this  blade,  the  leading  edge  shield  is 
integrally  east.  The  air  ejected  through  the  leading  edge  slots  impinges 
directly  on  the  inner  surface  of  the  shields  codling  the  shield  and  is 
ejected  on  either  side  of  the  shield,  film  cooling  the  suction  and  pres¬ 
sure  surfaces  of  ihe  airfoil.  Again  the  cooling  air  pressure  is  adequate 
without  additional  pumping. 

Creep  Life  ~  The  shielded  first  blade  stress  is  similar  to  that  in  the 
showerhead  blade.  The  estimated  average  spanwise  blade  metal  tem¬ 
perature  variation  is  shown  in  Figure  113.  The  allowable  metal  tern-  . 
peratures  for  several  materials  are  also  plotted  for  comparison.  The 
creep  life  will  be  adequate  for  5000  hours  engine  life. 
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Cyclic  Life  -  With  the  shielded  leading  edge  cooling  design  the  maxi¬ 
mum  chordwise  temperature  differential  is  210°F.  Once  again  the 
leading  edge  shield  temperature  is  higher  than  that  of  the  structural 
core.  If  the  shield  were  not  slotted,  the  high  local  thermal  gradients 
between  the  shield  and  the  main  structure  behind  it  would  result  in 
-a  stress  of  80,000  psi.  However  Since  the  slots  in  the  shield  permit 
it  to  expand  or  contract  independently  this  is  not  a  problem.  Cyclic 
life  is  adequate  for  5000  hours  engine  life. 


Erosion  and  Corrosion  Life  -  The  blade  temperatures  at  the  stress 
limited  midspan  section  are  shown  in  Figure  114.  The  blade  will 
achieve  adequate  life. 

c.  Material  Selection  -  1st  Blade 

The  primary  design  considerations  for  blade  materials  are  creep 
strength,  ductility,  density,  and  fatigue  strength.  These  properties 
are  used  to  predict  blade  growth  and  margin  between  design  stress  and 
failure  stress.  The  percentage  of  creep  used  to  establish  design 
stresses  is  established  from  analyses  of  creep  and  stress  rupture  test 
data  and  actual  engine  test  results  and  service  experience.  As  in  the 
vanes,  the  blades  must  have  oxidation,  erosion,  and  sulfidation  resist¬ 
ance  for  long  time  use.  A  selection  of  three  materials  was  made  to? 
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detailed  study:  IN-100  (PWA  658),  SM-200  (PWA  659),  and  B-1900 
(PWA  66?).  Comparative  strengths  of  these  materials  are  shown  in 
Figures  110  and  113. 


First  Choice  -  IN-100  is  a  nickel  base  alloy  which  has  excellent  creep 
and  fatigue  strengths,  its  ductility  approaches  current  forged  alloys 
and  its  density  is  low.  Its  creep  strength  compared  to  materials  cur* 
rently  used  in  commercial  production  blades  is  approximately  100 "F 
higher  in  temperature  for  a  given  stress.  This  temperature  margin  is 
bound  to  be  valuable  in  development  of  the  STF219  engine  so  IN- 100  is 
the  first  material  choice  for  this  application.  This  alloy  is  used  for 
blading  in  the  J-58  engine. 

Alternates  -  SM-200  is  a  nickel  base  alloy  whose  strength  to  density 
ratio  is  slightly  better  than  that  of  IN-  100.  This  alloy  was  first  intro¬ 
duced  in  1958  and  has  been  developed  as  a  proprietary  alloy  under 
partiax  sponsorship  of  Pratt  &  Whitney  Aircraft.  Considerable  develop¬ 
ment  experience  has  been  attained  in  the  J-58  development  program. 

The  eariy  development  experience  gained  with  this  alioy  showed  that  it 
was  subject  tj  scatter  in  its  ductility  characteristics.  Ductility  char¬ 
acteristics  have  been  substantially  improved  by  imposing  closer  con¬ 
trols  in  the  casting  process.  This  alloy  is  being  actively  used  in  Pratt 
?-•  Whitney  Aircraft's  high  temperature  research  and  development  work. 
It  has  the  potential  of  reaching  the  highest  operating  temperatures  of 
any  blade  alioy  available.  Therefore,  it  must  be  considered  a  s.lrong 
candidate  for  eventual  use  in  the  STF219  engine. 

B-1900  is  a  nickel-base  alloy  which  is  considered  also  as  an  alternate 
1st  blade  material  choice.  It  is  comparable  to  IN- 100  on  a  strength  to 
weight  ratio  basim  Experimental  engine  test  work  is  being  conducted 
using  this  material  for  both  vanes  and  blades, 

10.  SPECIFIC  DESIGNS  -  2nd  -if TAG F  VANE 

a .  Cooling  .System  -  Impingement  -  2nd  Vane 

Dcsc  { iption  -  The  vane  has  a  chord  of  2.2  inches.  Figure  1  i  5  shows 
the  vane  geometry  which  incorporates  a  sheet  metal  insert  centered 
inside  the  cast  hollow  vane  cavity.  Cooling  air  is  introduced  from  the 
vane  outer  diameter  into  the  hollow  insert.  The  air  is  ejected  through 
slots  at  the  leading  edge  of  the  insert  and  impinges  on  the  Loner  surface 
of  the  vane  leading  edge.  The  coolant  then  flows  between  the  inner  vane 
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surface  and  the  outer  insert  surface  in  a  chordal  direction  convectively 
cooling  the  midch^rd  region  of  the  vane.  The  air  is  then  ejected  through 
slots  r.i  the  trailing  edge,  film  cooling  the  trailing  edge. 

Creep  Life  -  The  creep  life  of  the  vane  is  a  function  of  the  average 
temperature  arid  the  vane  stress  level.  The  maximum  vane  bending 
stress  due  to  airload  at  the  cruise  condition  is  16,100  psi.  Figure  116 
shows  the  estimated  average  spanwise  vane  metal  temperature  varia¬ 
tion.  Also  shown  are  the  allowable  metal  temperatures  for  several 
different  materials.  The  creep  life  of  the  2nd  stage  vane  will  be  well 
in  excess  of  the  5000  hour  goal. 


Cyclic  Life  -  Because  the  second  vane  is  subjected  to  a  lower  temper¬ 
ature  environment  tnan  the  first  vane,  it  is  not  necessary  to  mechani¬ 
cally  isolate  the  leading  edge  of  the  vane  from  the  remaining  portion  of 
the  vane  to  achieve  adequate  cyclic  life.  Predicted  maximum  chord- 
wise  temperature  gradient  is  37l*F.  Predicted  design  cyclic  life  meets 
the  5000  hour  engine  life  requirement.. 

Erosion  and  Corrosion  Life  -  The  vane  temperatures  at  the  75  per 
cent  span  location  are  shown  in  Figure  117.  The  vane  will  have  ade¬ 
quate  life. 

b.  Material  Selection  -  2^d  Vane 


Requirements  for  the  second  vane  materials  are  good  erosion  and  cor¬ 
rosion  resistance,  good  cycle  fatigue  strength,  and  adequate  creep 
strength.  The  three  materials  chosen  for  detailed  study  are:  IN- 100 
(PWA  6581.  B-1900  (PWA  663),  and  SM-200  (PWA  659).  Because  of 
the  higher  stresses  due  to  gas  loads  in  the  second  vanes  than  in  the 
first  vanes  and  the  consequent  need  for  a  higher  strength  material, 
IN-100  was  chosen  as  the  first  material  choice  for  the  2nd  vane.  B-1900 
has  excellent  strength  and  is  being  developed  as  potentially  the  best  vane 
material.  SM-200  is  also  an  alternate  material  choice  because  of  its 
high  strength.  Comparative  strengths  are  shown  in  Figure  116. 

11.  SPECIFIC  DESIGN  -  2nd  BLADE 

The  2nd  stage  blade  is  uncooled  and  therefore  the  maximum  tempera¬ 
ture  condition  is  SX.TO. 
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The  maximum  centrifugal  stress  in  the  second  blade  is  24,000  psx. 
Figure  118  shows  predicted  average  metal  temperature  and  allowable 
temperature.  The  creep  life  meets  the  requirements  for  5000  hour 
engine  life. 

b.  Cyclic  Life 

Predicted  design  cyclic  life  is  adequate  for  5000  hour  engine  life. 

c.  Erosion  and  Corrosion  Life 

As  in  the  case  of  the  1st  Blade,  life  is  adequate. 

d.  Material  Selection  -  2nd  Blade 

Material  requirements  for  the  2nd  blades  are  similar  to  the  require¬ 
ments  for  the  1st  blades.  The  2nd  blades  in  general  are  subjected  to 
a  lower  centrifugal  stress  and  a  lower  cyclic  thermal  stress.  Materials 
worthy  of  consideration  for  detailed  s  udy  are  IN-100  (PWA  658), 

B-1900  (PWA  663),  SM-200  (PWA  659).  Because  of  its  high  strength, 
good  ductility,  and  light  weight  IN-100  was  again  chosen  first  material 
choice  for  the  second  blade. 

12.  SPECIFIC  DESIGN  -  3rd  VANE 

The  3rd  vane  is  uncooled  and  therefore  the  maximum  temperature  con¬ 
dition  is  SLTO. 

a.  Creep 

The  maximum  bending  stress  due  to  gas  loads  at  SLTO  conditions  is 
30,000  psi.  The  predicted  average  metal  temperatures  and  allowable 
temperatures  are  shown  in  Figure  119.  The  curve  snows  that  creep 
life  meets  the  requirements  for  5000  hour  engine  life. 

b.  Cyclic  Life 

Predicted  cyclic  life  is  adequate  for  5000  hours  engine  life. 
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c •  Erosion  and  Corrosion  Life 
Life  is  adequate. 

d.  Material  Selection 

The  3rd  vane  material  requirements  are  similar  to  2nd  vane  require¬ 
ments.  IN-100  (PWA  658),  B-  1 900  (PWA  663),  and  SM-200  (PWA 
659)  are  worthy  of  consideration  in  detailed  study,  IN- 100  is  again 
the  first  material  choice. 

13.  SPECIFIC  DESIGN  -  3rd  BLADE 


The  third  stage  blade  is  uncooled  and  therefore  the  maximum  temper¬ 
ature  condition  is  SJLTO. 


a.  Creep 

The  centrifugal  stress  varies  along  the  span  from  2340  psi  at  the  tip  t~ 
28,800  psi  at  the  root  during  take-off  and  acceleration  conditions. 
Maximum  creep  occurs  near  the  hottest  section  at  75  per  cent  span. 
Figure  120  is  a  graph  of  average  metal  temperatures  at  take-off  and 
cruise  conditions  versus  allowable  temperatures  based  on  3400  hours 
of  T.O.  and  acceleration  which  i<=  equivalent  to  5000  hours  of  engine 
operation.  Creep  life  exceeds  the  5000  hour  goal. 


b.  Cyclic  Life 


The  third  blades  are  not  exposed  to  the  thermal  shock  loads  of  the  1st 
and  2nd  blades,  and  therefore,  arc  not  cyclic  lPc  limited. 

c.  Erosion  and  Corrosion 


Life  is  adequate. 


d.  Material  Sele<  tion 


Materials  requirements  for  the  third  blade  are  same  as  the  the  2nd 
blade.  Materials  chosen  for  detailed  study  are  IN- 100  (PWA  658), 

B- 1900  (PWA  663),  and  SM-200  (PWA  659).  IN-100  is  the  1st  mate¬ 
rial  choice  for  the  third  blade. 
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14.  FUTURE  GROWTH 

Achieving  acceptable  commercial  life  at  2200  ®F /2300  “F  turbine  tnlet 
temperatures  as  required  of  the  STF219  in  the  S5T  flight  profile  was 
predicated  on  high  temperature  materials  in  current  use,  available 
oxidation  and  erosion  resistant  coatings,  an  1  8  per  cent  film  cooling 
effectiveness  at  the  leading  edge,  and  100  per  cent  effectiveness  for 
trailing  edge  films.  These  values  of  cooling  film  effectiveness  are 
representative  of  the  vane  configurations  which  have  been  tested  to 
date.  It  appears  likely  that  continued  effort  will  result  in  an  improve¬ 
ment  in  leading  edge  film  effectiveness.  An  increase  in  leading  edge 
effectiveness  to  50  per  cent  and  utilization  of  this  type  of  cooling  m 
place  of  impingement  cooling  would  result  in  a  28  per  cent  reduction  in 
total  cooling  airflow  requirements.  Increased  film  cooling  effective¬ 
ness  coupled  with  improved  materials  provides  a  firm  potential  growth 
area  for  more  effecien*  and  economical  SST  operation. 
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FLOW  PATHS  AND  WEIGHTS  OF  COMPRESSOR 
CONFIGURATIONS  CONSIDERED  FOR  STJ  221 
ENGINE 


Figure  2-2 
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SCHEMATIC  DIAGRAM  OF  RAM  INDUCTION 
BURNER 


Figure  £-4 
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temperature  profile  produced  by  k am 

INDUCTION  BURNER  WITH  SCOOPS  EXTENDING 

TO  the;middle  of  the  burner 

Figure  <2-6 
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BURNER  LINER  TO  BE  USED  IN  SECONDARY 
SCOOP  DESIGN  STUDIES 


Figure  2-  1 0 
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FLAME  HOLDER 


BLUNT  TRAILING  EDGE 
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*  FLAME  STABILIZATION 


TYPICAL  SPRAY  RING-F  LAMEHOLDER  USED  IN 
AFTERBURNER  OF  STJ  222  ENGINE 
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ESTIMATED  EFFICIENCY  OF  AFTERBURNER  AS 
A  FUNCTION  OF  THE  FUEL -TO- AIR  RATIO 

Figure  2-H 
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AFTERBURNER  FUEL-AIR  RATIO 
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SECTIONED  VIEW  OF  ALTERNATE  SPRAY  BAR- 
FLAMEHOLDER  SYSTEM  FOR  STJ  222  ENGINE 


Figure  2-20 
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AXIAL  VIEW  OF  ALTERNATE  SPRAY  BAR- 
FLAMEHOLDER  SYS  i  EM  FOR  SI  UZZ  ENG  INF 
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RELATIVE  AXIAL  LOCATION 


TWO-STAGE  FAN  GAS  PATH  COMPARISON 


Figure  2-27 
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FAIY  PRESSURE  RATIO  COMPATIBILITY 


Figure  2-28 


—  c 
k  > 


_  'M 

U, 


—  —i 

H  H 

*">  to 


Ur  Ur 

■"s  iO 


H 

*•> 


H  —  u. 


■~i  — 


—  —» 
v> 


> 

a; 


a: 


MEAN  LINE  AIR  TRIANGLES  FOR  THE  JT11F-11 
I?  AND  THE  STF  219  FANS  FOR  THE  FAN  AND  ’ 

engine  portions  of  the  flow 


Figure  2- 30 
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MEAN  LINE  AIR  TRIANGLES  FOR  THE  JT1IF- 
11,-12  AND  STF  219  HIGH-PRESSURE  COMPRESSORS 


Figure  2- 32 
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STF219 

JT1 1F-1  : 

Cuter  Case  Diameter  (in) 

39.8 

41.98 

Inner  Case  Diameter  (in) 

22.4 

26.  82 

Liner  Radial  Height*  (in) 

7.7 

7.  58 

Burner  Centerline  (in) 

32.  0 

34.  4 

Liner  Length  (in) 

2  1.94 

26.  6 

Burner  Section  Length  (in) 

26.76 

36.  0 

Burner  Pressure  Loss  (Per  Cent) 

Burner  Section  Total  Pressure 

5.  5 

4.  8 

Loss  (Per  Cent) 

7.  5 

7.8 

Burner  Temperature  Rise  (°F) 

1663 

1386 

Burner  Exit  Temperature  (°F) 

Liner  Velocity  (Based  on  Compressor 

2  300 

2000 

Exit  Conditions)  (ft/sec) 

1  17 

150 

Shroud  Velocity  (ft/sec) 

412 

270 

Fuel  Nozzle  Type 

Duel  Orifice 
Integral  Pressur¬ 
izing  Valve 

Variable 

Fuel  Nozzle  Number 

Volumetric  Heat  Release 

Rate  (BTU/hr/atm/  ft^)4.  5x10^ 

24 

24 

_  A  *  Max.  Local 

AT VR  -  - 

1.11 

1.  15 

Tapered  Liner  -  Nominal  Values  Tabulated 


BURNER  CHARACTERISTICS  AT  SEA-LEVEL  TAKE¬ 
OFF  CONDITIONS  FOR  THE  STF  219  AND  JTilF-1 1, 
-12  ENGINES 


Figure  2-33 
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ITEM  3  -  SPECIFICATION 


SUMMARY 


This  item  oi'  the  contract  required 
that  Pratt  &  Whitney  Aircraft  pre¬ 
pare  and  deliver  preliminary  co¬ 
ordinated  engine  model  and  perform¬ 
ance  specifications  which  shall  apply 
specifically  to  the  preliminary  engine 
designs  established  under  Item  2. 

These  specifications,  Pratt  &  Whitney 
Aircraft  Engine  Specification  No.  2682 
for  the  STF  219-L  engine  and  Prate  & 
Whitney  Aircraft  Engine  Specification 
No.  2681  for  the  STF  219-13  Engine 
were  transmitted  to  the  FAA  with  PWA 
Itr  LCM :mla-Adm.  IN  Ref.  No,  544A 
dated  30  October  1964  (CONF). 
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ITEM  4  -  COMPRESSOR  DEVELOPMENT 


OBJECTIVE 

The  objective  of  the  Phase  II- A  pregram  for 
this  item  of  the  contract  was  the  continued 
development  testing  of  the  compn  ssor  directed 
toward  the  verification  of  compressor  perform¬ 
ance.  The  goal  of  the  program  was  to  develop 
a  two-stage  fan  without  inlet  guide  vanes  having 
a  pressure  ratio  of  2.  5: 1  with  a  design-point 
efficiency  of  84  percent  and  a  10  percent  surge 
margin,  and  a  five-stage  compressor  having  a 
pressure  ratio  of  4.3:1  with  a  design-point  ef¬ 
ficiency  of  83  percent  with  a  10  percent  surge 
margin,  and  a  peak  efficiency  of  88  percent. 


A.  INTRODUCTION 

Testing  conducted  during  Phase  II-A  of  the  contract  was  directed  to¬ 
ward  the  continued  development  of  fan  stages  and  a  five- stage  com¬ 
pressor  designed  to  meet  the  performance  goals  required  for  the  SST 
engine  on  an  advanced  technological  level.  Advanced  levels  of  stage 
pressure  ratio  have  been  attained,  and  efforts  now  are  directed  toward 
improvements  in  stage  and  overall  efficiency  which  permit  advanced 
levels  of  engine  performance. 

B.  EXPERIMENTAL  PROGRAM 

1.  SINGLE-STAGE  FAN  RIG 

The  single-stage  fan  rig  was  brought  into  the  Phase  II-A  program  to 
augment  stress- reduction  development  of  the  first- stage  rotor  of  the 
two-stage  fan.  This  stress-reduction  development  program  was 
undertaken  as  a  result  of  high  stress  levels  encountered  in  initial  tests 
of  the  two-stage  fan  rig.  Total  operating  time  on  the  single-stage  fan 
during  the  Phase  II-A  program  was  seven  hours. 

Modifications  made  to  this  rig  from  the  previous  build,  described  in 
the  tinal  report  PWA-2353  for  the  previous  SST  R&D  contract  jAF33 
(657)- 1 1 189)»  included  additional  rotor  camber  to  obtain  a  higher  rotor 
pressure  ratio  and  increased  stator  root  convergence  to  reduce  the 
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stator  loading  and  losses.  The  mid-span  shrouds  at  ea.ch  alternate 
blade  gap  were  welded  together  to  reduce  the  possibility  of  a  disk- 
blade-shroud  coupled  vibration  mode  and  to  achieve  a  significant  reduc¬ 
tion  in  rotor  stress  levels.  This  shroud  configuration,  termed  a  seg¬ 
mented  shroud,  has  narrow  shrouds  located  at  68.8  percent  of  the 
blade  span.  These  shrouds  have  a  root  thickness-to-chord  ratio  of 
seven  percent  and  an  aspect  ratio  of  2.  5. 

This  rotor  assembly,  without  welded  shrouds  as  shown  in  Figure  4-1, 
was  originally  tested  in  the  two -stage  fan  rig,  but  the  test  was  termin¬ 
ated  because  of  excessive  stresses.  The  welded-shroutk„version  of  the 

*  *"V/v 

same  rotor  is  shown  in  Figure  4-2. 

On  the  first  test  of  the  segmented  shroud  configuration,  the  speed  was 
hejd  for  a  short  time  at  3,800  rpm,  where  the  2E  resonance  occurred. 
The  following  discussion  oi  stresses  during  this  test  presents  raw 
strain  gage  data  for  comparison  only.  .At  3,800  rpm  the  stress  at  the 
root  leading  edge  increased  to  i  18,000  psi;  at  the  point  of  maximum 
thickness  in  the  root  and  the  point  of  maximum  thickness  above  the 
shroud  the  stress  increased  to  *0,000  psi.  Subsequent  accelerations 
were  made  and  the  stress  at  the  root  leading  edge  was  ±10,000  psi;  at 
the  points  of  maximum  thickness  the  stress  was  ±4,000  psi.  Since  the 
speed  was  well  below  probable  engine  idle  speeds,  2E  resonance  will 
not  limit  the  safe  operating  regioti  of  this  rotor.  Above  4,000  rpm  all 
stresses  were  below  ±7,000  psi.  A  pressure  ratio  of  1,6:1  was  achiev¬ 
ed  at  design  speed  and  no  indication  of  flutter  was  encountered. 

After  operation  of  about  one-  hour  at  design  speed,  a  change  was  ob¬ 
served  in  the  stress  pattern  at  the  maximum  thickness  point  above  the 
siu-oud.  The  stress  at  this  point  increased  from  ±5,  000  to  ±7,  000  psi. 
Since  the  change  in  stress  occurred  with  no  apparent  change  in  operating 
conditions,  the  rig  was  shut  down  for  inspection.  Cracks  were  found 
in  two  of  the  welded  shrouds  about  0.4  inch  from  the  weld  region.  The 
cracked  shrouds  were  rewelded,  and  additional  strength  was  provided 
by  increasing  the  shroud  chord  by  weld  puddling. 

Analysis  of  the  limited  test  data  available  from  the  single-stage  fan  rig 
indicates  that  the  expected  increase  in  rotor  and  stage  pressure  ratio 
was  attained  with  no  significant  efficiency  penalty  compared  to  the 
original  design  of  the  stage.  Analysis  of  the  stress  data  show  that 
the  segmented  shroud  is  at  least  as  stable  as  the  previous  conventional 
shroud.  Maximum  rotor  pressure  ratio  attained  at  design  speed  was 
1.  73:1  for  the  segmented  shroud  and  1.  725:1  for  the  thick  shroud. 
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Maximum  stage  ^pressure  ratio  attained. at  design  speed* was  1,  68;i:  for 
the  segmented  shroud  and  L  69.\l  for  the  thick  shroud.  Figure  4:- 3-show.s 
that  the  . pres  sure  ratios  with  both,  sh  roud's  w  re  higher  than  in  previous 
tests  of  this  fail:  stage.-  A  significant  flow  penalty  resulted  with  the 
thick7  shroud.  However,  as  a  result  of  these  tests,,  a  thick  shroud  con- 
figiUration  with  the  -shroud  pitch  angle  changed  for  improved  incidence 
was  cJiosen  for  subsequent  two-stage  fan  investigations. 

2.  ,  TWO-STAGE  FAN- .RIG  ...  ....  -  ----- 

The  twor  stage  fan  -rig,  with  its  r  idius  ratio  of  0.  35,  is  not  a  direct 
scale  version  of  the  STF24-9- engm<*  ian,  which  has  a  radius  ratio  of 
0.4  0.  However,  the  relative ;pe r  fo  rmahee  goals  based  on  this  differ¬ 
ence  in  radius  ratio  are  comparable..  Views  of  the  assembled  rig  and 
-its  ;tost  stand; -installation  a-re  shown  in  "Figures  4-4  and  4'--5,.  respectively 
Total  operating  time  on  the  two- stage  fan  during  the  Phase  1I-A  program 
.was  4.  5 -hours. 

The  iatest  fan  configuration  incorporates  first-stage  blades  with 
thick,  conical,  mid-span  shrouds;  the  blades  arc  restaggered  three 
degrees  open as  compared  with  prevhn.s  tests  In  an  attempt;  to  regain 
.the  flow  loss  noted  in  The  single-stag.-  tests.  The  variable  first-stage 
stator  utilizes  an  increased  number  o:  "J"-dvr.foi-i  vanes  with  an  in¬ 
creased;  root. convergence.  The  second-stage  rotor  blades  have  a  thick 
shroud  and.  an  increased  root  diameter  to  match  th,-  first- stage  stator 
-.convergence:  the  second-stage  blades  v.u  re  recamb-  red  to  maintain 
-the  previous  average  work  mvel.  The-  second-stage  stator  employs 
an-oncreased  root  and  tip- c- nm;e rgenc e  to  decrease  the  stator  loading 
and. losses;  in  addition,  l!e  vines  were  recambered  to  match  the  altered 
.second- stage  rotor.  -Finally,  the  exit  guide  vanes  have  been  roeambered 
to  m a tchjth.01  revised  second  stage.  A  comparison  of  the  original  design 
flow: -path  and  the  ’revised- flow -path  will,  increased  root  convergence  is 
s h own  In  Figure  4  -h . 

At  the  beginning  of  the  Test  of  thi  s  c  onfigur  ation.j.  a  complete  stress 
survey  was7  made  with  ho  abivurm ally  high  stresses  recorded  or  observ¬ 
ed.  Shortly  after  beginning  the  next  phase  of  the  test,  a  failure  of  a 
gecsnd-stagerblade  .oeeuf  reel  in.  an  area  of  the  blade  not  nor  mally  str  ain 
gaged, .and  not  considered  as  a  high  stress  location.  Continual  stress 
hioTufidrihg  during  Uie.  ;Ce?st  gave  no  indication  of  .imminent- failure..  The 
blade  failure  occurred7  be  fore  any  significant  data- were -obtained. 
Investigation  of  The  stress  Tecord;s_and  of  the  blade  design  are  being, 
continued  in  an  effort.  to  determine  the  cause  of  the  failure-. 
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‘  .  / *  3v  (multistage  compressor 

The  six-stage  variable  stator  compressor  rig  used  in  the  previous 
SS.T  contract,  and  shown  iir  Figure  4-7-,.  was  converttsd-to  a  five -stage 
rig  by  removal  of  the  fifth-stage  stator  and  sixth -stage  rotor.  This 
was  done  to  make  the  revised  compressor  rig  compatible  with. the  pres 
sure  ratio- requirement  of  4.4:1  for  the  STF2 19  engine  high-pressure 
compressor.  The  previous  six-stage  compressor  rig  had  a  design 
pressure  ratio  of  5.  67:1.  No  external  differences  are-  obvious. between 
the:-five-  .and‘;  six- stage  compressor  rigs.  Three  configurations  of  the  1 
five-stage  rig  were  built  and  tested, during  the  Phase  II-A  development 
program,  and  the  total  operating  itime  on  the  rig  was  78  hour  s. 

The  first  build  of  the  fiye- stage  compressor  rig  utilized  a  reduced* 
degree  of  reaction- to  provide  ah  improved- balance  between- rotor- and- 
stator  inlet  Mach  numbers.  Based  on  a. gap-chord  ratio  correlation 
study,  an  increased’ number  of  rotor  blades  that  were  restiggered. 
open  were  vised;  in  all  stages  in  an  effort  to  decrease  rotor  losses. 
Imaddition,  cantilevered  stator  vanes  were  employed  in  stages  three, 
four  and'-five.  In  this  design  the  inner  stationary  shrouds  were  -be- 
jl?59-ve difrom -thps.e  stators  to  reduce  -the  stator  losses.  All  ol  these 
changes  were  directed  toward  an  increase  in  the  efficiency  level. 

Testing  of  this  first  build  of  the  five-stage  compressor  was  terminated 
;be.fb rpcbmpl'ctiph.  of  the  planned  program  because  of  an  increase  in 
.  -stress  and- vibration  levels.  The  teardown  inspection  revealed  that  the 
clahtileyei  ed- -third- stage  stator  vanes -had- rubbed  through  the  rotating 
^  „  ihh|r  shroud,  resulting  in  rotor  imbalance  and  flow  recirculation  at 
the  robt-bf  the  stator  vanes..  Also.,  there  was  evidence  of  moderate 
..  ..  rubbing  of :the  rotor  blade  tips. 

Analysis  of  the  limited  available  data,  which  did  not  include  the  opti- 
murri;  stator  netting,  indicated  a  choked  operating  condition  in  the  front 
stages  and  aii.  accompanying  flow  penalty.  The  rubbing  of  the  rotating 
inner  shroud  may  liave  contributed  to  the  observed  flow  penalty.  A 
-?tbdy  of. throat  area  correlations,  -made  subsequent  to  the  design  of 
fbis  configuration,  predicted  insufficient  throat  area  in  the  rotors. 

vv  _!Tche  second  build, of  the  five-stage  rig  was  similar  to  the  first  five 
^ui.l.d;8  of  the -six-stage  compressor  (described  in  Report 
_  'P-W%X2 35-3)  except  that  the  vanes  in  the  first  three  stators  and 

'the  Blades  in  the  thi f d  stage  were  uncambered  at  the  -leading  edge. 

This  w^s  done,  tb  alleviate  a  choking,  condition  .that  was  indicated  in  the 
ahaiysis  of.  Build. SA'-p'f  the  sixistage  compressor  rig. 
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Analysis  of  the  test  data  from;  the  second  buijd'of  the  five-stage  rig. 
showed  that  the  design  pressure  ratio  was  achieved  at  design  speed 
with  a  flow  capacity  of  99  .percent  of  the  design  value.  Efficiency 
levels  were  better  than  any  previously  attained  with -the  multistage 
compressor  rig.  The  overall  performance  of,  this  configuration  com.- 
pared- with  the  desired  performance,  based  on  the  prediction  for  the 
STF219  high-pressure  compressor,  is  shown  in  Figure  4  -8  .  To  achieve 
the  optimum  performance  of  the  second  build  of  the  compressor,  it  was 
necessary  to  rotate  the  first  three  stators  in  the  closed  direction  by  an 
amount  approximately  equal  to  the  amount  that  the  vanes  were  uncambered. 

The  third  build  of  the  five-stage  rig  was  a  revision  of  the  low  gap-chord 
ratio  Configuration  ofhthe  first  build.  Compared  to  the  first  build,  the 
third  build  used  a  fir&tr-stage  rotor  whose  blades  were  restaggered  two 
degrees  closed,  a  second-stage  rotor  whose  blades  were  restaggered 
one  degree  open  and  over -cambered  at  the  trailing  edge,  and  stator 
vanes  in!  stages  one  through  four  that  were  uncambered  and  had  a  de^ 
creased  gap-chord  ratio. 

Analysis  of  the  test  data  from  the  third  build  of  the  five-stage  compres¬ 
sor  rig  showed  a  significant  improvement  in  performance  over  that  of 
any  previous  configuration.  Overall  performance  for  build  three.,  com¬ 
pared  with  the  STF219  predicted  performance,  is  shown  in  Figure  4-9.  • 
Figure  4-10  illustrates  the  efficiency  gain  achieved  with  this  compres¬ 
sor  configuration  's  compared  _\vilh  iprevious  builds.  Airflow  capacity 
was  99.7  percent  of  the  desired  flow,  and  a  design  flow  surge  margin 
of  5.T5  percent  was  achieved. 

Following  the  calibration  of  the  tnird  build  of  the  compressor,  the  part- 
span  shrouds  were  removed  from  the  first-stage  rotor  blades  in  an 
effort  to  further  improve  efficiency  levels.  However,  excessive  linear 
vibration  permitted  only  preliminary  operation  and' necessitated  removal 
of  the  rig  from  the  test  stand  before  perforpjance  data  could  be  obtained. 

Test  results  from  the  multistage  compressor  rig  to  date  indicate  that, 
with  continued  development,  the  requirement  for  83  per  cent  design 
point  efficiency  and  a  ten  per  cent  surge  margin  can  be  met. 
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Figure  4-  5 
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TWO-STAGE  FAN  RIG  INSTALLED  ON  TEST. STAND 
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MULTISTAGE  VARIABLE-GEOMETRY  COMPRESSOR  RIG 
INSTALLED  ON  TEST  STAND 


Figure  '5-7 
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MULTISTAGE  VARIABLE-GEOMETRY  COMPRESSOR.  RIG 


Figure  4-8- 
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ITEM  5  PRIMARY  COMBUSTION 
OBJECTIVE 

This  item  of  the  contract  required  that  Pratt  & 

Whitney  Aircraft  conduct  testing  of  engine  com¬ 
bustor  and  combustor  components  directed  to¬ 
ward  verification  of  design  characteristics. 

The  specific  goals  of  these  designs  are: 

1.  A  high  heat  release  rate  (5xl0&  BTU/ 
hr.  / ft.  3 /atm.  ) 

2.  A  maximum  pressure  drop  of  six  per¬ 
cent  at  sea  level  static  conditions. 

3.  A  combustion  efficiency  of  98.5  percent 
at  sea  level  static  conditions,  and 

4-  Combustor  exit  temperature  profiles 
not  to  exceed  AT  max/  AT  avg.  -1.11 

A.  INTRODUCTION 

Development  testing  with  the  object  of  attaining  the  goals  listed  above 
was  conducted  in  four  types  of  combustor  rigs:  a  ram  induction  burner 
rig,  two-dimensional  segmented  burner  rigs,  a  large  scale  full-annu¬ 
lar  burner  rig,  and  an  advanced  primary  combustion  rig. 

B.  RAM  INDUCTION  BURNER  TESTING 

To  achieve  the  low  engine  weight  desired,  the  primary  burner  section 
must  be  lighter  and,  therefore,  smaller  than  the  burner  section  in 
present  production  engines,  but  it  must  also  provide  a  considerably 
higher  temperature  rise,  good  temperature  profiles  for  the  turbine, 
operate  at  high  efficiency,  and  exhibit  satisfactory  durability.  Prior 
to  the  start  of  this  contract,  Pratt  &  Whitney  Aircraft  designed  a 
combination  diffuser  and  burner  which  was  up  sually  short  and  also 
held  promise  of  low  pressure  loss.  In  this  concept,  air  is  ducted  from 
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tHf  diffuser  tc  each  hole  in  the  burner,  and  turned  into  the  burner  by 
a  low  loss  elbow  or  by  turning  vanes.  Since  the  air  is  only  diffused 
to  the  burner  hole  velocity,  instead  of  to  a  much  lower  shroud 
velocity,  much  of  the  required  diffuser  length  is  elim mated,  and 
some  of  the  diffuser  loss  is  avoided.  This  concept,  referred 
to  as  "ram  induction"  because  the  velocity  head  of  the  air  carries 
it  into  the  burner,  appears  to  provide  one  solution  to  the  problem  of 
shortening  the  burner  section  while  maintaining  or  improving  all 
other  characteristics.  Consequently,  a  portion  of  the  primary  burner 
effort  under  this  contract  has  been  directed  towards  investigating 
and  developing  this  concept  for  application  to  the  SST  engine. 

l.'~  PROGRAM  AND  TEST  PROCEDURES 

Two  basic  configurations  of  burner  rigs  were  used  in  this  investigation. 
The  first  was  a  small  sector  burner  incorporating  two  fuel  nozzles, 
which  was  used  for  feasibility  determination. 

The  second  basic  configuration,  which  is  shown  in  Figure  5-1,  simulates 
a  straightened  72 -degree  arc  of  an  annular  main  burner  and  incorporates 
eight  fuel  nozzles.  The  burner  is  approximately  24  inches  wide  and  has 
a  length  approximating  that  of  the  SST  diffuser  and  burner  section. 

The  tests  conducted  to  investigate  and  develop  the  ram  induction  pri¬ 
mary  burner  included  the  following: 

•  Cold  airflow  tests  of  individual  scoops  of  different  designs  to  deter¬ 
mine  pressure  drop  and  discharge  airflow  pattern. 

a  Airflow  testing  of  the  complete  diffuser-burner  combination  to  deter¬ 
mine  whether  the  cold  pressure  drop  and  general  airflow  characteristics 
were  in  agreement  with  predictions, 

®  Combustion  tests  were  made  to  measure  and  record  the  overall  char¬ 
acteristics  of  the  system-  In  these  tests,  the  complete  burner -diffuser 
combination  was  operated  essentially  as  it  would  be  operated  in  an  en¬ 
gine.  From  the  data  obtained  during  these  tests,  the  following  quantities 
were  computed: 

<*  Burner  exit  temperature  distribution  parameter,  a  TVR  (Tpga^  - 
Tinlet/Taverage  -  T irrl et) •  The  lower  this  number,  the  more 
uniform  and  desirable  is  the  it  gas  temperature  pattern.  Thus, 
the  lower  this  number,  the  higher  the  turbine  inlet  temperature 
that  can  be  attained  without  damaging  the  vanes  or  blades.  This  num 
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ber  was  based  on  the  values  measured  in  the  central  3/8  of  the 
24"  annulus,  which  contained  three  fuel  nozzles.  This  location 
was  chosen  to  eliminate  side  wall  effects. 

•  Overall  pressure  drop,  (  A  P/Pi).  This  is  determined  from  the 
average  inlet  and  exit  pressure  during  both  hot  and  cold  tests. 

•  Combustion  efficiency,  A  T  measured  average/A  T  ideal.  These 
tests  are  run  at  lower  pressures  and  lower  inlet  temperatures  than 
those  at  which  the  flight 'engines  operate.  Thus,  the  burner  effi¬ 
ciency  in  an  engine  is  generally  higher  than  that  measured  in  the 
rig,  and  approaches  100%. 

2.  TEST  RESULTS 

For  each  test  point  run,  a  burner  exit  temperature  distribution  curve 
was  plotted.  The  burner  outlet  temperature  distribution  gives  the  temp¬ 
erature  at  3/4-inch  horizontal  increments  across  the  24-inrh  width  of 
the  outlet,  and  a'  1/2 -inch  vertical  increments  up  the  4-inch  height. 

Only  the  middle  9  inches  of  the  outlet  has  been  used  for  calculation  in 
order  to  eliminate  side  wail  effects.  Isotherms  are  drawn  to  show  the 
distribution.  A  typical  isothermal  plot  is  shown  in  Figure  5-2. 

i  f.-ssure  drops  ranging  from  four  to  ten  percent  were  obtained  at 
lui.-f  Mach  numbers  ranging  from  0.30  to  0.40.  These  low  pressure 
drop-,  obtained  with  relatively  high  scoop  entrance  velocity,  show 
the  effectiveness  of  the  ram  induction  scoops  in  utilizing  velocity 
head  to  drive  the  air  into  the  burner.  The  small  amount  of  diffusion 
required  with  this  system  can  be  incorporated  into  the  burner  shroud 
and  allows  a  very  short  combined  diffuser  and  burner  length. 

In  addition,  the  attainment  of  combustion  intensities  on  the  order  of 
6  x  10"  BTU/hr /ft  /atm  is  entirely  feasible.  This  is  attributed  to  the 
effectiveness  of  the  scoops  in  turning  the  air  into  the  burner  and  the 
resultant  high  degree  or  mixing.  These  good  mixing  characteristics 
contribute  to  the  high  heat  release  rates  and  the  short  length  of  the 
burner. 

The  operating  range  of  the  burner  has  been  excellent.  The  design  lias 
been  operated  from  .0005  to  .030  fuel -air  ratios.  Combustion  effi¬ 
ciencies  ranging  from  85  to  99  percent  have  been  attained.  The  pri¬ 
mary  objective  has  been  to  obtain  good  outlet  temperature  control  in 
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the  short  length  of  the  burner  system.  Temperature  profile  control 
is  the  usual  problem  with  high  intensity  or  short  length  burner  sys¬ 
tems  but  good  results  have  been  obtained  from  this  program.  In  one 
test,  a  AT  max/  AT  avg  of- 1 .  11  at  .022  fuel-air  ratio  was  obtained. 

3.  CONCLUSIONS 

-The  results  of  the  ram  induction  testing  demonstrated  the  feasibility 
of  this  design  in  attaining  acceptable  burner  performance  within  the 
length  proposed  for  the  burner  SST  engine.  Specifically,  the  goals  for  the 
the  SST  primary  burner  have  been  met  by  this  burner  system  as  noted 
below. 

«  Heat  Release  Rate  -  The  combustion  intensity  of  6  x  10&  BTU/hr / 
ft3/atm  attained  in  this  burner  considerably  exceeds  the  goal  of  5  x 
106  BTU/hr/ftV  a  tin. 

®  Pressure  Drop  -  Pressure  drops  have  ranged  from  four  to  ten 
percent,  with  six  percent  representing  a  typical  loss  for  sea  level  take¬ 
off  conditions.  This  meets  the  goal  drop  of  six  percent. 

t,  Combustion  Efficiency  -  The  goal  efficiency  of  98.  5  percent  was 
attained. 

e  Temperature  Distribution  Parameter  -  The  goal  value  of  a  /jTVR 
of  1.11  has  been  attained  at  .022  fuel -air  ratio.  This  value  should  im¬ 
prove  as  fuel:-air  ratios  aTe  increased. 

C.  TWO-DIMENSIONAL  SEGMENTAL  BURNER  RIG  TESTING 

Two-hundred  and  forty-eight  hours  of  testing  were  completed  on  the 
two-dimensional  burner  rig  during  the  contract  period.  The  burner 
configuration  which  was  tested  most  extensively  is  shown  on  Figure 
5-3.  This  configuration  is  similar  to  the  annular  burner  proposed  as 
an  alternative  for  the  engine. 

A  sketch  of  the  test  setup  may  be  seen  in  Figure  5-4.  A  heat  exchanger 
supplies  hot  unvitiated  air  to  the  burner  section.  Inlet  pressure  and 
temperature  instrumentation  is  used  to  determine  the  Mach  number  of 
the  air  approaching  the  test  burner.  A  temperature-pressure  rake  at 
the  rectangular  burner  exit  is  used  to  determine  burner  exit  conditions. 

I.  PROGRAM  AND  TEST  PROCEDURES 

Two  basically  different  types  of  runs  were  made  on  the  two  dimensional 
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segmental  rig.  The  first  type  ip  a  standard  performance  run  during 
y/.fiibfcthevfiher  velocity,  inlet  air  temperature,  and  Inlet  .pressure  were 
h eVd* constant.  The  fuel  flow  was  varied :to  attain  predetermined.' bur- 
•n e r  fuel;-air  ratios  and  resultant  burner  temperature'  rises  of  600°, 
860VT00O‘,  1200°,  1400°,  andl600°F.  For  each- of- these  temperature 
rises,  the  burner  exit  temperature  was  determined  and  values  of  ATVR, 
radial  temperature  profile,  and  burner  efficiency  were  determined. 
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The=  second  type  of  run  was  a  cold-flow  pressure  loss  test.  Various 
airflows  were  passed  through  the  burner,  with  the  inlet  temperature 
and  pressure  hcld-constant.  With -no  heat  addition  in  the  burner,  the 
exit  pressure  was  determined  by  means  of  a  traverse  at  the  burner 
exit.  From  those  readings,  a  determination  of  the  burner  pressure 
loss  was  made  at  the  various  airflows.  The  testing  was  conducted  at 
a  liner  velocity  of  .120  fps.  The  resulting  liner  loss  was  about  three 
percent,  which  is  equivalent  to  about  4.5  percent  at  a  design  velocity 
of  150  fps. 

Various  configuration  changes  were  tested  to  investigate  the  effect  and 
interaction  of  the  following  basic  parameters: 

•  pressure  loss 

•  hole  area  distribution  _  . 

•  number  of  holes /row 

•  axial  location  of  each  of  five  different  rows 
2.  TEST  RESULTS 


In  order  to  intensify  the  temperature  variation  at  the  burner  exit, 
measurements  of  ATVR  were  obtained  with  a  burner  that  was  approxi¬ 
mately  four  inches  shorter^rnan  the'SST  design.  Figure  5-5  shows  the 
level  of  ATVR  obtained  with  this  shortened  burner.  A  considerable 
improvement  in  ATVR  is  expected  in  a  burner  of  the  fully  designed 
length. 

CONCLUSIONS 

The  two-dimensional  rig  testing  resulted  in  a  heat  release  rate  of  over 
5.  69  x  10^  BTU/hr/ft^/atm  being  attained,  which  exceeded  the  goal  of 
5.x  106  BTU/hr/ftV  atm.  The  other  results,  i.  e.  ,  a  combustion  ef¬ 
ficiency  of  100  percent  and  a  pressure  drop  of  only  5.35  percent,  also 
exceeded  the  goal. 


*aosno.  5-5, 


CONFIDENTIAL 


1 

*(•«* 

***** 

•Wl  *♦<«*«» I  <«-*•»-*«  „<ll  (Ml  IM 

*««!*«»  M'lw  M  «•!  «*•?(«  •>(•(«  *•* 

»•»*«<  « 1*1  «•«»  >f  V  «  < 

5m  it*  M  *M 

MMi* "**  K- '^1  wb 


CONFIDENTIAL 


7-  «  whi »  flCT  AJffCHAFT 


PWA-2397 


D.  SHOWERHEAD  BURNER  TESTING 

1.  PROGRAM  AND  TEST  PROCEDURES 

A  showerhead  burner  front-end  was  fabricated  and  tested  in  the  two- 
dimensional  burner  rig.  This  design  features  a  multiple -source,  co- 
annular  fuel-air  and  air  injector  front  end.  Figure  5-6  shows  the 
finished1  part:  Figure  5-7  shows  the  fuel -air  path  in  the  burner  front 
end.  Air  is  introduced  through  the  front-end  slot,  and  split  into  two 
passages,  part  going  through  the  swirler  and  the  rest  remaining  in  the 
front-end  chamber.  The  swirler  air  is  mixed  with  fuel  and  discharged 
through  many  annular  openings  in  the  inner  face.  The  front-end  chamber 
air  is  introduced  into  the  burner  front  end  through  tubes  concentric  with 
the  fuel-air  annuli.  Many  small  iuel/air  and  air  interfaces  arc  set  up 
which  produce  a  high  level  of  mixing  in  the  burner  front  end.  Since  the 
inner  face  of  the  front  end  is  adjacent  to  the  flame,  some  preheating  of 
the  tuel-air  mixture  prior  to  injection  into  the  burner  proper  should  oc¬ 
cur,  very  similar  to  the  action  that  occurs  in  the  hot -cone  vaporizing 
burner.  The  showerhead  burner,  however,  because  of  its  inherent  con¬ 
struction,  introduces  a  more -evenly-dispersed  fuel/air  mixture  across 
the  front  end. 

2.  TEST  RESULT  S 

Limited  testing  was  accomplished  with  this  configuration.  The  few  tests 
that  were  made  showed  that  the  showerhead  produced  a  blue  flame  char¬ 
acteristic  of  a  vaporizing  type  of  burner.  The  individual  injection  ports 
appeared  to  be  forming  localized  areas  m  combustion  as  planned.  The 
snout  inlet  area  was  adjusted  to  determine  its  effect  on  burner  performance. 
For  the  few  tests  completed,  an  increase  or  decrease  of  50  percent  in 
inlet  area  did  not  greatly  affect  .3TVR.  Increasing  the  fuel/air  annulus 
area  around  the  air  tubes  (in  effect  decreasing  the  fucl/air  interface) 
increased  AT V R . 

3.  .CONCLUSIONS 

The  interactions  of  various  features  ol  tne  showerhead  burner  are  many, 
so  that  extensive  testing  will,  be  required  to  optimize  these  features  and 
insure  the  best  burner  performance. 
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E.  HOT  CONE  BURNER  TESTING 

1.  PROGRAM  AND  TEST  PROCEDURES 

One  of  the  advanced  concepts  tested  in  the  two-dimensional  rig  incor¬ 
porates  a  hot -cone  in  the  burner  front  end  to  pre-mix  and  partially 
vaporize  the  fuel  prior  to  injection  into  the  combusion  chamber. 

Figure  5-8  shows  a  cross-section  of  this  burner.  About  10  percent 
of  the  engine  airflow  is  admitted  to  the  hot-cone  section  through  holes 
in  the  blunt  leading  edge  of  the  burner.  Half  of  this  air  is  admitted 
through  swirlers  to  the  vaporizing  passages  along  with  the  fuel.  The 
rich  mixture  (F/A  "v  0.4)  in  this  passage  allows  mixing  and  vaporization 
of  the  fuel  but  prevents  combustion  upstream  of  the  cone  because  the 
mixture  is  too  rich  to  burn.  This  partially  vaporized  fuel -air  mixture, 
is  then  injected  into  the  combusion  region  downstream  of  the  cone  through 
holes.  The  remainder  of  the  air  taken  in  through  the  blunt  leading  edge 
section  is  injected  into  the  recirculation  zone  through  additional  holes. 
Ignition  is  provided  in  the  recirculation  region  and  additional  combustion 
and  dilution  air  is  injected  through  holes  in  the  liner  walls  to  provide 
the  desired  temperature  pattern  and  liner  cooling.  This  additional 
air  represents  the  bulk  of  the  engine  airflow  which  flows  through  the 
inner  and  outer  diffusing  passages  into  the  liner  shroud  areas. 

The  hot-cone  principle  which  has  been  developed  in  can  burner  con¬ 
figurations  by  P&WA  essentially  increases  fuel  residence  time  in  the 
combustion  chamber  and  provides  a  means  of  initial  fuel-air  preparation. 
An  increase  in  temperature  rise  capability  of  the  burner  for  any  given 
velocity,  length,  and  pressure  drop  is  expected  with  this  configuration. 

2.  TEST  RESULTS 

Most  of  the  work  done  on  the  annular  burner  used  the  standaid  liquid 
injector  system  for  testing.  The  hot-cone  optimization  program  was 
carried  on  as  a  separate  feature  using  hole  patterns  and  other  variable 
items  previously  found  acceptable  in  liquid-injection  annular  burner 
tests. 

Initial  tests  of  the  vaporizing  burner  showed  it  to  be  compatible  with 
similar  liquid -injection  burners.  Its  characteristic  flame  is  basically 
blue;  quite  similar  to  a  flame  from  a  gaseous  fuel,  indicating  that 
partial  fuel  vaporization  is  occurring  in  the  front  end.  In  this  case, 
the  burning  mechanism  appears  different  enough  to  warrant  more  detailed 
testing  of  the  configuration. 
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A  series  of  tests  were  made  to  determine  the  effect  of  front-end  air¬ 
flow  on  the  hot-cone  burner.  Air  for  the  vaporizing  passage  is  normally 
taken  from  the  main  air  stream  via  a  slot  in  the  burner  front  end. 

For  this  series  of  tests,  the  slot  height  was  changed  to  produce  varying 
degrees  of  open  area  or,  in  effect,  various  air -flows  to  the  front  end. 

Increasing  the  area  by  25  percent  greatly  hurt  performance,  especially 
ATVR.  With  a  50  percent  area  increase,  the  burner  stability  was 
so  poor  at  low  temperature  rises  that  a  flame  could  not  be' Sustained. 

At, high  temperature  rises,  the  burner  performed  smoothly.  Decreasing 
the  inlet  area  did  not  produce  a  marked  effect  on  burner  stability  or 
performance.  It  appears  that  this  burner,  like  the  liquid-injection  burner, 
is  highly  sensitive  to  airflow  in  the  front  end. 


Because  of  the  sensitivity  of  the  hot -cone  to  burner  front-end  airflow, 
the  effect  of  slot  feed  hole  area  on  burner  performance  was  investigated. 
Blocking  50  percent  of  the  slot  feed  hole  area  did  not  hurt  performance 
at  all.  This  is  in  line  with  results  previously  attained  with  can-type 
hot-cone  burners.  Blocking  the  slot  feed  holes  entirely  produced  a 
slight  loss  in  burner  parformance. 

The  effect  of  the  slot  feed  lip  was  also  investigated.  Cutting  back  the 
slot  feed  lip  with  all  slot  feed  holes  open  (in  effect  causing  the  slot  feed 
air  to  enter  the  burner  at  a  longer  diameter)  greatly  increased  the 
ATVR.  Plugging  the  holes  produced  a  ATVR  similar  to  that  encountered 
with  the  teed  lip  intact. 

It  appears  that  the  slot  feed  air  is  necessary,  at  least  to  a  certain 
extent  {blocking  it  off  entirely  hurt  ATVR),  and  if  used  in  its  full 
amount  the  diameter  of  the  slot  feed  lip  becomes  very  important, 

3.  CONCLUSIONS 

Much  testing  remains  to  be  done  to  fully  optimize  this  configuration. 

The  few  short  tests  done  so  far  have  only  served  to  indicate  the  complexity 
of  the  system  and  the  interdependence  of  one  variable  on  all  of  the  others. 
Testing  will  proceed  in  an  attempt  to  optimize  this  unique  burner. 
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F-  LARGE-SCALE  FULL-ANNULAR  BURNER  RIG  TESTING 

The  large-scale  full-annular  burner  rig  incorporates  burner  liners 
simulating  the  STF219  alternate  burner  design.  A  schematic  of  the 
rig  is  shown  in  Figure  5-9:  Figure  5-lOshowsthe  assembled  rig.  A  ro¬ 
tating  temperature-and-pressure  rake  is  provided  to  facilitate  the 
determination  of  burner  exit  conditions.  Instrumentation  is  similar  to 
that  of  the  two-dimensional  segmental  rig,  and  determination  of  pres¬ 
sure  loss,  -burner  efficiency,  and  burner  ATVR  are  made  in  the  same 
manner. 

1.  TEST  RESULTS 

Three  significant  tests  were  completed  during  the  contract  period  on 
the  large-scale  full -annular  burner  rig,  one  test  with  a  burner  which 
was  four  inches  shorter,  and  two  tests  with  a  burner  which  was  one  inch 
shorter  than  the  proposed  STF-219  design.  A  total  of  72  hours  operating 
time  was  accumulated  on  the  rig  during  the  contract  period. 

The  short  (four  Inches  less  than  SST)  version  of  the  full -annular  burner 
attained  an  average  ATVR  of  1.20  at  1074  °F  AT  without  optimization  using 
the  hole  pattern  (Scheme  1,  Mod.  3C)  evolved  in  the  two-dimensional 
rig.  The  ATVR  level  of  the  Scheme  1,  Mod.  3C  burner  as  compared  to 
a  previously  tested  configuration  (Scheme  1,  Mod.  8B),  is  shown  in 
Figure  5-11.  The  application  of  results  obtained  in  the  two-dimensional 
program  should  lead  to  further  optimization  of  the  Scheme  1,  3C  burner. 

The  short  (one -inch  less  than  SST)  version  of  the  full-annular  burner  was 
used  for  two  significant  tests ,  iaentifiedas  Runs  Nos.  14  and  15.  Perfor¬ 
mance  was  obtained  with  a  flow  trip  at  the  I.  D.  of  the  inlet  to  distort  ihe  pro¬ 
file  (Run  14)  and  with  a  "clean"  inlet  (Run  15).  Figure  5-12  shows  the 
effect  of  the  trip  on  the  inlet  total  pressure  profile.  This  is  typical  of 
the  burner  inlet  profile  that  might  be  expected  under  actual  engine  con¬ 
ditions. 

Run  14,  with  the  distorted  inlet  profile  was  made  at  a  temperature  rise 
of  approximately  1050°F  and  showed  an  average  of  the  segmental  ATVRs 
to  be  1.25",  with  a  minimum  segmental  ATVR  of  1.  11.  This  was  the 
average  of  the  ATVRs  using  all  segmental  ATVRs,  Segment  10,  how¬ 
ever,  was  extremely  high  and  appeared  to  be  the  result  of  a  fuel  leak, 
which  would  cause  an  abnormally  high  local  temperature.  Deletion  of 
the  segment  10  ATVR  gave  an  overall  average  ATVR  of  1.22  which  was 
reasonable  considering  the  high  temperature  rise  and  the  early  develop- 
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-  -__V  mental  state  of  the  combustor.  The  averag-e  exit  temperature  profile 
depicted  in  Figure  5-13  indicates  that  the  warped  inlet  profile  produced 
a  cold  O.  D,  at  the  plan.e  of  the  turbine. 

Run  15  without  inlet  distortion  was  made  at  a  temperature  rise  of 
approximately  1530°F  and  produced  an  average  of  the  segmental  ATVRs 
of  1.29,  with  a  minimum  ATVR  of  1.  17.  The  ATVR  level  of  Run  14 
and  15  is  also  shown  on  Figure  5-11.  The  exit  temperature  profile  for 
Hun  15  (Figure  5-14)  indicates  that  the  O.  D.  was  warmed  somewhat  and 
the  I.  D.  cooled  with  the  flat  inlc*t  pressure  profile,  as  compared  with  the 
distorted  profile.  The  sudden  depression  of  temperature  at  the  O.  D. 
may  have  been  due  to  the  proximity  of  the  instrumentation  to  the  O.D. 

'*xit  wall. 

Figures  5-15  and  5-16  are  the  isotherm  plots  for  Runs  14  and  15  res¬ 
pectively.  Instrumentation  failure  allowed  only  a  130°  traverse  for  Run 
15  but  past  data  have  indicated  that  both  sides  of  the  exit  annulus  would 
be  similar. 

2.  CONCLUSIONS 

The  burner  used  in  Runs  14  and  15  was  fairly  sensitive  to  the  incoming 
flow  profile  insofar  as  the  exit  temperature  distribution  was  concerned; 
however,  the  affect  on  the  ATVR  level  was  less  than  expected.  The 
hole  pattern  used  in  the  longer'  burner  was  developed  on  the  shorter 
version.  It  would  appear  that  with  some  optimization  of  the  hole  pattern 
to  better  suit  the  long  burner,  a  combustor  capable  of  high  temperature 
rise,  together  with  low  ATVR,  can  be  attained.  In  fact,  the  best  seg¬ 
ment  at  the  high  (1530°F)  AT  point  had  a  ATVR  of  1.  16  wi.il e  at  the 
1050°F  AT  point  the  best  segment  had  a  ATVR  of  1.  11.  These  findings 
suggest  development  of  a  hole  pattern  to  fit  the  inlet  pressure  profile 
and  other  features  (probably  shroud  aerodynamics)  to  minimize  circum¬ 
ferential  variations. 
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G.  ADVANCED  PRIMARY  COMBUSTION  RIG  TESTING 


A  program  aimed  towards  the  development  of  smaller-main  burners 
was  initiated  during  the  contract  period.  This  program  is  an  attempt 
to  derive  a  philosophy  of  main  burner  design  from  ramjet  technology 
based  on  concepts  of  high  mass  loading,  reaction  rate  theory,  and  op¬ 
timum  mixing  methods-  Emphasis  was  placed  on  length  reduction  be¬ 
cause  shorter  burners  permit  engine  weight  savings  beyond  that  of 
the  burner  itself,  i.  a.  ,  shorter  shafts  and  engine  casing. 

Primary  objectives  of  the  program  were  to: 

Reduce  present  burner  lengths  by  60  percent. 

Eliminate  the^inlot  diffuser. 

Utilize  ram  pressure  to  control  burner  airflow  distribution. 
Minimize  pilot  volume. 

Determine  optimum  mixer  schemes- 

1.  PROGRAM  AND  TEST  PROCEDURES 


A  sea -level  test  stand  was  modified  to  accept  a  burner  research  rig. 
Figure  5-17  shows  details  of  both  the  stand  and  rig.  Pressure  and 
temperature  instrumentation  was  provided  at  both  inlet  and  exit  planes, 
as  well  as  in  the  burner  itself  to  meter  internal  airflow  distributions. 

A  high-temperatu.ro  plat inum/pIaUnum-rhodium  traversing  rake  was 
constructed  to  read  6d  temperatures  across  the  central  eight  inches 
of  the  burner  exit- 

The  standard  test  procedure  <>n  each  burner  scheme  was  a.;  follows: 


a)  A  cold  pressure  loss  run  (8-10  data  points)  was  made  at 
inlet  Mach  Nos.  of  0.  1  through  0.6. 

b)  Performance  data  was  obtained  at  fuel-air  ratios  from  lean 
blow-out  to  0.  025  at  an  inlet  Mach  No.  of  0.  3. 


c)  Performance  data  was  obtained  at  Mach  No.  0.P 

For  each  data  point,  combustion  efficiency,  temperature  rise,  pres¬ 
sure  loss,  and  loca*  airflows  were  determined.  A  complete  traverse 
of  the  exit  plane  was  also  made  and  the  burner  ATVR  was  computed. 
Forty  hours  of  test  time  were  accumulated  on  the  advanced  primary 
combustion  rig  during  the  contract  period. 
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TEST  RESULTS 


Initial  tests  were  conducted  on  thfc  burner  shown  schematically  in 
Figure  5-18  .,  The  burner  configuration  was  approximately  equivalent 
in  length  and  volume  to  present  main  burners  and  was  designed  pri¬ 
marily  for  investigation  of  low-loaded  pilot  performance  and  for  de- 
terrnination  of  the  severity  of  the  mixing  problem  without  mixing  by¬ 
pass  air.  Results  of  the  first  tests  are  shown  on  Figure  5-19  and 
summarized below  f 


a)  A TVR  =  I.  6  to  1.8 

b)  AP/P  (cold  pressure  loss)  =  6.5  percent  at  Mach  No.  0.  33 

c)  AT 'Maximum  =  1200° 


d)  The  use  of  four  variations  of  fuel  injector  nozzles  and  orifices 
showed  no  discernible  effect  on  performance- 


The  first  major  variation  of  the  initial  scheme  consisted  of  installing 
flow  turning  sleeves  at  the  shroud  exit.  Figure  5-20  shows  the  results 
of  testing  the  modified  burner  and  indicates  that  ATVR  was  reduced 
to  1 . 4  at  the  cost  of  one-half  percent  in  pressure  loss-  A  second  con¬ 
figuration  designed  to  lower  cold  pressure  loss  and  double  the  pilot 
mass  loading  rate  was  installed  for  test.  This  scheme  is  shown  sche¬ 
matically  on  Figure  5-2.1. 


3.  CONCLUSIONS 


During  initial  tests,  with  the  shroud  passage  blocked,  lean  blow¬ 
out  occurred  at  0.003  fuel -air  ratio  over  inlet  Mach  Nos.  of  1.0 
to  0.  6  and  temperatures  of  100°F  to  600°F.  Rich  blowouts  could 
not  be  obtained  because  of  stand  fuel  limits.  The  mass  loading 
parameter-A/ VP^  j-j . _  for  the  tested  burner  was 


( FT 3  ATMOS2)' 

0.  128,  compared  to  a  theoretical  maximum  of  26.0,  indicating  that 
pilot  volume  can  be  decreased. 

/'  * 

Pressure  losses  for  the  first  conservatively-designed  burner  were 
not  exhorbilantly  high.  A  6.15  percent  ^p/Pwas  observed  where 
5.  i  percent  is  expected  of  current  state-of-the-art  main  burners. 


CONFIDENTIAL 


-X.,. 

W^-S^ 


'■<■■ 


CONFIDENTIAL 


PRATT  Jr  WHITNEY  AIRCRAFT 


PWA-239? 


0 

fe 


V; 


Although  the  recorded  ATVR  were  unacceptable  for  an  engine 
application,  it  must  be  remembered  that  for  the  can  tested  no 
effort  at  all  was  made  to  mix  the  two  streams.  The  relatively 
minor  innovation  of  installing  turning  sleeves  lowered  ATVR  to 
1.4,  indicating  that  even  slight  attempts  to  mix  the  .<  .earns  pro¬ 
duce  significant  results  towards  the  goal  of  a  ATVR  of  1.  10. 

Figure  5-18  shows  that  refinements  to  the  front-end  contours  of 
the  burner  will  effect  a  lower  cold-pressure  loss;  the  burner 
shown  in  Figure  5-21  is  an  example  of  such  changes.  It  is  expected 
that  while  ATVR  may  be  lowered  by  introducing  mixing  losses, 
these  losses  can  be  compensated  by  improving  front-end  contours. 


35^ 
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Considering  that  the  data  obtained  to  date  were  from  an  initial, 
extremely  conservative  approach,  the  overall  burner  performance 
was  close  to  that  of  present  day  main  burners.  It  appears  that 
much  useful  information  concerning  pilot  loading,  mixing  losses 
and  potential  burner  length  reduction  will  be  obtained  from  con¬ 
tinued  efforts  in  this  program. 
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BURNER  TEMPERATURE  RISE  AT  -  °F 


TWO-DIMENSIONAL  ANNULAR  BURNER 
(SHORTENED  VERSION)  TEST  RESULTS 
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SHOW E RHP. AD  BURNER  CONFIGURATION 

von  TWO-DIMENSIONAL  ANNULAR  TESTING 

AIR  TUBES  (A)  IN  CENTER  OF  FUEL -AIR  ANNULUS(B) 


Figure  5-^ 
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BURNER  DISCHARGE  TEMPERATURE  PLOT 
RIG  NO  250C3L  STAND  NO.  X- 125 
TEST  DATE  II/4/S4 
BURNER  ANNULAR 
fCM  5  MOD  IA 

fuel  type  jps 

VELOCITY  INLET  5Q3  FPS  LINER  114  FPS 
AIRFLOW-  09,855  PPH 

AVG  INLET  AIR  TEMR  496“r  CLEAN  INLET 

AVG  RAKE  TEMP  2028”F 

INLET  TOTAL  PRESS  (IN  Hfj  ABS)  42  |4 


\ 


' 

RUN  NO 


[SEGMENT  |  |  j  2  |  3  J  4  i  5  j  6  ' 

'AVG  TEMP-F  il948  ,1796  *.  I67S3  I842  f  IR46  '  -.77^ 

IMAX  IFMpof  ,2637  >26!?  J  1932  i  2202  2282  *2005 
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ISOTHERM  PLOT  (RUN  15) 

Figure  5-16 
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ADVANCED  BURNER  TEST  RESULTS 


Figure  5-20 
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ITEM  6  -r  TURBINE  DEVELOPMENT 

\. 

OBJECTIVE 

To  conduct  development  testing/of  turbine  com¬ 
ponents  directed  toward  verification  of  the  tur¬ 
bine  design  and  to,  measure  the  effectiveness  ef- 
turbine  bucket  and  nozzle  diaphragm  cooling. 
The  specific  goals  of  this  program  were  to  ad¬ 
vance  the  technology  available  for  turbine  de¬ 
sign  by-  conducting  cyclic  tests  of  turbine  com¬ 
ponents  employing  advanced  cocking  techniques 
and  to  further  s u b s tan t i atc.,.th"e  effect  of  turbine 
cooling  on  turbine  performance  parameters. 


J?.- 


III. 


A.  INTRODUCTION 

An  extensive  program  of  laboratory,  rig  and  engine  testing  was  con¬ 
ducted  to  evaluate  the  capability  of  new  blade  and  vane  designs.  This 
work  included  testing  of  advanced  film  and  transpiration  cooled  turbine 
components  as  well  as  the  further  investigation  of  convectively  cooled 
blade  and  vane  designs.  Because  of  the  need  to  provide  as  much  infor¬ 
mation  as  quickly  as  possible  for  the  guidance  of  the  STF219  develop¬ 
ment  effort,  the  numerous  tort  programs  described  below  were  con¬ 
ducted  simultaneously  rather  than  in  series.  Hardware  was  primarily 
of  the  JTT  size  to  expedite  testing.  Where  possible  existing  parts  were 
modified  to  permit  the  early  evaluation  of  the  various  vane  and  blade 
schemes  under  consideration. 

The  turbine  developmeui  program  was  divided  into  four  principal 
areas  cf  effort  which  am  briefly  defined  below. 

1.  SINGLE  SPECIMEN  TESTS  TO  OPTIMIZE  THE  DURABILITY  OF 
AIR  COOLED  VANES  AND  BLADES 

in  addition  to  the  conventional  stress  rupture  and  erosion-corrosion 
testing- which  is  described  in  Item  1  of  this  report,  special  tests  were 
conducted  to  examine  material  behavior  under,  conditions  peculiar  to 
turbine  airfoils.  Essentially  all  of  the  turbine  blade  and  vane  designs 
studied  in  this  program  incorporated  internal  passages  for  the  cooling 
air  an  dr  holes  in  the  airfoil  surface  for  the  discharge  of  the  cooling  air. 
Therefore  it  was  important  to  determine  the  effect  of  these  holes  on 
the  structural  capabilities  of  the  airfoils.  Tests  were  run  using  blade 
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and  vane  specimens  that  had  cooling  passages  representative  of  the 
airfoil  holes  in  programs  involving  thermal  shock  tests,  impact  tests, 
fatigue  tests,  Low  cycle  fatigue  tests  and  combined  thermal  shock  and 
'  creep  tests  to  determine  what  property  changes  were  associated  with 
the  cooling  holes. 

2.  HEAT  TRANSFER 

Heat  transfer  tests  were  required  to  optimize  the  distribution  of  the 
cooling  air  passages  in  the  airfoil  in  order  to  minimize  thermal  gradi¬ 
ents  and  substantiate  current  design  analysis  procedures.  In  this  pro¬ 
gram,  the  effect  of  film  cooling  as  well  as  different  means  of  establish¬ 
ing  the  film  were  evaluated.  This  investigation  was  conducted  on 
single  test  specimens  and  on  grouping  of  parts  assembled  to  simulate 
engine  configurations  in  a  cascade  rig. 

3.  PERFORMANCE  TESTS 

The  effect  ot  cooling  air  on  the  aerodynamic  performance  of  the  turbine 
is  a  function  of  the  means  used  to  re-introduce  the  cooling  air  into  the 

engine  cycle  and  the  leakage  incurred  in  routing  the  cooling  air  to  the 
cooled  parts.  For  this  reason,  investigations  were  conducted  in  a 
plane  cascade  rig  at  various  coolant  flow  to  determine  the  profile  losses 

resulting  from  the  discharge  of  the  cooling  air.  In  addition,  tests  were 
conducted  in  a  full-scale  rotating  turbine  rig  to  determine  how  the  vari¬ 
ous  blade  and  vane  cooling  schemes  affected  overall  stage  efficiency. 

r  4.  ENGINE  TESTING 

.  The  final  evaluation  of  any  design  must  be  accomplished  through  full- 
scale  engine  performance  and  endurance  tests.  In  this  phase  of  the 
turbine  development  effort,  a  JT4  high  spool  engine  was  used  to  conduct 
cyclic  endurance  tests  on  full-scale  air-cooled  blade  and  vane  designs 
at  conditions  simulating  operation  in  a  supersonic  transport  powerplant. 

B.  SINGLE  SPECIMEN  RIG  TESTING  TO  EVALUATE 
THE  DURABILITY  OF  AIR  COOLED  TURBINE  BLADES 

As  part  of  the  development  effort  on  air  cooled  turbine  blades,  test 
programs  were  undertaken  to  investigate  the  resistance  of  convectively 
cooled  and  film  cooled  blade  designs  Io  (1)  thermal  shock,  (2)  foreign 
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object  damage  at  elevated  temperature  levels  and- (3)  clogging  caused 
fa#  contaminants  in  the  cooling  air.  This  work  \yas  conducted  on 
individual  blade  specimens  rather  than,  on  a  complete -rotor  assembly 
because  of  the  speed,  flexibility  and  low  cost  of  this  approach.,  A, 
small  burner  rig,  which  is  described  below,  was  used  in  these  pror 
.grams. 

1...  DESCRIPTION  OF  TEST  IMG 

The  lest  rig  eonsi s  ted-.  e s sontially  of  a  pipe  containing  a  combustion 
chamber  and  a  mount  for  the  positioning  the  test  blade  downstream  of 
the  burner  so.-that  the  hot  gases  impinged  on  the  leading  edge.  The  air 
was  supplied  to  the  combus  tion  chamber  by  a  commercial  blower.  If 
the  test  blades  required  cooling  air,  the  latter  was  supplied  from  a 
-high  pressure  source  through  a  heater  prior  to  entering  the  blades. 
Means  were  provided  for  varying  cooling  air  pressure  and  temperature 
independently.  Blade  metal  temperature  were  measured  by  ah  infra¬ 
red  scanning  device.  ‘ 

2.  .  THEJTMAB  SHOCK  TESTS 


I!  C 


The  thermal  shock  Tests  were  accomplished  by  cycling  the  fuel  flow  to 
thc--combustion  chamber  with  each  cycle  consisting  of  one  minute  at  a 
Tiigh  temperature  level  (to  produce  a  2000°F  uncooled  Leading  edge 
-fnetai" temperature  in  the  blade)  and  one-half  minute  cold  (170°F).  If 
cooling  air- was  used,  it  was  preheated  to  700°F;  coolant  flow  rates 
were  dependent- upon  the  metal  temperature  desired. 

Both  film  cooled  qnd  convectively  cooled  blades  were  tested  in  this 
program..  The  convectively  cooled  blades  had  hollow  cores  with 
internal  radial  cooling  fins  (the^so-callcd  sawtooth  design*).  The  film 
cooledrblades  \yere  of  the  same  basic  sawtooth  design  with  the  addition 
of  a  .single  r.bw  of  .  0-30"  diameter  holes  drilled  along  the  leading  edge 
stagnation- line  andmne  row  of  .013  diameter  holes  drilled  on  both  sides 
near  the  trailing  edge.  The  holes  were  angled  at  30°  from  the  leading 
edge  as  shown  in  Figure  '641,  All  blades  were  of  PWA  659  material. 
Two  blades  of  each  type  were  tested  with  the  following,  results: 


*  Two  configuration^  of  sawtooth  blades  were  used  inthe  overall  program 
a  .:030''  sawtooth  blade  and. a  .020"  sawtooth  blade.  These  dimensions 
referred  to  the  height  of  the  radial  cooling  fins.. 
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Configuration 

« 

No.  of  Cycles 

Results 

Shown  In 

c03QM'  Sawtooth; 
(Film  Cooled) 

100 

L.  E.  Crack** 

•Figure,6- 

*•030"  Sawtooth 
s (;F,i  1m  C  o ole d); ' 

500 

L.  E.  Crack** 

Sawtooth  5  Basic 

700 

L.  E.  burned  out 
due  to  rig  mal¬ 
function 

Savytcoth  -  Basic 

1000 

No  cracks,  in 
good  condition 

Figure  6- 

3.  CLOGGING  TESTS 

Tests  .were  conducted  to  investigate  the  susceptibility  of  several  air 
cooled  blade  designs  to  cooling  hole  blockage  as  a  result  of  contaminants 
in  the  cooling  air  supply.  Three  blade  configurations  were  evaluated. 
Two  of  these  were  identical  with  the  ones  tsed  it.  the  thermal  shock 
program  described  above.  The  third  incorporated  the  basic  sawtooth 
configuration  with  the  addition  of  li  ve  rows  of  .  008  '  diameter  holes  dr  illcd 
in  the  leading  edges  at  a  30°  angle.  Bladi  s  of  each  design  were  in¬ 
stalled. ity  the  rig  noted  in  para.  1  above,  and  after  establishing  the 
desired  temperature  levels  and  cooling  airflow,  a  predetermined 
quantity  of  Arizona  Road  Dust  was  injected  into  the  cooling  air  stream. 
The.  quantity  injected  per  cycle  was  gradually  increased  as  the  Lest 
progressed  until  clogging  of  the  air  passages  occurred.  An  increase 
in  leading  edge  metal  temperature  of  100°F  above  the  original  steady 
state  temperature  was  considered  to  be  evidence  that  some  of  the  cool¬ 
ing  passages  had  plugged. 

The  results  of  the  clogging  tests  arc  given  ip.  the  table  below..  This 
table  lists,  the  blade  designs  tested,  the  temperature  level  maintained 
for  each  test  and  the  quantity  of  road  dust  (injected  per  test  cycle) 
necessary  to  clog  the  blades. 


❖❖In  both  cases  the  cracks  originated  at  the  sharp-edges  of  the  exit 
holes..  The  sharp  edges  resulted  from  use  of  existing  parts  which 
had  small  leading  edge  radii.  This  produced  a  large  hole -diameter./ 
leading  edge  radius  ratio. 
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Initial  Steady 
State  L.  E. 
Temp. 

-  PW-A 

if 

Quantity  of  Con¬ 
taminant  to  Raise 

Temp.  100JF 

Film  Cooled  (,  C80" 

1-640  #F 

Unable  to  plug,  maximum 

dia  holes) 

was  L  1/4  oz. 

Film  Cooled  (  .  008'' 
dia  holes). 

1-680  "F 

1,0  o". 

Convectively  Cooled 
(sawtooth  design) 

18.20 9  F 

Unable  to  plug,  maximum 
was  L  0  oz. 

Since  the  concentration  of  contaminant  required  to  clog  the  cooling 
passages  in  any  of  these  blade  designs  was  much  greater  than  any¬ 
thing  that  might  be  encountered  in  service,  it  was  concluded  that  all 
three  designs  were  satisfactory  in  this  respect. 

4.  IMPACT  TESTS 

Tests  to  evaluate  the  impact  resistance  of  air-cooied  turbine  blades 
were  conducted  in  the  rig  described  at  the  start  of  this  section.  For 
these  tests,  a  projectile  consisting  of  two  1/8"  steel  pellets  brazed 
together  and  encased  in  lead  was  fired  at  the  blade  by  a  high  velocity 
air  gun  (840  feet/sec-nozzle  velocity)  while  the  rig  was  being  operated 
at  elevated  temperature  levels.  (2000°F  leading  edge  temperature) 

The  average  weight  of  the  pellet  was  0.8  grams.  The  gun.  was  aimed 
to  strike  the  blade  at  a  location  considered  appropriate  based  on  field 
experience  1/8"  from  the  leading  edge.  The  test  setup  is  shown  in 
Figure  6-4. 

Impact  tests  were  conducted  on  all  three  of  the  blade  configurations 
evaluated  in  the  clogging  tests  described  above.  The  post- test  con¬ 
dition  of  the  parts  is  shown  in  Figures  6-5,  6-6,  and  6-7  demonstrating 
the  good  resistance  of- these  blades  to  foreign  object  damage. 

C..  MATERIALS  LABORATORY  TESTING  TO  EVALUATE 
BLADE  AND  MATERIALS  DURABILITY 

As  part  .  the  development  program  on  air-cooled  blades  and  vanes, 
a  series  of  laboratory  tests  were  conducted  at  the  Contractor's  Materials 
Development  Laboratory  to  determine  the  effect  of  drilling  holes  in 
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blade  and  vane  materials  using  the  Electrical  Discharge  Machining 
(EDM),  process  on  the  . fatigue  life  and  other  physical  ^properties  of 
these  materials.  Three  alloys,  PWA-657,  PWA-659,  and  PWA-689 
were  investigated  using  both  test  specimens  and  finished  parts.  These 
tests  were  divided  into  five  separate  programs  which  are  outlined  in 
the  paragraphs  below. 

1.  .BLADE  FATIGUE  TESTS 

Testing  to  determine  the  fatigue  life  of  air  cooled  blades  at  elevated 
temperatures  was  conducted  in  the  rig  shown  in  Figure  6-8.  This  rig 
consisted  of  two  main  elements  -  a  furnace  used  to  heat  the  blade  (to 
a  temperature  of  1-100°F)  and  an  electromagnet  to  provide  excitation 
for  the  blades.  The  root  end  of  the  blade  was  brazed  to  a  block  inside 
the  furnace  while  the  tip  of  the  blade  protruded  outside  the  furnace 
where  it  could  be  excited  by  the  electromagnet.  Magnetic  blocks  were 
welded  to  the  tip  of  the  blade  to  lacilitate  excitation.  Stresses  were 
measured  by  strain  gaees  located  on  the  convex  side  of  the  blade  at  the 
maximum  airfoil  root  thickness.  Testing  was  started  at  a  relatively 
low  stress  level  to  obtain  a  runout  condition,  i.  e.  ,  no  failure  after 
10^  cycles.  After  the  initial  tests,  stress  levels  were  increased  with 
each  successive  blade  to  obtain  a  of  stress  vs  cycles  to  failure. 

A  baseline  runout  value  of  25,000  psi  was  established  for  the  PWA-659 
convcctively  cooled  sawtooth  blade-.  Subsequently  four  film- cooled 
blades  of  the  so-called  "showerhead"  design  were  tested.  These  blades 
were  similar  to  the  sawtooth  blades  noted  above  except  that  the  cooling 
tube  exitarea  at  the  tip  of  the  blades  was  reduced  by  seventy  percent 
and  five  radial  rows  of  .  008"  diameter  holes  were  drilled  in  the  region 
of  the  leading  edge.  Tests  of  the  showerhead  blades  indicated  a  runout 
value  of  15,000  psi. 

In  addition,  three  PWA-689  uncooled  blades  with  slots  (.''10"  wide  and 
.075"  deep)  in  ithe  leading  edges  were  run  in  the  blade  fatigue  rig.  The 
object  of  the  latter  tests  was  to  determine  the  effect  of  the  slots  on 
blade  durability.  The  runout  value  for  these  blades  were  determined 
to  be  1:5,  000  psi. 
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2.  LOW  CYCLE  FATIGUE  TESTS 

Low  cycle  fatigue  tests  to  determine  the  effect  of  drilled  passages  on 
the  strength  of  test  specimens  fabricated  from  PWA-657  alloy  were 
conducted  in  the  rig  shown  in  Figure  6-9*  This  rig  was  basically  a 
hydraulically  operated  piston  applying  a  cyclic  tension-compression 
loading  to  a  specimen  maintained  at  a  selected  temperature  level  by  a 
wire  wound  furnace..  The  procedure  in  making  these  tests  was  to  apply 
an-. alternating-  load- of-  ±60,  000' psi- at  a  frequency  of  30  cycles/minute 
while  maintaining  the  metal  temperature  at  1200°F. 

Figure  6-10  shows  a  cross  section  view  of  a  representative  test 
specimen.  T  sts  on  undrilled  PWA-657  specimens  were  run  at 
stress  levels  of  ±59,  000  psi  indicating  a  life  of  35Q0  cycles  to  failure. 
Tests  on  drilled  (.  020"  diameter)  specimens  of  this  material  at  the 
same  stress  demonstrated  a  life  of  250  cycles  to  failure.  The  stress 
concentration  factor  for  the  drilled  specimens  was  set  at  2.8  which  is 
considerably  more  severe  than  that  used  in  normal  design  practice  in 
order  to  accelerate  the  test. 

3.  CYCLIC  CREEP  TESTS 

Cyclic  creep  tests  were  run  on  specimens  of  blade  and  vane  alloys  in 
the  rig  shown  in  Figure  6-11.  Basically  this  rig  consisted  of  a 
mechanical  device  which  rotated  and  cycled  a  single  test  specimen 
between  the  flame  of  a  small  burner  and  a  cold  air  jet  while  maintain¬ 
ing  an  axial  stress  of  20,000  psi  on  the  specimen.  Rotation  of  the 
test  part  was  considered  to  be  necessary  to  insure  uniform  heating 
and  cooling  of  the  entire  part.  During  the  test  cooling  air  was  passed 
through  the  central  passage  of  the  specimen. 

The  test  procedure  followed  was  to  run  twenty-five  test  cycles  on  the 
specimen,  then  shut  down  and  make  a  visual  examination  and  take  creep 
measurements.  The  test  was  terminated  whenever  the  examination 
revealed  a  crack.  Each  cycle  consisted  of  fifteen  minutes,  at  a  metal 
temperature  of  1?00°F  and  a  stress  of  20,000  psi  followed  by  five 
minutes  in  a  cold  air  jet  with  no  load.  During  the  entire  cycle  air 
was  passed  through  the  cooling  air  hole  at  a  rate  of  36  #/ hr. 

A  cross-section  of  the  standard  undrilled  specimen  which  was  used  as 
a  baseline  is  shown  in  Figure  6-12.  Figure  6-13  shows  the  same  speci¬ 
men  but  with  the  addition  of  EDM  radial  drilled  holes.  PWA-659  speci¬ 
mens  with  and  without  radial  cooling  holes  were  tested  with  no  cracking 
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afte.r  125  cycles.  The  test  specimens  incorporating  radial  cooling 
holes  ran  cooler  ( 1750° F  vs  1900°F)-,  consequently  the  growth  was 
less  (0.9  x  10” ^  vs.  3,7  x  10”^).  Identical  :tests,  conducted  on  PWA- 
663  specimens,  showed  a  growth  after  100  test  cycles  of  1.1  .,0  x  10“^ 
for  undrilled  specimens  and  1.0  x  10”  for  drilled- specimens. 

A  similar  'series  of  tests  was  performed  on  radially  drilled  specimens 
of  PWA-659.  and.  PW.A-h.63.  material  at J-900-°F  metal,  temperature- 
for  direct  comparison  with  the  undrilled  specimens.  Growth  after 
seventy- five  test  cycles  was  5.  2  x  10”^  for  the  PWA-659  specimens 
and  1.0  x  10"^  for  the  PW-A-663  specimens. 

4.  CYCLIC  STRESS  RUPTURE  TESTS 

Cyclic  stress  rupture  tests  were  run  on  PWA  657  and  PWA  659 
materials  at  temperatures  up  to  1800-°F  using  an  arc  weld  creep  test 
machine  which  had  bom  modified  to  provide  automatic  cycling  of  the 
tensile  load.  The  machine  used  for  this  test  is  shown  in  Figure  6-14. 
During  the  stress  rupture  tests,  the  rig  was  operated  on  a  cycle  which 
consisted  of  30  minutes  under  load  and  5  minutes  with  no  load. 

Tests,  were  conducted  to  compare  the  life  of  undrilled  PW'A-657  speci¬ 
mens  shown  in  Figure  6-15  with  that  of  drilled  specimens  having  .  010" 
diameter  holes  at  the  grain  boundary.  Four  specimens  of  each  con¬ 
figuration  were  tested  at  a  maximum  stress  level  of  12,  000  psi  and. a 
temperature  of  1800°F.  The  undrilled  specimens  failed  after  an 
average  of  190  hours  and  the  drilled  specimens  failed  after  J50  hours. 

Tests  on  an  undrilied  specimen  cf  PWA  659  material  at  a  maximum 
stress  level  of  45,  000  psi  and  a  temperature  of  1600°F  resulted  in  a 
failure  after  182  hours  of  testing. 

5-  HIGH  TEMPERATURE  FATIGUE  TESTS 

In  another  phase  of  the  testing  to  determine  the  fatigue  strength  of  turbine 
blade  alloys,  high  temperature  fatigue  tests  using  specimens  of  PWA- 
659  alloy  were.performed  inalV estinghouse  Re\  erse  Bending  Fatigue  Machine. 
These  tests  were  conducted  with  the  machine  operating  at  120  cps  and 
a  specimen  temperature  of  iOCO^F.  Figure  6-16  shows  a -typical 
specimen  used  for  this  test.  A  failure  was  induced  in  this  specimen 
after  5.  4  x  10^  cycles  of  testing  at  a  load;  of  53,  500  psi. 
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D,  INVESTIGATION  OF  THE  HEAT  TRANSFER  CHARACTERISTICS 
OF  AIR  COOLED  VANES  IN  A  LOW  PRESSURE  CASCADE  RIG 

An  extensive  experi mental  program  was  conducted  to  study  the  relative 
heat  transfer  characteristic'  of  various  turbine  vane  cooling  schemes 
at  the  United  Aircraft  Research  Laboratories  in  a  low  pressure  heat 
transfer  cascade  rig.  While  all  work  was  done  on  vanes,  the  results 
of  this  investigation  arc  considered  to  be,  in  general, applicable  to 
turbine  blades  as  well.  Since  the  objectives  of  the  program  were  to 
compare  the  effectiveness  of  individual  cooling  schemes,  the  test 
vanes  were  designed  to  incorporate  only  the  particular  cooling  scheme 
under  investigation,  i.  e.  ,  if  a  particular  leading  edge  configuration 
was  being  considered,  provisions  for  cooling  in  the  midchord  and  trail¬ 
ing  edge  regions  were  not  included. 

1.  DESCRIPTION  OF  RIG 

The  test  facility  used  for  this  program  consisted  essentially  of  a  low 
pressure  hot  air  source  supplying  air  at  temperatures  up  to  2025°F, 
a  high  pressure  secondary  source  supplying  cooling  air  and  a  test 
section.  The  test  section  consisted  of  one  test  vane  and  one  slave 
vane  on  either  side  to  provide  the  proper  gas  passage  and  a  contoured 
end  wall  to  provide  the  proper  gas  path  for  the  slave  vanes.  Provisions 
were  made  for  optically  mea-uving  the  test  vane  metal  temperatures 
using  infra-red  pyrometers. 

The  rig  was  calibrated  so  that,  when  the  main  air  stream  temperature 
was  2025°F,  the  test  vane  temperature,  uncooled,  was  1800°F  at  the 
leading  edge  and  16t>5°F  at  the  trailing  edge.  (The  difference  between 
the  test  vane  metal  temperature  and  the-  gas  stream  was  due  to  radia¬ 
tion  and  conduction  of  heat  to  the  cooled  outer  walls  of  the  rig.)  Cool¬ 
ing  effects  were  determined  simply  by  measuring  the  test  vane  metal 
temperature  using  varying  amounts  of  coolirjg  airflow  at  a  known  tem¬ 
perature.  To  simulate  engine  conditions  as  closely  as  possible,  the 
test  section  was  operated  at  a  choked  pressure  ratio. 
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2.  TEST  RESULTS 

A  total  of  forty-eight  test  runs  were  made  during  this  contract  period 
on  approximately  twenty  turbine  vanes  employing  various  cooling 
schemes.  Figure  6-1.7  summarise!  all  of  the  vanes  tested  and  lists 
comparative  leading  and  trailing  edge  temperatures  at  a  common  test 
condition  and  a  common  reference  coolant  flow  rate.  Figure  6-17 
also  provides  references  to  Figures  6-18  through  6-70..  The  data* 
obtained  from  this  program  were  used  as  background  information  for 
the  design  of  the  blade  and  \anc  cooling  schemes  in  the  STF219  engine. 

E,  INVESTIGATION  OF  HEAT  TRANSFER  CHARACTERISTICS 
OF  AIR  COOLED  TURBINE  VANES  IN  A  HIGH  PRESSURE 

CASCADE  RIG 


A  short  program  to  investigate  the  heat  transfer  characteristics  of 
air  cooled  turbine  vane  designs  \us  conducted  in  a  high  pressure 
cascade  rig  at  the  United  Aircrait  Research  Laboratory.  This  facility 
was  similar  to  the  low  pressure  cascade  rig  described  in  Section  D 
except  that  it  oper  tied  at  engine  pressure  levels  (up  to  200  psia).  The 
rig  was  run  at  inlet  air  temperatures  of  2400°F  for  this  program 
although  it  was  capable  of  operation  up  to  3300°F.  Figure  6-71  shows 
the  rig  and  its  components. 


A  shielded  leading  edge  turbine  vane  was  tested  in  this  rig  at  an  inlet- 
air  temperature  of  2400°F  and  a  pressure  of  130  psia,  A  vane  of  this 
type  is  shown  in  Figure  6-72.  At  these  conditions  the  cooling  air 
flow  supplied  was  not  sufficient  to  provide  adequate  cooling  for  the 
leading  edge  shield.  As  a  result  the  shield  ran  hot  and  collapsed. 
Three  other  air  cooled  vane  configurations  were  prepared  for  testing 
in  this  rig.  Because  of  lack  of  time,  these  parts  were  not  evaluated 
during  this  report  period;  however,  they  will  be  tested  under  other 
funding.  These  vanes  are  shown  in  Figure  6-73  through  6-75, 

F.  HEAT  TRANSFER  IMPINGEMENT  TESTS 

Tests  to  determine  local' heat  transfer  coefficients  in  the  internal 
airfoil  passages  of  an  air  cooled  vane  were  conducted  in  a  heat 
transfer  impingement  rig.  This  rig  was  basically  a  five-times  scale 
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model  of  the  internal  leading  edge  portion  of  a  turbine  vane  and  is 
shown  in  Figure  6-76.  Local  heat -transfer  coefficients  were  deter¬ 
mined  by  measuring  temperature  change  with  time  when  sudden 
changes  were  made-in  the  cooling  airflow.  The  data  in  this  program  - 
is  summarized  in  Figure  2-97  of  the  preliminary  design  section  of 
this  report  (  Item  2). 

G..  TESTING  OF  AIR  COOLED  VANES  IN  A 
HOT  CHOKED  CASCADE  RIG 

Late  in  this  report  period,  a  turbine  vane  cascade- rig  designed  for  the 
thermal  shock  testing  of  air-cooled  vanes  at  conditions  simulating  SST 
opefationwas  installed  in  a  test  stand  at  the  contractor's  engineering 
laboratory.  After  the  installation  was  completed,  several  performance 
calibrations  were  completed. 

1.  DESCRIPTION  OF  TEST  RIG 

The  test  vehicle  which  is  shown  in  Figure  6-77  consisted  of  a  translat¬ 
ing  water  cooled  vane  holder,  two  cold  air  ducts,  and  a  centrally- 
located  hot  gas  duct.  In  operation,  the  vane  holder,  which  had  a  capacity 
for  testing  twenty  vanes  (ten  vanes  per  pack)  simultaneously,  was 
translated  to  a  position  in  which  ten  vanes  were  exposed  to  the  hot  gas 
stream  and  ten  to  the  cold  gas  stream.  After  a  predetermined  ex¬ 
posure  period,,  the  holder  was  moved  rapidly  in  the  reverse  direction, 
exposing  the  ten  heated  vanes  to  the  cold  air  stream  and  positioning  the 
ten  cold  vanes  in  the  hot  gas  stream.  This  alternate  exposure  to  hot 
gas  and  cold  air  constituted  one  thermal  shock  cycle.  A  schematic 
diagram  of  hot  choked  cascade  rig  is  shown  in  Figure  6-78. 

During  operation,  air  was  supplied  to  the  inlet  of  the  cold  air  ducts 
and  the  central  hot  air  duct  at  a  temperature  of  200°F  and. pressure 
up  to  200"  HgA.  The  air  in  the  hot  duct  was  preheated  to  test  tem¬ 
peratures  by  engine-type  burner  cans  using  JP-4  fuel  before  being 
passed  through  the  vane  cascade,  and  finally  into  an  exhaust  plenum. 

The  cold  air  was  discharged  directly  from  the  supply  plenum  through 
the  cold  ducts  and  the  vane  cascade  into  the  exhaust  plenum  where  it 
was  mixed  with;  the  exhaust  gases  from  the  hot  duct.  Pressure  in  the 
exhaust  plenum  was  controlled  by  a  back  pressure  valve  to  insure  a 
choked; flow  across  the  vane  pack. 
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Air.  for  the  vane  cooling  passages  was  supplied  to  the  test  vanes  from 
another  compressor.  The  air  was  first  passed  through  an  alcohol 
burner  to.  raise  it  to  the  temperature  selected.  It  was  then  discharged 
into  a  ^plenum  located  at  the  bottom  of  the  vane  holder.  From  the 
plenum  the  air  was  Supplied  to  each  vane  in  the  cascade  and  was  dis¬ 
charged  from  there  into  the  gas,  stream. 

:2.  T-EST  PROGRAM. 

After  the  installation  of  the  rig  in  a  test  stand  was  completed,  calibra¬ 
tions’ were  perfor  med  at  an  inlet  pressure  of  180  in.  Iig  and  inlet  tem¬ 
peratures  of  1800°F  and  1900°F  in  order  to  determine  inlet  temperature 
distribution.  An  analysis  of  the  data  revealed  that  changes  in  the  burner 
exit  profile  were  required  to  make  the  rig  more  representative  of 
actual  engine  conditions.  At  the  close  of  this  report  period,  these 
changes  were  being  accomplished  in  preparation  for  endurance  testing 
to  evaluate  the  thermal  shock  characteristics  of  several  air  cooled 
turbine- vane  configurations  under  other  funding. 

H.  AERODYNAMIC  PERFORMANCE  TESTING  OF  TURBINE 
VANES  IN  A  PLANE  CASCADE  RIG 

A.  program  of  aerodynamic  tests  was  conducted  on  air-cooled  turbine 
vanes  in  a  plane -cascade  rig  for  the  purpose  of  obtaining  data  on  the 
optimum  location  for-  the  cooling  air  discharge  holes.  The  plane  cas¬ 
cade  rig  was  basicaily-a  small  wind  tunnel  with  the  capability  of  pro¬ 
ducing  a  choked  flow  across  a  cascade  of  four  turbine  vanes.  It  was 
used  to  evaluate  the  two- dimensional  aerodynamic  losses  of  several 
of  the  more  promising  film  and  transpiration  cooled  vane  configurations 
being  considered, for  the  STF219  engine  as  described  below. 

i .  FILM  COOLED  VANES 


.  Description  of  Component 


The  film- cooled  varie  configuration,  tested  in  the  plane  cascade  rig 
-incorporated1  the  basic  JT4  vane  design  with  the  addition  of  .045"  diam. 
holes  drilled  at  a '45°  angle  in  the  vane  leading  edge  stagnation  line. 

The  vane  pack  used- in  this  test  is  shown  in  Figure  6-79. 
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-fc..  'Method  of  Tes t 


The  pressure  profile  behind  the  vanes  was  measured  at  different  cool¬ 
ing  air  discharge  rates,  and  the  profile  loss  for  each;  cooling  flow  rate 
computed: 


c.  Tes  t.p  r  o  g  r  a  rri 


The  initial-  run  was  a  calibration  to  establish  the  relationship  between 
the- pressure  ratio  and  the  coolant  weight  flow.  The  resulting  data  is 
plotted' in  Figure  6-80.  The  vane  pack  was  then  tested  z\  the  design 
exit  Mach  number  {Mn  =  ,91)  and  the  coolant  weight  *1  nv  varied  to 


obtain  the  profile  loss  coefficient  (1  vs  %  Wg  as  shown,  in  Figure 


6-81.  Finally  two  pressure  ratios  were  selected  and  maintained  while 
the  exit  Mach  number  was  varied  over  the  engine  operating  regime. 
The  results  obtained  during  the  latter  test  are  shown.in  Figure  6-82. 


2,  TRANSPIRATION  COOLED  VANES 


a.  Description  of  Oomponent 


The  transpiration  cooled  vanes  evaluated  in  the  plane  cascade  rig  were 
of  the  same  configuration  as  the  brazed  N-l 55  Rigimesh  vanes  tested 
inthe  high  spool  engine;  (See  Section  J4).  A  vane  pack  consisting  of 
four- vanes  was  used  in  this  test  program. 


b.  Method  of  .Test' 


The  method  of;  test  for  the  transpiration  cooled  vanes  was  identical  to 
that  used- for  the  film  cooled  vanes. 


Test-Results 


The  first  step-in  this  test  was  to  establish  the  relationship  of  the 
c oolant  pre s s ure - pr  unary  pressure  ratio  (Pc/Pp)  and  the  coolant  flow- 
pr-imaf^flow  rate  (Wc/Wp) .  This  was  accomplished  by  maintaining 
the  exit  MWh  number  of  approximately  .91  (design  exit  Mach  number) 
var-yingthe  ratio  of  cooling  air  total  pressure  (Pc/Pp)  to  maintain 
-.total -.pressure  and  recording  the  required  data  to  determine  the  cooling 
air  to  mainstream  weight  flow  (Wc/Wp). 
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Usingithi^.:pressure-now  relationship,,  two  pressure  ratios.  (.-.  9.5-  and^ 

1.  11)  were  set  and- the  Mach  number  varied-over-the  engine- operating 
regime.  At  each  point-taken*  the  exit  air  angle,  profile  loss  coefficient 
and, percent  cooling  air  were-  measured'.  In  addition,  with  no  cooling 
air  discharge,  ,-the  exit,  air  angle  and  profile  loss  coefficient  were 
measured  throughout  the  engine  operating  regime  to  establish  a  base¬ 
line  for  comparison*  The  results  of  this  test  are  shown  in  ’Figure-  6 -'83.. 


I.  PERFORMANCE  TESTING  OF  FILM  COOLED 
B  LADES  AND  VANES 

As  part  of  the  development  effort  on  film-cooled  turbine  vanes  and 
blades,  a  series  of  performance  tests  were  conducted  in  a  J-T 12  rig  to 
obtain  quantitative  data  on  the  relation  between  cooling  airflow  quantity 
and  turbine  performanc a. 

1.  DESCRIPTION  OF  TEST  RIG 

The  rig  used  for  this  program  was  essentially  a  JT12  engine  with  the 
compressor,  burners  and  second-stage  of  the  turbine  removed. 

Figure.  6-84  shows  the  basic  arrangement  /f  the  test  rig  andiindicates 
the  method  of  .supplying  cooling  air  . to  the  blades  and  vanes  and  the 
location  and  types  of  the  instrumentation  used.  Figure  6-85  shows  the 
installation  of  the  rig;  in  the  test  stand.  High,  pressure  air  for  the 
operatibnipf  the  rig  was  provided  by  steam-driven  air  compressors 
capable  of  supplying  air  at  pressures  up  to  200  inches  of  mercury  and 
temperatures  up;  to  215°F-.  Turbine  shaft  power  was  absorbed  by  a 
pair  of  electrical  dynamometers  connected  in  tandem. 

2.  DESCRIPTION  OF  PARTS  JESTED 

* 

-  _  ~  •  4 

Gbnvectively  cooled  blades  and  vanes,  which  had  been  fabricated  for  an 
endurance  program; during  the  previous  FAA-sponsored  contract,  were 
reoperated  and  used  for  these  tests.  In  re-operating  the  blades,  the 
cooling  air  exit  passages  at  the  tips  were  sealed  by  welding.  Slots 
for  discharging  the  cooling  air  were  machined  in  the  leading  edges  and 
holes -were  drilled  in  the  pressure  (concave)  and  suction  (convex)  sur¬ 
faces-  as  shown  in  Figure  6-86.  The  leading  edg e  slots;  were  machined 
using  ;the  :electrical  discharge  machining  ;(EDM)  process  and  were 
’iriciinedr45  degrees  with  respect  to  the  radial  plane  so  that  the  cooling 
air  would  discharge  toward  the  outside  diameter  of  the  turbine.  The 
boles -in1  the:pfessufe  and  suction  surfaces  of  the  blades  were  drilled 
;perpendibula.r  to  the -radial  plane  at  an  average  angle  of  30  degrees  to 
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the  ;air  fqiL  B  ecause  of  the  twist-of  the  turbine-blades,,  this  angle 
varied-from  approximately  15-degrees  near  the  root  to  45  degrees 
near  the  tip-on  the  suction  surface  and  45  degrees  near  the  root  to 
15.  degrees  near  the  tip-on  the  pressure  surface. 

In.  reopc rating  the  vanes  for  this  rest,  the  root  (inside  diameter)  ends 
were  sealed-  by  welding.  A  cooling  air  supply  boss  was  welded  to  the 
tip-end  of  each,  vane  and  the  remainder  of  the  opening  was  filled  with 
a  plastic  iron  compound'.  Slots  were  machined  in  the  leading  edges 
and- ;th c; .p fc s sure  and- suction- surfaces  as  shown  in  Figure  6-86  using 
the- EDM:process.  The  leading  edge  slots  were  inclined  45  degrees 
\vith=  respect  to  the  radial  plane  so  that  the  cooling  air  would  discharge 
'toward1  the  outside  diameter  of  the  turbine.  Pressure  and  suction  sur¬ 
face  slots  were  machined  perpendicular  to  the  radial  plane  at  a  30 
degree  angle  to  the  airfoil  surface.  The  vane  airfoils  were  designed 
with- no  twist  so  this  angle  was  constant  over  the  entire  span. 

Photographs  of  a  completed  blade  and  vane  are  shown  in  Figures  6-87 
and  6-88  respectively.  Turbine  specifications  and  cooling  air  flow 
areas  arc  summarized' below; 

Turbine  Specifications  &  Cooling  Air  Flow  Areas 
Av  Nozzle 


No.  of  varies 
Total  flow  area 


58 

50.  8  sq.  in. 


B.  Rotor 


No.  of  blades 
Total  flow  area 

,C.  Cooling  Air  Flow  Area 


74 

60.  6  sq.  in. 


Aroa/Vane 

Area /Blade 

Sq.  In. 

Sq.  In. 

Leading  edge 

0.  014:99 

0.  014  10 

Pressure  surface 

0.  00550 

0.  00608 

Suction  surface 

0.  0955.0 

0.  00608 

Total 

0.  02509 

0.  02626 
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3.  METHOD  OF  TEST 

The  effect  of  cooling  airflow  on  turbine  performance  was;  determined 
by  setting  and  maintaining  a  given  pressure  ratio  andr.im  velocity 
ratio  while  measuring  turbine -performance  with  different  combinations 
oF-blade  ancj  vane  cooling  airflow.  Test  data  were  obtained  at itlie 
design  pressure  ratio  Tor  three  velocity  -ratio  settings  and  at  The  design 
velocityr  ra'tio  for  one  pressure  ratio  above  and  one  pressure  ratio 
below  the  desigivpr.es sure  ratio. 

After  completing  the  cooling  airflow  tests,  the  cooling  holes  in  the  air¬ 
foils  of  the  blades  and  vanes  were  plugged  and  leakage  calibration  tests 
were  run  over  the  range  of  velocity  ratio,  pressure  ratios  and  blade 
cooling:  supply  pressures  of  interest.  Leakage  rates  and  their  effect 
on- turbine  performance  were  measured  at  each  velocity  ratio  for  three 
blade- and  vane  cooling  air  cavity  supply  pressures.  The  effect  of 
leakage  on  performance  was  determined  independently  for  the  blades 
and  vanes. 

A -test  was  also  run  with  the  leading  edge  slots  in  the  blades  plugged. 
V.ane  cooling  airflow  was  not  used  for  this  lest. 

4.  TEST  RESULTS 


by 


Figure  6-89  shows  the  eifect  of  the  blade  and  vane  cooling  airflow 
(including  leakage  flow)  upon  turbine  stage  aerodynamic  performance 
as:  measured  in.  the  JT12  turbine  rig.  With  equal  cooling  air¬ 
flow  to  the  blades  and  vanes  (including  leakage)  turbine  stage  efficiency 
was  reduced  1/4  to  1/2  percent  for  each  one  percent  of  the  total  rig 
airflow-  diverted  to  turbim  *  'ado  and  vane  cooling.  As  indicated  in  the 
curve  referenced  above,  the  effect  of  blade  cooling  airflow  on  tuibinc 
performance  was  three  1--  five  times  greater  than  the  effect  of  the 
same  amount  of  vane  co<-'ng  flow. 


M 


Tire  change  in  turbine  performance  due  to  vane  and  blade  cooling  air¬ 
flow  appeared  to  be  essentially  independent  of  turbine  pressure  ratio 
and  velocity  ratio  for  the  ranges  tested.  Therefore,  the  curve ■»  .  own 
in  Figure  6^89  do  uo  distinguisli  between  the  data  taken  at  different 
-combinations  of  pressure  ratio  and  velocity  ratio. 


ft  --- : 


Tests  ,in  the  JT 12  turbine  rig  showed  that  leakage  accounted  for  approxL 
mately  65  percent  of  the  cooling  air  supplied  to  the  blades  and  vanes. 
Figure  6-9.0  indicates  the  probable  leakage  paths  for  this  flow,  Neg¬ 
ligible  leakage  was  assumed  through  the  inside  diameter  labyrinth  seal 
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®ejl "^Hed  up  by  a  carbon-type  face  seal, oh  the  turbine 
-.  sha“  and  the  only  leakage  path  was  through  both  of  these  seals  in 
series. 

Vane  and  Made  leakage  flow  h  ad-differing  effects  on  turbine  perform? 
ance-  Vane  leakage  produced  no  measurable  effect  on  turbine  perform? 
Snce.  Observations  indicated  that  most  of  the  vane  leakage  was  through 
p.atlvBj.  shown in  Figure  6~90i  and  entered  Ihc  main  flow- path  along 
the  cprse^Qut-side ^diainetsr'/essentiaUy  parallel  to; the  main  flow  stream. 

Blade  leakage,  oh  the  other  hand,  resulted  in  a  penaLty  of  approximately 
0.  2  percent  in- turbine  lerodynamic  performance  for  each  .percent  of 
leakage  expressed  as  a  percent  of  total  turbine  airflow.  Figure  6-91 
shows  a  plot  of  the  turbine  aerodynamic  performance  penalty  as  a 
function  of  the  ratio  of  blade  leakage  flow  to  total  rig  airflow. 

These  tests  indicated  that  cooling  air  leakage  is  an  integral  part  of 
turbine  performance.  Efforts  should  be  made  to  minimize  these 
leakage  losses  by  improved  sealing  techniques. 

The  turbine  performance  penalty  corrected  to  exclude  leakage  flow 
(with  equal,  cooling  air  flow  to  the  blades  and  vanes)  was  between  1/2 
and  1  percent  for  each  one  percent  of  the  total  rig  airflow  diverted  to 
turbine  blade  and  vane  cooling.  This  penalty  would  be  valid  for  the 
ideal  turbine  with  perfect  seals.  However,  since  the  methods  for 
sealing  used  in  the  JT  12  turbine  and  consequently  the  magnitude  of  the 
leakage  losses  are  essentially  similar  to  those  of  an  actual  turbine, 
the  penalty  previously  given  -for  cooling  airflow  including  leakage  is 
considered,  to  be  more  nearly  applicable. 

Tests  with  the  blade  leading  edge  slots  plugged  indicated  that  one  third 
Of  the  blade  cooling  airflow  (exclusive  of  leakage)  passed  through  the 
leading  edge  and  that  this  . flow  produced  approximately  two-thirds  of 
the  blade  cooling  airflow  penalty. 

Figure  6-92  shows  a  comparison  of  the  performance  penalty  for  15 
percent  cooling  airflow :(7  1/2  percent  to  the  blades  and  7  1/2  percent 
to  the  vanes  including  leakage)  against  that  incurred  by  off-design 
operation.  It  will  be  noted  that  the  performance  penalty  imposed  by 
the  cooling  air  is  far  greater  than  that  imposed  by  off-design  running.. 
Figure  6-93  illustrates:  the  effect  of  cooling  air  on  the  rig  inlet  flow 
parameter  (Wa  \/t/P),  As  shown  in  . this  curve,  the  parameter 
decreases  0.  7  percentwith  each  percent -of  cooling  airflow,  indicating 
that  0.  7  of  each  percent  of  cooling  flow  is  choking  the  rotor. 
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X.  EVALUATION  OF  FULL-SCALE  TURBINE  BLADES  AND  VANES 
IN  A  JT 4  HIGH  SPOOL  ENGINE 

?Sincevth6  final,  evaluation  of  any  turbine  blade  or  vane  configuration  must 
depend  on  its  performance  in  an  engine,  development  testing  of  full- 
scale  convectively  cooled,  film  cooled  and.  transpiration  cooled  blades 
ibeihg.  developed  in  this  program  wa  s  undertaken  in  a  JT4-size  high  spool 
engine. at.  conditions  simulating  operation  in  a  supersonic  transport 
engine. 

!.  DESCRIPTION  OF  HIGH  SPOOL  ENGINE 

The  high  spool  engine  used  in  this  program  was  basically  a  JT4  engine 
with  the  low  compressor  and  low  turbine  sections  removed.  This 
feature  allowed  extended  operation  at  elevated  temperatures  with  the 
minimum  amount  of  operational  problems;  such  as,  deterioration  of 
low  turbine  parts,  overspeed  of  the  low  compressor  and  difficulties  en¬ 
countered' with  removal  of  the  low  turbine  to  replace  test  section  vanes 
and  blades,. 

The  basic  hardware  consisted  of  a  bellmouth  inlet,  a  seven-stage  com> 
pressor,  complete  diffuser  and  burner  sections  and-a  single  stage  tur¬ 
bine.  The1  exhaust  area  was  designed  to  produce  optimum  conditions 
required  .by- the -compressor -for  starting  and  continuous  operation.  The 
vehicle  .was  equipped  with  instrumentation  in  the  turbine  section  allowing 
for  strain  gage  and  thermocouple  measurements  through  a  slip  ring 
assembly  attached  to  the  turbine  shaft.  In  addition,  the  normal  instru¬ 
mentation  requirements  for  measuring  airflow,  pressures  and  tempera¬ 
tures  throughout  the  vehicle  were  incorporated. 

In: order  to  permit  running  at  elevated  turbine  inlet  temperatures  at 
.conditions  simulating  supersonic  transport  operation  this  engine  was 
installed  in,, a  test  stand  incorporating  provisions  for  heating  the  inlet 
air.  Figure  6-94*  shows  a  view  of  the  heated  inlet  hardware  which  was 
provided  for -this  test;  Figure  6-95  shows  a  schematic  diagram  of  the 
test  installation.  At  the  start  of  this  contract,  the  turbine  section  of 
tfie..JT4  high  ;spool  engine  was  modified  to  accept  externally  supplied 
blade  and  vane  cooling  air.  The  cooling  air  was  supplied  by  an- auxiliary 
,  XTX 2. engine  with,  the- cooling  air  bled  off  from  the  compressor  discharge 
as  _shown  in  Figure  6-96.  The  JT12  engine  was  used  in  order  to  per¬ 
mit  varying  cooling  airflow  and  pressure  differentials  independent  of 
(engine  conditions;.  The  vaneand  blade  cooling  air  system  incorporated  a 
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heater  burner  in  .tne  supply,  line  to*  allow  preheating  the  air  to  any  de¬ 
sired-temperature.,  An -overall  view  of  the  JT4engine<installation  in¬ 
cluding  the  vane  and  blade -cooling  air  system  is  Shown  in  Figure  6-97. 

A  clpseiip  of  the.  engine  showing  the-vane  and  blade.coqling  air  manifolds 
is  shown  in  Figure  6-98. 

Z.  TEST  PROCEDURE 

.Afterithe  engine  Has  been  assembled  and  all  systems  checked* out,  a 
short  calibration  was  run  to  determine  the.corrfecr  turbine  inlet-tur- 
bine  discharge"t«mnerature  relationship.  This  procedure  was  required 
since  engine, conditions  make  difficult  the  direct  measurement  of  tur¬ 
bine  inlet  temperature;  whereas,,  direct  measurements  of  the  turbine 
discharge  temperature  were  available.  After  the  relationship  between 
turbine  inlet  and  turbine  discharge-temperature  was  established,  en¬ 
durance  testing  was  initiated*  The  engine  was  brought  up  to  the  maxi¬ 
mum  turbine  inlet  temperature  desired,  and  at  the  completion  of  a  pre¬ 
determined  time  interval,  the  engine  was  idled  back  to  the  minimum 
turbine  inlet  temperature  level  established  for  the  program,  thereafter, 
the  engine  was  cycled  back  and  forth  between  these  two  temperature 
levels  to  expose  the  turbine  vanes  and  blades  to  a  thermal  fatigue  en¬ 
vironment.  The. IT  12  auxiliary  blade  and  vane  cooling  air  supply  en¬ 
gine, and  the  heated  inlet  facility  were  operational  during  the  entire 
itest.  The  Heated- inlet  was  cycled  in  unison  with  the  high  spool  engine 
tp».produce  the  desired- temperature  conditions;  however,  the  JT  12  en¬ 
gine  was  not  cycled  but  was  maintained  at  one  cooling  air  supply  and 
pressure  level  throughout  the  test. 


To  insure  that  a  repeatable  cycle  was  obtained,  the  engine  was  con- 
troiled;by  a  system  of  timers,  solenoids  and  values  that  diverted  a 
.portion  of  the  fuel  flow  to  the  engine  and  the  heated  inlet  heater-burner 
ip  obtain  =the  required  idle  turbine  inlet  temperature.  Accelerations 
and  decelerations  were  extremely  rapid. 

3.  DESCRIPTION  GF  FILM  COOLED  VANES  AND  BLADES  TESTED 
IN  HIGH- SPOOL  ENGINE 

Thrce  of  the  four  vane  configurations  fabricated  for  this  program 
^.utilized- :PWA -6:57  slotted  trailing  edge  vanes  which  had  been  fabricated 
Ibr-thef-pfevipus  FAA  sponsored  contract.  The  leading  edges  were 
trailing  edge  ssiots -ware  closed  by  welding,  and  new 
i^h'bTbs'' "iff' -&i‘otss  were  incorporated  toiilm  cool  this  portion  of  the  vane. 


^  jp£:. 


X'' \  '' 


eAGB'tio.  6-T9- 


c.oMidentiasl. 


-*-*•*  *»*»**-• 

IV<4^  -  *«»  *W»»»U  >»»*  *  •  H  < 

»»•*  **«  -• 
M-«U'  W  O  1*  «*»•*»’•  «(  »*>* 

15#  #IA*A«  »*  *  <*  • 


•;r - . ...... 


*.  .  *  *  - 1  r  nici 


^^,I,!^S!5S^*0^!"|^^^,C 

■  ~'-'  *c'  -'  '  ?~f? 


-Vfes  ■?& 


v-^'V^ 


r**  Vvi?“SV  '•?«s*f*?£ 

-.7  '  -.  V,™--^.  ? '  [  .J^-r’i 


COMFJSSEWITJAt, 


■PM-A?ZW0  ' 


1 


The  span-wise  cooling  passages  were  retained  in -the  mid  chorpi  portions 
of  .the  vanes  to  provide  convective  cooling  for  this  section.  These  three 
film  cooled  vane  configurations  and  a  fourth,  an  impingement  type  vane, 
made  up  specially  for  this  test,  are  shown  in  the  figures  listed  .below,  .. 
These  three  film  cooled  vane  configurations  and  a  fourth,  an  in?jy£ag.e~ 
meat  type  vane,  made  up  specially  for  this  test,  are  shewn  in, .the  figures 
listed  below. 


O 


Configuration 

1,  .013"  diam  Shower  Head 
2*  Porous  Leading  Edge 

3.  Pierced  Sheet  Leading  Edge 

4.  Impingement 


Shown,  ill  . 

Figure  6-99 
Figur  e  6-100 
Figure  .6-1  Of 
Figure  6-102 


Four  film  cooled  blade  configurations  were  designed  and  fabricated. 

As  in  the  case  of  the  vanes,  these  schemes  were  incorporated  in 
existing  convectively  cooled  blade  designs  because  the  length  of  the 
contract  did  not  provide  sufficient  lead  time  to  procure  a  totally -new 
configuration:.  The  leading  edges  of  the  blades  were  modified  to  incor¬ 
porate  previsions  for  film  cooling  as  indicated  m  the  tabulation  below. 
In  addition  rows  of  .010"  diameter  holes  were  drilled  m  the  trailing 
edge  on  both  the  pressure  and  suction  sides  at  30°  to  the  blade  surface 
to  provide  trailing  edge  coating. 


Design 

Porous  Leading  Edge 
"Sugar  Scoop"  Leading  Edge 
"Umbrella"  Leading  Edge 
i^Kovver  Head 


Shown  in 

Leading  edge  similar  to  that  of 
vane  shown  in  Fig.  6-74 
Leading  edge  similar  to  that  of 
vane  shown  in  Fig.  6 -3-1 
Leading  euge  similar  to  ibat  of 
vane  shown  in  Fig.  6-30. 


1.  3  Rows  of  .  0i3‘-  dia.  holes  at  90°  to  L.E. 

2.  3  Rows  of  .013"  holes  at  30°  to  L.E. 

3..  3  Rows  of  .  008"  holes  at  90”  to  L.  E. 

4,  5  Rows  of  .  008"  holes  at  90*  to  L..E, 

5,  5  Rows  of  .  008"  holes  at  30*  to  L.  £. 

6..  1  Row  of  .030"  holes  at  30°  to  L.F.. 


Figure  6-103 
Figure  6—104 
Figure  6-1 05 
Figure  6-106 
Figure  6-107 
Figure-  6-108 


The  object  of  varying  the  hole  arrangement  in  the  shower  head  design 
were  three  fold.  First,  it  was  desired  to  determine  the  effect  of  dif¬ 
ferences  in  hole  size.  Secondly.,  the  effect  of  angling  the  holes  was 
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investigated  since  an  angled  hole  provides  a  larger  passage  and  increas¬ 
ed  cooling  due  to  convection.  Finally,  the  extent  of  the  area  to  be 
cooled  was  investigated  by  varying  the  number  of  cooling  hole  rows. 

As  in  the  case  of  the  vanes,  several  trailing  edge  schemes  were  tested* 

In  addition  several  showerhead  schemes  were  run  without  trailing  edge 
cooling  for  comparison.  * 

4.  DESCRIPTION  OF  TRANSPIRATION  COOLED  BLADES  AND 
VANES  USED  IN  THE  HIGH  SPOOL  ENGINE 

In  the  design  of  transpiration  cooled  blades  structural  integrity  demand¬ 
ed  the  use  ol  some  type  of  support,  referred  to  as  a  spar,  around 
which  a  porous  media,  referred  to  as  a  skin,  could  be  attached.  This 
skin-spar  construction  was  not  peculiar  to  the  blade  alone  but  was 
used  for  the  stationary  turbine  nozxle  as  well.  Efforts  to  optimize  a 
transpiration  cooled  blade  and  vane  of  the  skin-spar  construction  re¬ 
sulted  in  the  design  of  one  basic  spar  design  for  the  vanes  and  two  basic 
spar  designs  for  the  blades  for  evaluation  in  the  JT4  high  spool  engine. 

Both  of  the  blade  spar  designs  were  redesigns  of  an  existing  conv ac¬ 
tively  cooled  blade. 

The  first  blade  spar  design  incorporated  .015"  deep  radial  grooves 
separated  by  raised  portions  or  lands  which  are  approximately  .050" 
wide  and  numbered  four  on  the  concave  airfoil  surface  and  five  on  the 
convex. 


The  second  blade  design,  herein  referred  to  as  the  wide  land  blade  spar, 
was  an  attempt  to  improve  upon  the  cooling  efficiency  of  the  first  de¬ 
sign.  The  wide  land  spar  used  the  same  basic  convectively  cooled 
blade  as  did  the  narrow  land,  but  the  land  width  was  increased  to  approx¬ 
imately  0..  150"  and  the  depth  of  the  radial  grooves  was  tapered  from 
.050"  at  the  root  to  .015"  at  the  tip.  These  radial  grooves  were  not 
produced  by  the  EDM  machining  process  but  were  cast  directly  in  the 
blade.  This  wide  land  design  afforded  wider  attachment  surfaces 
promoting  increased  heating  of  the  spar  core  and  provides  more  cool¬ 
ant  per  unit  area  of  porous  skin  thus  more  closely  matching  the  thermal 
transient  response  characteristics  of  the  core  and  skin  to  improve  the 
thermal  fatigue  life. 

An  evaluation  of  candid  .e  skin  matcriais,  including  forming  trials, 
led  to  f_he  selection  of  three  materials:  N-155  Poroloy,  N-155  Rigxmesh, 
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and>  L-605  Rigimesh  for  evaluation  in  this  program  based  on  the  fol¬ 
lowing:  factors: 

a.  ductility  and  strength  at  high  temperatures 
bi.  fatigue  strength 

c.  ability  to  be  sinter  bonded 

d.  weldability  and  brazeability 
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The  following  configurations  were  tested,  in.  the  JT4  high  spool  engine: 

BLADES 


Configuration 

Skin 

Attachment 

Shown  In 

Narrow  land 

N-155  Poroloy 

E.B.  Weld 
(.  040"  interface) 

Fig.  6-1C9 

Narrow  land 
Wide  land 

N-155  Rigimesh 
L-605  Rigimesh 

Braze  82-18 

E.B.  Weld 
(.  040"  interface) 

Fig.  6-110 
Fig.  6-111 

Wide  land 

N-155  Poroloy 

E.B.  Weld 
{.  072"  interface) 

Wide  land 

Wide  land 

N-155  Rigimesh 
L-605  Rigimesh 

Braze  82-18 

E.B.  Weld 
(.072"  interface) 

Fig.  6-112 
Fig.  6-113 

Wide  land 

Wide  land 

L-605  Rigimesh 
N-155  Poroloy 

E.B.  Weld 

E.B.  Weld 

Fig.  6-114 
Fig.  6-115 

E.B.  =  Electron  Beam 

VANES 

Configuration 

Skin 

Attachment 

Shown  In 

Wide  land 

Wide  land 

Wide  land 

L-605  Rigimesh 
N-155  Poroloy 
N-155  Rigimesh 

E.B.  Weld 

E.B.  Weld 

Braze  82-18 

Fig.  6-116 
Fig.  6-117 
Fig.  6-118 

:ETB7  =™Elcctron.:B  earn 
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5.  DESCRIPTION  OF  CONVECTIVELY  COOLED  BLADES  AND  VANES 
TESTED  IN  THE  HIGH  SPOOL  ENGINE 

The  convectively  cooled  blades  and  vanes  used  in  this  program  were 
identical  to-those  designed  and  tested  during  the  previous  FAA -sponsored 
SST  propulsion  component  program.  The  specific  configurations  and 
materials;  tested  are  shown  in  the  table  below: 


Blade  Design 


Material 


Shown  In 


.  020"  Sawtooth 
.030"  Sawtooth 
Eleven  Hole 

Vane  Design 

Slotted  Trailing  Edge 
Pedestal  Trailing  Edge 


PWA-659 

PWA-655 

PWA-658,  PWA-663 

Mat  er  iaJ 

PWA-657 

PVVA-657 


Fig.  6-119 
Fig.  6-120 


6.  TESTS  OF  CONVECTIVELY  COOLED  BLADES  IN  THE  JTd  HIGH 
SPOOL  ENGINE 

The  initial  tests  on  the  J'l  1  l»‘gh  spool  engine  were  conducted  using  the 
convectively  cooled  vanes  an-  blades  listed  in  subsection  5  above.  Those 
tests  were  a  continuation  -  f  t  ie  cyclic  endurance  program  which  had 
been  started  under  the  Co  ;m<  rcial  SST  Propulsion  Component  Program, 
Contract  AF  33(657)  —111 This  program  entailed  the  running  of  test 
cycles  consisting  of  two  n  mutes  at  high  power  (2235 °F  turbine  inlet 
temperature)  followed  by  *wo  minutes  at  idle  (1200°F).  Under  the 
previous  contract,  the  engine  had  completed  767  test  cycles  with  a 
set  of  convectively-cooled  blades  installed.  The  slotted  and  pedestal 
trailing  edge  vanes  installed  for  this  test  had  accumulated  varying  a- 
mounts  of  running  time  on  previous  programs. 

Following,  a  calibration  to  establish  the  turbine  inlet  temperature, 
cyclic  endurance  testing  was  started.  After  a  total  of  108  test  cycles 
were  completed,  observations  up  the  tailpipe  revealed  that  one  (1) 
vane  was  running  excessively  hot  and  consequently  the  engine  was  shut 
down  to  inspect  the  vanes.  An  examination  revealed  a  considerable 
buUdup  of  oxidation  in  the  cooling  passages  which  presumably  had  con¬ 
tributed  to  this  failure.  As  noted  previously,  the  vanes  had  accumulated, 
considerable  running  time  prior  to  the  start  of  the  current  program. 
Since  another  turbine  vane  assembly  with  now  slotted  and  pedestal 
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trailing  edge  vanes  was  available  at  that  time,  this  nozzle  assembly  was 
installed  and  the  test  resumed.  The  test  was  then  continued:. for  another 
155  cycles  (for  a  total  of  1030.  cycles  on  the  blades). 

At  this  time,  the  engine  was  disassembled  to  allow  measurement  and 
detailed  examination  oi  the  blades  and  va.nes^  The  condition  qllhaaiojt.ted: 
and  pedestal’  trailing  edge  vanes  was  good,  but  as  previously  noted, 
these  vanes  were  installed  at  the  last  inspection  and  had  accximuiated 
only  155  endurance  cycles.  The  condition- of  typical  slotted'  and  pedestal 
trailing  edge  vanes  at  the  time  of  this  inspect  ion  is  shown  in  Figure 
6-T21  and  6-122  respectively.  The  vane  bow  was::  ' 


filer. 

M-e. 

Min. 

Slotted  T. 

E.  Uncoated  A  MS -53  82 

, 1  j  1 6 1  ’ 

.  037” 

.007” 

Pedestal  '1 

E,  Uncoated  AMS-5382 

.005" 

.009" 

.003” 

The  blade  assembly  had  completed  1030  cycles  at  the  time  of  this  in¬ 
spection.  The  condition  of  typical  sawtooth  and  eleven  hole  blades  at 
this  time  is  shown  in 'Figures  6-123  and  6-124.  One  PWA-659,  TaAi3 
coated  .,020”  sawtooth  blade  had  a  1/4”  leading  edge  chordwise  crack 
at  approximately  70%  span  as  shown  m  Figure  6-125,  An  examination 
of  this  blade  showed  the  failure  to  be  a  result  of  a  thin  (.  005)  wall  due 
to  a  core  shift  during  fabrication.  Two  (2)  other  sawtooth  blades  had 
leading  edge  radial  cracks  which  were  attributed  to  thin  walls  resulting 
from  core  shifts. 

All  of  the  eleven-hole  blades  had  bowed  in  the  chordwise  direction  with 
the  PWA-658  blades  exhibiting  more  bow  than  the  PWA-663  blades. 

One  of  the  more  severely-bowed  PWA-658  blades  showed  fine  cracks 
along  the  leading  edge,  as  shown  in  Figure  6-126.  A  comparison  of  a 
"bowed -eleven -hole  blade  and  a  .020”  sawtooth  blade  is  shown  in  Figure 
6-T27.  Because  of  the  severity  of  the  bow,  the  growth  measurements 
on  the  eleven  hole  blade  were  of  no  value.  The  growth  measurements 
recorded  on  the  sawtooth  blades  were  as  follows: 


,020”  Sawtooth  PV/A-695  TaAlj  coating 
,  030”  Sawtooth  PWA-655  JC-1.4L  coating 


Max. 

Min. 

.016" 

.025" 

.010" 

.029" 

.  055" 

.016" 
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7 .  TESTING  OF  FILM  AND  TRANSPIRATION  COOLED  VANES 
AND  .BLADES  IN  THE  JT4  HIGH:  SPOOL  ENGINE 

Following  the -test  6  noted  in  the  preceding  section,  a  combination  of 
fUril  and  transpiration  copied  blades  were  installed  in  the  high  spool  engine, 
T-he-turbine  vane  assembly,  with  these  parts  installed,  is  shown  in  Fig  - 
ure  ,6-1-28;  This  vane  assembly  incorporated:  the  following  combination 
of  film  and  transpiration  cooled  vanes: 


Number  Type 

id  Film  Cooled 

2  Film  Cooled 

3  Film  Cooled 

6  Transpiration  Cooled 

7  Transpiration  Cooled 

3  Transpiration  Cooled 

34  Convectively  Cooled 

i  1  Convectively  Cooled 


Configuration 

1-urous  Leading  Edge 

Pierced  Sheet 

Shower  Head 

Rigimesh 

Rigimesh- 

Poroloy 

Pedestal  Trailing  Edge 
Slotted  Trailing  Edge 


The -turbine -rotor  assembly  prior  to  installation  in  the  engine  is  shown, 
in  Figure  6-129.  This  assembly  included  the  following  combination  of 
film  and  transpiration  cooled  blades. 


Number  Type 

5  Film  Cooled 

5  Film  Cooled 

5  Film  Cooled 

5  Film  Cooled 

7  Film  Cooled 

4  Film  Cooled 

5  Transpiration  Cooled 

11  Transpiration  Cooled 

7  Transpiration  Cooled 

5  Transpiration  Cooled 

37  Convectively  Cooled 


Configuration 

Three  Rovv  .013/30° 
Three  Row  .  008/90° 
Five  Row  .  008/90° 
Three  Row  .013/90° 
Five  Row  .  008/30° 
Mod.  H  .030/30° 
Rigimesh  (L-605) 
Rigimesh  (N - 155) 
Poroloy  (N- 1 55) 

W'DL 

.  020  &  .  030  Sawtooth 
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:Durihg  a  shutdown  of  the  engine  with  these  parts  installed,  it  was 
determined  that  the  metering  parts  in  the  leading  edge  of  the  transpira¬ 
tion  cooled  vanes  would  not  allow  sufficient  cooling-  of  the  leading  edges.. 
These  vanes  were  removed  and  replaced  with  convectively-cooled  parts. 

The  program  planned  to  be  run  on  this  engine  was  to  have  been  an  initial 
calibration  followed  by  cyclic  endurance  testing  at  the  following  condi¬ 
tions: 

Two  minutes  at  23  00  °F  Turbine  inlet  temperature 
Two  minutes  at  1200°F  Turbine  inlet  temperature 
Cooling  air  temperature  =  70G°F 
Snap  (1  sec)  "throttle"  movements. 


A  calibration  run  was  completed  on  this  engine  at  low  power  settings. 
When  the  power  was  being  increased  to  the  planned  program  settings, 
a  blade  failure  was  experienced  after  five  minutes  at  a  turbine  inlet 
temperature  of  2175  °F.  An  examination  of  the  failed  blade  revealed 
parting  of  the  porous  skin  from  the  core  resulting  in  damage  to  the 
adjacent  blades  and  the  turbine  seal. 


The  engine  was  rebuilt  for  a  baseline  run  in  preparation  for  the  evalu¬ 
ation  of  film-cooled  airfoils.  For  the  baseline  run,  parts  were  '•  tru- 
mented  in  order  to  establish  a  comparison  between  predicted  ana  mea¬ 
sured  blade  and  vane  metal  temperatures.  A  total  of  thirty-eight  ther¬ 
mocouples  were  installed  on  the  blades  and  twenty-nine  on  the  vanes. 
Test  results  during  this  run  indicated  good  agreement  between  predicted 
and  measured  temperatures.  Typical  results  from  one  blade  are  pre¬ 
sented  in  Figure  6-130.  Having  completed  the  instrumented  run,  the 
rotor  was  removed  and  blades  incorporating  the  following  film-cooled 
configurations  were  installed. 

Configuration  ‘.Quantity 

Five  Rows  of  .008"  Dia  Holes 
at  30°  to  L.  E. 

Five  Rows  of  .  008"  Dia  Holes 
at  90°  to-  L.  E. 

Three  Rows  of  .  008"  Dia  Holes 
at  90°  to  L.E. 
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SMOOTH  CYCLIC  STR  ESS- RUPTURE  FATIGUE  SPECIMEN 


088  DIA  MAX 

(NO.  3  CENTER  DRILL  REF) 
DEPTH  160  MAX 
CHAM  60*  t  5*  INCL 
TO  130  OIA  MAX. 


HIGH  TEMPERATURE  REVERSE -EEH  DING  FA  .TGIJE  SPECIMEN 


Figures  6-T5  and  6-16 
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TURBINE  VANE  FEATURING  FILM- COOLED  LEADING  EDGE 
COOLANT  INJECTED  INTO  SPAN  WISE  GROOVE  ALONG  STAGNATION 
LINE 


Figure  b-21  .  « * . 
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SHOWN  IN  VIEW  B-B 


SCHEMATIC  OF  TURBINE  VANE  WITH  FILM-COOLED  LEADING 
EDGE  AS  SHOWN  ON  FIGURE  6-  24 
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ITEM  7  -  AUG  MENTORS 


OBJECTIVE 


The  contractor  has  conducted:  experimental-  testing' 
of  the  augrrientor  components  which  was  directed 
toward  verification  of  the  augmentor.  performance1. 

The  goal  of  this  program  was  the  development  of 
an  augmentation  system  having  a  95%  combustion 
efficiency  at  SST  cruise  conditions  and  a  93%  ef¬ 
ficiency  during  acceleration. 

A.  AERODYNAMIC  FLAM EHOLDER  TESTS  IN 
SMALL-SCALE  DUCT  HEAT ER  RIGS 

I,  INTRODUCTION 

The  augmentation  system  for  the  SST  engine  must  be  capable  of  achiev¬ 
ing  maximum  combustion  performance  at  cruise  as  well  as  at  maximum 
augmentation  flight  conditions  for  economical  aircraft  operation.  The 
low  non-burning  pressure  losses  of  the  aerodynamic  or  jet  flamcholder 
makes  it  especially  suited  to  the  SST  mission  for  both  the  augmented 
and  unaugmented  conditions.  The  jet  flamcholder  using  small  amounts 
of;  gas  generator  bleed  flow  has  demonstrated  stable  combustion- and 
attained-  the  required -combustion  efficiencies  at  the  most  cr  itical  flight 
points' and- the  most  severe  combustion  conditions  of  the  typical  SST 
iflighf^patli.  - 

^  SinalLs'eaTe  tests  with  single,  multiple  and  cross  type  aerodynamic 
flameholders  and  tests  with  various  fuel  injection -techniques  have  rc- 
vealedthat  several' flamcholder  configurations  arc  capable  of  high 
efficiencies  and  low  pressure  losses-  The  major  effort,  however, 
was -concentrated  on  a  spark  ignited,  cross  type,  externally  fueled 
jet"  flamcholder  with  an  upstream  secondary  fuel  system  as  shown  by 
s  .’Figure  7 nl. 

>  - 

In  addition,  information  was  obtained  for  application  in  the  design  and 
construction  of  the  full  scale  duct  heater  rig  and  the  designs:  of  the 
SST  duct  burning  engines . 

A  total  of  580  test  hour's  have  been  completed  on  the  small  scale  duct 
hea  ter  rigs  ip  Phase  II  A,  - 
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I  2.  DESCRIPTION 


a.  Duct  Heater 

The  most  significant  aspect-  of  the  duct  heater -is  its  flame  stabilizer,  - 
the  jet  flameholder.  The  jet  flameholder  consists  of  an  oval -shaped 
manifold-through  which  approximately.  3%  bleed  flow  is  injected  ■ 
normal  to  the  duct  flow.  Compressor  exit' air  has  sufficient  pres.- 
sure  and  temperature  to  product  stable  operafioiv with  tlie  jet ilame- 
holder.  The  air  flow  is  controlled  by  means  of  a- simple  on-off  valve 
located  in.  the  flameholder  air  line.  Primary  fuel  is  supplied  .through 
a  sprayring  located  directly  behind  t He-  flameholder.  Flame 
is  stabilized  on  the  recirculation  zone  formed  by  air  jets,  normal  to 
the  air  stream.  For  high  augmentation,  a  secondary  fuel  supply  is 
injected  into  the-scoinbustion  chamber  upstream  of  the  j,et  .flameholder . 

The  combustion  chamber  is  approximately  60  inches  in .-length  from,, 
the  flameholder  plane  to  the  throat  of  the  exit  nozzle.  The  duct 
channel  has  been  sized  to  provide  a  maximum  cold  Mach  -number  of 
0.  .175.  Transpiration  (porous  metal)  cooling  liners  are  used  -to.. in¬ 
sure  the  optimum  utilization  of  the  cooling  air  in  the  full  scale  and 
engine  application.  The  duct  heater  is  ignitedby  either  a  simple 
spark  plug  or  a  torch  ignitor  at  very  lean  fuel -air  ratios.  At  these 
lean  fuel-air  ratios,  the  temperature  rise  and  attendant  pressure 
rise  are  very  small. 


b .  Rig  and  Facility 

The  tests  were  performed  in  two  small  scale  rigs.  The  small  rig.  is 
n  6  1/2  x  8  inch  rectangular  cross  section  seal  level  research  rig 
capable  of  flowing  up  to  50,000  -lb/hr  of  air  at  60"Hg  pressure  ex¬ 
hausting  to  the  atmosphere.  Ini ot  temperatures  and  jet  flameholder 
flow  conditions  covering  the  SST  range  of  interest  can  be  simulated. 
The  Tig  is  water  cooled,  has  interchangeable  sections  for  altering 
chamber  lengths  and  a  set  of  fixed  geometry  exit  nozzles  for  use  in 
varying  duct  Mach  numbers.  The  flameholder  section  has  multiple 
bosses  and  viewing  ports. 

The  majority  of  testing  during  Phase  IIA  was  performed  in  the 
12"  x  1 6"  two-dimensional  altitude  test.  rig.  This  rig  closely  simu- 
latcs_fhe  SST  duct  heater  channel  and  employs  a5  vacuum  system  to 
operate  between  atmospheric  pressure  and  5"HgA.  Interchangeability 
of  rig  sections,  air  or  water  cooling,  and  multi-boss  flnmeholdar 
sections,  witklar-ge  vowing  wirrclowA^pr  o  y  i  dt  grea  t  llexijii  li  t  y_o  f  opera  - 
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'tion.  An  inlet  air  heat  exchanger  allows  operation  up  to  600  °F  with 
unvitiated  air.  This  rig  is  useful  for  simulating  high  altitude  condi¬ 
tions  and  for  obtaining  minimum  pressure  blowout  data.  A  variable 
area  exit  nozzle  makes  it  possible  to  conduct  tests  at*  constant  duct 
Mach  numbers  oveiva  wide  range  of  fuel -air  ratios. 

3.  METHOD  OF  TEST 

The  combustion  efficiency  attained  is  computed  from  an  aerodynamic 
measurement  of.  the  exhaust  temperature.  The  rig  is  r.un  choked  at 
all  times  and  using  the  choked  flow  parameter  the  exit  temperature 
is  accurately  established  by  calculations.  Combustion  (thrust) 
efficiency  is  defined  as  the  actual  temperature  rise  divided  by  the 
ideal  .temperature  rise. 

The  temperature  is  calculated  from  the  following  relationship: 


where: 


T 

Cd 

4 

tv.. 


y 


=  Choking  flow  parameter 
-  Total  Pressure 

=  Discharge  Coefficient 
'N  ovizTe  A  r  e  a 
=  Gas  Stream  Rate 


This  .requires  accurate  measurement  of  gas  flow,  exit  nozzle  total 

pressure  and  exit  nozzle  effective  area. 

,j  The  gas  flow  through  the  nozzLe  is  .the  sum  of  th.-  rig  airflow. 

.the  rig  fuel  flow  and  the  heater-burner  fuel  flow.  Airflow  in  -the 
rig  is  measured  by  a  venturi;  fuel  flow  measurements  are  made 
with  standard  fuel  meters  in  each  fine. 

•  Exit*  nozzle  total  pressure  is  determined  by  averaging.  the=  total 
pressure  readings  taken  with  the  exit  pressure  rake . 

•  Exit  nozzle  effective  area  is  deriveu  by  calibrating  the  nozzle 

at  cold  flow  conditions.  By  choking,  the  nozzle  and  measuring 
flow,  pressure  and  temperature,  the  nozzle  effective  area  can- 
be  de^ymjn,ed  .itv-a  manner  similar  to  the  calculation  of  tempera¬ 
ture.  . 
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Performance  tests  were  made- at  constant  inlet  tern lierature,  pres¬ 
sure  and  Mach  number  using  the  variable  area,  exit  nozzle.  Minimum 
pressure  data  was  obtained  with  pressure  changing,  only. _  Hot  and 
cold  pressure  loss  data  were  obtainediat  various  Mach  numbers  with 
various  bleed  flows. 

4.;  TEST  RESULTS, 

To  demonstrate  .the  ability-  of-  the  duct  -heater  combustion,  systeinto 
meet  the- performance  requirements,  a  scries  of  . tests  at  the  condi¬ 
tions  to  be  found  in  the  STF 2  19  performance  table  were  performed 
in  the  12"  x  16"  twordimensional  altitude  test  rig.  The  results  of 
these -tests  showed- that  the  jot  flameholdcr  system  has  been 
sufficiently  developed  so  that  the  required-combustion  (thrust), 
efficiency  of  95%  at  cruise  and  93%  at  acceleration  is  attainable. 

The  configuration  utilized  lhro.ug haul  this  series  of  tests  was  a  two 
zone  system: wherb  the  primary  is  a  cross  type  aerodynamic  jet 
flameholder,  see  Figure  7-1  and  7-2,  with  primary  fuel  sprayed  up¬ 
stream  at  the  trailing  edge  of  the  jet  flameholder  and  with  the  secon¬ 
dary  fuel  spraybar  located  approximately  2"  upstrea  of  the  leading 
edge  of -the  jet  flameholder.  A  schematic  of  the  test  setup  is  shown 
by  Figure  7-3.  The  external  primary  fuel  system  was  utili-ad-in  this 
test  series  since  it  has  been  demonstrated  to  h„-  superior  by  -ior 
testing. 

Since  compressor -bleed  air  is  used,  to  operate  the  jet  fla--  r 

v5?S^G“l0Sr^0nT:the  lar8e  bead  available  at  the  co.npres 
exit  to  the  head  desired  at  the  jet  -flameholder  is  taken  that,  cb  e<  ' 
linearly  \yith  the  head  available.  The  jet  flameholder  present 
thon.-c-hanea-,-al-yario„s  flight  condition,  directly  with  the  compressor 
exit  pressure.  By  using  a  2. 50  flameholder  pressure  ratio  and  •> 

?ttwVa4%  0‘  th°  dUC-  fl°W  ^  SCa  lGVCl  -^Xuie  Mtmd  now 
is  .2.  20%-at  a  pressure  ratio  of  1.45  at  the  M  =  3.  0  65  000  ft  ^  ■ 

STh  TMOUfhOUt  ,*h°  1  :St  SCrius  rralislic  conditions  of  coiL.sZT 
amber  Mach  numbers,  inlet  temperatures,  flamoholdor  blood  flow- 
flameholder.  pressure  ratios  and.  combustion  chamber  length,  tavT 

been  maintained.  The  entire  test  series  was  performed  at  n  nr  a 
level  of  ? 5 a  mu.  1.  pci  ior  meet- at -.a  pressure 

evel.  of  25  HgA.  The  results  presented  in  this  report  are  conserve - 

tve  since  only  higher  inlet  Mach  numbers  were  evaluated.  At  the 
OIV  Mach  numbers  in  the  flight  path,  the  measured  offlelimcUs  w^ll 
30  lughor  than; those  measured  in  this  test  series.  lClunClCS  WlU 
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_4>  Cruise  Conditions 

A  test  simulating  the  3.  0  flight  Mach  number  at  65,  000  feet,  high 
airflow  schedule,  cruise  point,  was  run.  The  results  are  shown  by 
figure  7-4,  where  combustion  (thrust)  efficiencies  in  excess  of 
95%  for  the  range  of  ,.002  <  f/a  ,£  ,022  were  measured  using  the 
-primary  fuel:  zone  only.  Stable  burning  was  obtained  for  the.'range 
«002  £  f/a  <  .  039' and  measured-cold  pressure  loss  was  1.9%,w’ith 
a«  fiameholder  bleed' of  2.2%. 

-b,  Sea  Level  Take-off  Acceleration  Conditions- 

Tests  conducted  at  SLTO  conditions  produced  results  as  shown  by 
Figure  7-5.  The  system  demonstrated  combustion. efficiencies  in 
excess:  of  95%  at  the  high  augmentation  conditions  (f/a  —  .05). 

c  •  Transonic 

The  severest  demand  encountered  by  the  duct  heater  system  is  the 
acceleration  through  transonic  flight  regime.  The  aircraft  drag 
approaches  the  engine  thrust  capability  at  this  point,  hence-thc  exit 
temperature -rmist-bp  maintained  at  the  highest  practical  heat  transfer 
limit.  Further,  The  low  inlet  temperature  makes- flame  stabilization 
more  difficult.  The  results  of  a  test  per  far  mod  at  this  condition  are 
presented  by  Figure  7-6  along  with  a  tabulation  of  the  operating  con¬ 
ditions.-  Combustion  efficiencies  in  excess  of  93%  were  demonstrated 
at  maximum;  duct  :heater  exit  temperature. 


d .  Acceleration-  -  Mach  2,0  at  55 ,  000  F pet 

To  evaluate  duct  heater  performance  at  the  highest  expected  duct 
Mach  number  of  0.  175,  a  test  was  .performed  at  2.  0  flight  Mach 
number,  55,000  feet.  The  results  are  presented -in  Figure  7-7 
along  with  a  tabulation  of  the  test  and  STF/249'  conditions.  Since  the 
desired  efficiency  is  at  richer  conditions  of  f/a  >  0.  050  it  was  im - 
..possible, to  evaluate  the  system  performance  at  these  conditions.  The 
•richest  point  obtained  was  at  f/a-  =  0.  045  because  of  the  limitation  in 
the  stand  fuel  supply  system.  Efficiencies, between  90  and  95%  were 
measured. 
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G.i  Duct  He  a  t  g  r  Systo  m  Pressur  c  Lp  s  sos  - 

CdlclTgj'Issure  losses  of  the  doiifiguration  evaluated  at  the  various 
fSW?slF flight -cphditW.ns.  wore  recordedundare  presented:by  , 

-Figure  The  results  are  higher  than  expec.ted;ih  fuU  scale  be- 

cause  of -the  ;high  level  of  losses  for  the  rig  without  flameholders. 
^However,  total  losses  are  only  2%  at  maximum  bleed' flow  and  0.  15 
Mach  number-,  exc lus i ve  of  diffuser  loss  es .  . 

Air  Cooled  Rig  T c s t 

A.  two  dimensional  rig  was  constructed  to  simulate  . the  duct  heater 
contours  of  the  proposed  SST  engine  and  the  air  cooled  liner.  Tests 
were  conducted  to  determine  the  following: 

Check  wall;  cooling  flow  requirements.. 

.  -  Compare  flameholder  performance  without  the  usual  water 
cooled  rig  walls; 

The  rigfwas  sized  to  pass  airflow  comparable  to  the  12"  x  16"  rig 
and  was  installed  in  the  same  test  facility.  A  convective -type  liner 
was  used  with  metering  plates  on  the  upstream  end  near  the  flame  - 
holder  to  control  cooling  flow  rates.  The  cooling  liner  was  instru¬ 
mented  at  various  axial  locations  downstream  of  the  flame  hold  .-r  on 
•the  top,  and  bottom.  Cooling  airflows  wore  determined  from  cali¬ 
brated  static -pressure  drops  across  the  liner  inlet  and  coolin  air 
•temperatures  were  recorded.  Tests  were  run  at  various  inlei 
tempordtures  and  flameholder  pressure  ratios  with  three  exit  nozzle' 
sizes..  Both  the  cross  type  flameholder  and  the  conventional  single 
.clement  flam e holder  were  tested. 

■-  ;7  -  j» 

A  comparison  f/i  combustioh/efficiency  for  the  water  cooled  and  air 
cooled  rig  is  shown  on  Figure  7-9.  A  significant  improvement  in 
efficiency  wafs  obtained  with  the  air  cooled  wall's.  This  was  expected 
since  the  war!  metal  temperatures  are  unrealistically  cold  with 
water  cooling. 

h\ 

g.-  Ignition  Tests  -  .  > 

•Ignition  tests  of  the  cross  jet  flameholder  with  a  20  joule  (28  volts, 

D.  C.  system)  spark  ignitor  located  near  the  t-railing  edge  of  .the 
flameholder  have  been  per formed  at  various  duct  Mach numbers 
with  the  test  rig  discharge  nozzle  choked.  The  results  are  presented 
for  constant  flameholder  air  flow's  of  800  and  |600  lbs/hr  on  Figure 
7—10;  At* these  conditions  successful  lights  were  achieved  at  fuel-air 
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rAtiosless  thah  C>  003.  The  cross  jet  tlameho|der  utyi%3!-d:^n--t}ie  -- 
19,  performance  tests  ignited  smoothly  at  fuel-air  r  ati  ogule:s-S~  j 
than  pie  maximuiri  ijnposed.by  the  fan  surge  margin...  _^  = 

Atypical  ignition  transducer  pressure  trace  for  STF219  SfifTO 
where  ignition  was  achieved. at  a  fuel-air  ratio  of  0.  0030  is  V 

presented  by  Figure  7-1:1-.  This  demonstrates  a  pressure  pulse 
even  -Toss  than 'that  assumed  in  the  Igiiition^Gontrol  section  of^this;^ 
report;  .  -  - 

h.  Stability. of  the  jCross  Jvt  Flameholder  with  External  Primary  Fuel 

For  the  purpose  of  demonstrating  the  stability  of  a  typical  cross  jet 
flameholder  with  external  primary  fuel,  a  minimum  pressure  blow¬ 
out  loop  has;  been  obtained  and  the  results  presented  on  Figure  7 - 12 . 

The  results  indicate  stable  operation  to  a  total  pressure  of  9.4"HgA 
which  is  below  the  goal  of  10.  6"HgA  and  well  below  the  pressure 
1  cvel  at  any  nornfal  STF2 19  operating  condition.  __ 

5.  DISCUSSION  OF  R  ESULTS 


i  £ 
i  ■  P 

-  -  - 


As  a  consequence  of  small  scale  duct  heater  tests.,  summarized 
by  Ta'bUc -7-:J  the-eor-reiation  betw.een  the  small  scale  and  .Clie  full 
scale  rig,  •the_fplJowing  conclusions  car,  be  drawn! 


El 


••  %  c 


r- 


?  % 


1 1 


u 


»=  Combustion  efficiencies  in  excess  of'- -the  required  value  of  95% 
at  cruise  condition  and  93%  at  acceleration  have  been  demon- 
stated.  .. 


The  aerodynamic  jet  flameholder  is  desirable  for  a  duct  burning 
turbofan  because  of  its  low  pressure  losses,  simplicity  of  hard¬ 
ware,.  and  low  weight,  - 

Compressor  exit  air  has  sufficient  temperature  and  pressure  to 
operate-the  jet  flameholder  efficiently.  Reasonable  values,  of 
bleed  flow  are  required. 

Tests  with  full  scale  hardware  substantiated  the  efficiencies,  and 
pressure  loss  data  obtained  on  the  small  scale  research  rigs . 


fc,  r 


Sufficient  Ireat  transfer  information  indicates  that  structural 
integrity  can  be  mainta  Lrrcdcwi  th  reason  able  cooling  flow  rate. 

Ignition  is- accomplished  easily  even  with  a  choked  exit  nozzle 
and- design  duct  Mach  numbers;  soft  lights  have  been  demonstrated 
at  ail  normal,  conditions. 
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SUMMARY  OF  PERFORMANCE  TESTS  OF  CROSS  JET  FLAMEHOLDER 
WITH  EXTERNAL  FUEL  AT  CRITICAL  STF2 1 9  OPERATING  CONDITIONS 


V® 


Flight  Mach  No. 
Attitude  fft,)'. 


3'Oi.OOO 


55, 000 


65,000 


Fuel -air  ratio  0,;  035 -0,,05'5  0.043-0-053  0...04.5-0.  055  0. ,0.1 5-0.  020  ” 

(accei oration)*  (accelr‘.imtionf)r  (acceleration)  (cruise)  *7: 


Pressure  (psia)  -  12.  3. 
inlet  temp..  (  F)  2  66 


12  . 3  ---- 


/  I 


if ' 

V,  =-  - 


a 


JL-* _ r 

T”£ 


0,130 


3 


*  it 


0.  172 


.Combustion 

chamber  Mach 

number  3  0.  IdO 

B-le-ed  ilpiv;  •  (ty)- 

-Conibustion. 

chamber., 

length  jt'i .  62: 


ACFaihed1  .  -1* 

efficiency  •(%)  95 ,0-90.  0  -100,  0-95.0  .  9-1. .-0 

"Pressure-  :  "  __ 

toss  (%)>  1,8  _  ’  J.  35  ■  “r  2.  15 


0,  i/65 

i  ^  - 

-i 

-  2h  -TO 


97.5-96 


*1.  90' 


RECOMMENDATIONS 

Further  small  scale  tests  are  desired  to  optimize  (ho  secondary 
Aiel  system.  '  - 

More  experience  is  desired  on  full  scale  rig  hardware  ovt*  a 
range  of  Right  conditions.. 


f- 

i1 
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%/  ;RA;^^mriI:f<2'EI0N;  -BilRNE  Pv  'TESTS  TN; 

RIGS  - 


l,  .  INTRODUCTION: 


As  areaiterhateto  the  jet  Xiameholcier  system  described  above;  tests 
were  Mso  conducted  on  low  pressure  Josscan-type  burners.  The 
combustion  system- employs  a  piloting  burner  to  achieve  high  bruise 
cornbus^tipn-  efficiency,  while  'bypassing  .part  of  the  air  to  reduce  pres¬ 
sure  loss.  In  addition,  the  "ram  Induction1'1  air  admission  .principle 
was  employed  to  induct  and;  mix  dir.  in  the  burner  with  a  minimum 
pressure  loss.  The  hot  burner  gases  serve  as  a  pilot  zone  to  ignite 
additional  fuer.injected:, into  the  bypas s-  air  for  maximum  augmentation 
conditions.  -  .*-  - 


2.  DESCRIPTION 


Duc,t  Burner. 


‘Figure  (7r/l:,3  is  a  photo  of  the  initial  duct  burner  design,  model  A.  A 
photo  of  the  latest  duct  burner.,  the  model  E,  is  shown  in  Figure  7-14. 
Aif  enters  the  burner-through  ram  scoop.  openings,  This  feature  not 
only  reduces  the  pressure  loss; r.equi'red;tp:  induce  air  into  the  burner, 
but  permits  the  use  .of  .high, inlet  velocity  air,-.-  are  essential  require¬ 
ment -for  a  high  Mach  number  lab  dubt  Turner.,.  With  high- r-eference 
volpcifei.es,,  the  inlet  diffuser  Iengtb,ah^tbe  /di\cbbr0gs's<mtf6n  can  be 
reduded -for  ihb ;Sbme  airfljp\v.;v. :  '.V  .  -  .y  .«»r? 


The  hot  gases" £fo>b tlie  burnfeb  mix  \gi'th  :|He  duct  .bypass;  air  vvith  the 
'aidof  vortex  gencrato r s  mpuhted:in  the  bypass  air  passage  at  the  rear 
of  tlie  burner,.  For  maximum  augmentation;  additional,  fuel  is  injected 
into  -th  e  b  y  pas  s  air  by,  me  an  s  pf-spf  ay  bars,,  The  -hot  gases  from-  the 
burner  segment  yc,t.-as  a  pi]of  flame  fpp  burning  this  fuel.  A  total  of 
70  test  hours  on  ram  indbbtiegT'gybhbr'S  have  been, accumulated 
in  ipha»sc  IT- A.  . 


b .  R  ig  a  nd;  ,F ac.il  ity 


The  ram  burner  test  rig  is"  4  -7"  ~xMkn' rectangular  -cross-  section  rig 
with  water  cooled  duct  sebtigbSj_l;Rig  airflow  is  metered,  through  a 
choked  venturi  sized  to  prpddbe  a-minimum?  duct  Mach  number  of 
M<  =“0.-42  at  *5 00 “if*  inlet  temperature  and  2  atmosphere  inlet  pressure. 
Ah  inline  heater  burner  ij|  capable  ^ fhcating  inlet  air  temperature  as. 
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high  as  i850°F.  Overall  combustor  length  is  66  inches  to  the  throat 
offthe  variable  area  exhaust  nozzle.  Area  variation  in  the  exhaust 
nozzle  wilt. allow  operation  at  duct  Mach  nun vli wrs  bet  weeftTvi  -  0v  r2  and 
-M:  =0, 20,  •  :  - 

rpjie  «ig;:rs.-pr;esently  installed  on  a  test  stand,  which-uscs*  a  fT -4=  turbo r 
Hjhfe-ieh^ihe  as-  aix  air  supply:  and,  an  ejector.  The  engine  is  capable  of: 

ltd  '2tt-^i>'Ase.c  Weed  air  at  a  rig  pressure  of  100  psia.  The 
FaiWtb'hiporature  is  related  to  engine  pressure,  ratio,  but*  norm  ally  runs*  — 
about  450  °;F  for  duct  burner  testing:.  The  ejector  i;s  a  two  stage  type 
-capableof  pulling  'down  to  4  psia.  When  running  on  ejectors,  the  r.igi- 
inrptpipe  is;  normally-  removed  and  the  rig*  draws  in- ambient  ai-T.- 
iSngirie  bieed  air  can  be  discharged  to  ambient  in  the  vicinity  of  the  open 
rig  inlet,  giving  some  control  over  rig  inlet  temperature.  This;  axTahg.o- 
-Thent  allows  'to sting  with  inlet  temperatures  from  ambient  to  about 
40'p’o-F.  -Higher  inlet  temperaluri  s  require  the  use  of  a  direct  Tired 
beater  burner  installed  ahead  of.  the  test  section..  - * 


3.  ,  METHOD  OF  TEST 

The  combustion  efficiency  attained  is  computed  .from  an  aerodvnamic 
measurement  of  the^exhaust  temperature,.-  The  nig  is  run  choked  at 
all  times  and  using  tire  choked  flow  parameter  the  exit  temperature 
is  accurately  establishcd-by  calculations.  Combus  tion-( th rust) 
efficiency  is  defined'  as  the  actual  temperature  rise  divided  by  the 
ideal  temperature  rise.  .  ______ . 


Tlib  temperature  is  calculated  from  the  following  relationship: 


P‘TGdA 


where: 


M  =  .Choking  flow  .parameter  '  _ 

Ap  =  Total  Pressure 
Cdr  =  Discharge  Coefficient 
A  Nozzle  Area  -  * 

Wp  =t-  Gas=fStream  Rate 

This  requires  accurate  measurement  of  gas  flow,  exit  nozzl e  total 
..pr.es sure  and-  exit  nozzle  effective  area..^ 
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•  The  gas  flow  through  the  nozzle  is  the  sum  of  the  rig:  airflow, 

the  rig;  fuel  flow  and;  the  'beaterrburner  fuel  flow..  Airflow  in  the 
"  rig  is  measured  by  a  venturi;,  fuel  -flow  measurements  are  made 
with  standard  fuel?  meters*  in  each  line. 

-#•  *-  Exit  nozzle  total' pressure  is  determined  by;  averaging  the  total 
pressure  readings  taken  with  the  exit -pressure  rake. 

Exit  nozzle  effective  area  ls  derived  Ly  calibrating  the  nozzle  _ 
at  cold  flow  conditions.:  By  choking  the  nozzle  and  measuring 
flow.,  pressure  and  •temperature,  the  nozzle  effective  area  can 
be  determined  in  a  manner  similar  to  the  calculation  of  tempera¬ 
ture.  .  '  - 

The  Mach  number  is  set  at  the  burner  inlet  and  is  held  constant  through- 
o.ut- -the  test.  This  as  accomplished  by  adjusting  the  JT-4  engine  speed 
and  the  area  of  rig  exit  nozzle.  The  nozzle  area  is  adjusted  at  each 
fuel  flow  to  give  the  same5  burner  inlet  pressure.  Since  air  flow  is 
Tield*  constant  by  running  constant  pressure  at  the  venturi  inlet,  the 
burner  Mach  number  is  also  constant. 

4.  TEST  RESULTS 

The  lest  results  of  only  the  first  and  latest  configurations  will  bo  dis¬ 
cussed  "herein.  These  results  art-  shown  on  figures  7- 1. Sand.  7-16. 
'•Figur-e  7—15  shov/s \the  improvements i  madgjo  combustion  efficiency, 
and  Figure  7-16  shows  the  improvements  made  in  pressure  loss. 
Another  improvement  is  attributed  to  a  successful  reduction  in  the 
number  of  fueL  injection  zones  from  three  to  two. 

The  results  show  that  the  ram  induction  duct  burner  is  capable  of 
achieving  outstanding  combustion  efficiency  at  both  cruise  and  maxi¬ 
mum- augmentation -fuel -air  ratios.  Modest  pressure  losses  are  en¬ 
countered  in  the  critical  cruise  region  of  operation.  Pressure  losses 
increase  for  maximiim  augmentation  operation,  apparently  due  to  re¬ 
distribution  of  the  air  flow  splits  in  the  burner  system  brought  about 
by  changing  :heat  addition  losses. 

The  latest  and  best  performing  burner,  the  model  E,  has  undergone 
some  very  limited  testing  under  the  low  temperature  and  pressure 
conditions  encountered  in  transonic  flight.  Blow-out  characteristics 
were  found  to  be  poor.  However,  the  initial  design,  the  model  A  was 
operated  to  pressures  below  3  psia  with  200aF  inlet.  It  seems  prob- 
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able  that  .good  performance  and  acceptable  blowoutlimi ts  can  be  com¬ 
bined  in  one  configuration- with  further-  development -effort.. 

A  feature  of  the  ram  induction- burner  which  is-not  apparent  from  the 
performance  curves  is  that  it  is  capable  of- very  "soft"  lights.  The 
system  has  :been  lit  with  spark  ignition  at. an  overall  fuel-air  ratio  of 
0.0008.  Such,  lean  ignition  capability  eases  the;  problem  of  coordinating 
the  engine  exhaust  nozzle  area  with  augmentation  light  off..  Eurlher ,;the 
almost  flat  combustion  efficiency  curve  results  in  a  near  straightrline 
relationship  between  fuel-air  ratio  and- augmentpr  temperature  rise 
which  -simplifies  exhaust  nozzle  control.  = 

The  configuration. appears  quite  practical  as  an  engine  component  be¬ 
cause  it  is  of  reasonable  length,  uses  a  sniall:  amount  of  metal,  requires 
only  2  stages  of  fuel- ignition  for  an  extremely  wide  operating  range,, 
and  has  exhibited  good  durability. 


5.  RECOMMENDATIONS 

In  view  of  the  feasibility  demonstrated  by  the  ram  induction  duct  burner, 
the  program  should  be  continued.  Particular  emphasis  should  be  placed' 
on  the  fol lowing  areas: 

»  Improvement  of  Altitude  Blowout  Limits  -  This  probably ;  will'  re 

quire  an  increase  in  burner  cross  section  or -length  and  the  revision 
in  number,  size  and  distribution  of  scoops.  It  may  require  a 
=_w-idcr  . test- burner  segment  to  reduce  rig  wall  quenching  effects. 

•>-  I.  D.  and. O.  D.  Wall  Cooling  Problems  -  The  tests  to  date- have  been 
made  with' Water  cooled;  combustion  chamber  walls.  By  replacing 
these  with  walls  cooled  in  the  same  manner  as  the  engine,  the 
existance  of  any  hot  streaks  or  other  problems  can  be  detected 
anchaction  can  be  taken  to  relieve  them. 

Ignition  Limits  Investigation  -  The  ignition  characteristics  at 
normal-cruise  conditions  have  been  determined,  and  are  ex¬ 
cellent.  The  low  pressure,  low  temperature  light  off  encountered 
in  high  altitude,  low  flight  Mach  number  conditions  should  be 
investigated.,  _ 
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G.  HETEROGENEOUS  BURNER  TESTS  IN 
SMALL-SCALE  DUCT  HEATER  RIG 


1.  INTRODUCTION 

As  another  alternate  to  the  jet  flamcholdcr  system  previously  described, 
tests  were  also  conducted  with  low  pressure-loss  heterogeneous  burners. 

In  het&r.Qgeneous  burner  designs,  a  hot  zone  that  replenishes  itself  is 
maintained^  by  using  part  of  the  air  stream  and  part  of  the  fuel.  The 
rest  of  the  fuel  (the  major,  part)  is  injected  through  the  hot  zone  from 
nozzles  or  other  devices  in  such  a  way  that  all  fuel  droplets  are  ignited 
as  they  cross  the  hot  zone.  Thus  each  droplet  of  fuel  is  ignit.acLand:  — 
burns  separately. 

The  ignited  droplets,’ by  virtue  of  their  ballistic  trajectories  and  their 
bnferainrnohtdn-tho  gas  flow  pattern,  enter  the  undisturbed  air  stream - 
where  they  continue  -vapor izing  and  burning  until  complete  combustion 
is  achieved  in  the  do:.vnstream  section  of  the  duct.  For  such  a  burner, 
only  few  boundaries  are  required  for  generation,  maintenance  and  dis¬ 
tribution  of  the  hot  zone,  and  only  a  small  fraction  of  the  air  stream 
and  fuel  is  utilized  for  this  purpose.  Because  the  bulk  of  the  air  stream 
remains  undisturbed,  the  pressure  loss  is  less  than  for  conventional 
burners;  also,  because  the  fuel  sprays  arc  inflamed  and  mixed  with  the 
air  stream  early  in  the  burner,  the  maximum  volume  (or  length)  re¬ 
quired  for  complete  vaporization  and  combustion  is  also  less. 

2.  DESCRIPTION 

a .  Duct  Burner  - 

Figure  7  -  IT  is  a  diagramatic  illustration  of  the  initial  heterogeneous 
burner  design  for  a  round  duct.  Model  A.  Figure  7-18  is  a  photograph 
of  the  same  burner.  ~A  photograph  of  Model  B,  the  second'beterogcneous 
burner  built,  is  shown  in  Figure  7-19. 

Part  of  the  incoming  air  stream  enters  through  a  swirler  and  holes 
into  the  primary  zone  which  is  shielded  by  the  centerbody.  Part  of  the 
fuel  is  injected  into  the  primary  zone  through  the  center  nozzle.  Upon 
ignition,  the  hot  combustion  product  gases  generated  within  the  center- 
body  are  distributed  by  the  backplate  behind  the  six  hot  zone  anchoring 
devices. 
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Secondary  fuel  is  injected  from  the  spraybars  (or  nozzles):  and  the  re¬ 
sulting  sprays  cross  the  hot. zones  where  all  droplets  are  individually 
•'inflamed.  Subsequently  the  inflamed  droplets,  by  vir.tue.-of. their 
’ballistic  trajectories  and  their  entrainment  in  the  gas  flow  pattern,  en¬ 
ter  the  remainder  of- the  air  stream  that  had  by -passed' the  centerbody 
-between  the  hot  zone  anchoring  devices.  The  droplets  continue  vapors 
izing  and  burning  in  the.air  st  ream  until -completely  .burned  in  the  down¬ 
stream  duct  section. 

b.  Rig  and  Facility 

The  tests  were  performed  in  a 'ten-inch  diameter  round-duct  rig.  Faci¬ 
lities  supply  an  airflow  of  up  to  100,  000  pounds  per  hour  at  150  “F  and 
'3fl.ps is  or  up  to  50,  000  pounds  per  hour  at_600<>F  and  30  psia;  thus,  in¬ 
let  flow  conditions  simulating  (lie  SST  range  of  interest  can  be  simu¬ 
lated  exactly  in  the  rig.  The  rig  is  air  cooled  for  the  first  four  feet  of 
length  by  use  of  a  transpiration  cooled  liner,  and  is  water  cooled  for 
the  last  foot  of  r  ,ngth.  The  length  of  the  rig  test  section  can  be  varied 
from  three  to/'.tx  feet. 


Viewing  sports  facilitate  observation  of  the  combustion  processes  along 
must  of  the  1  ength  of  the  rig.  _ _ 

r.  :M  ETHO  D  O  F  T  ES  T  • 

The  Modpl  A  heterogeneous  burner  was  tested  at  18  psia  and  500 0 F  in 
a  duct  section  that  was  five  feet  long.  Inlet  air  was  at  150°F  and  cov¬ 
ered  a- velocity  range  that  resulted  in.  Mach  numbers  front  0.  13  to  0.  15. 

PcrfOrma nee  was  measured  by  rake  traverse  with  measurements  of 
ond-pressuro  and  on  extern  perature  per  square  inch  of  total  duct  exit 
cross -sectional  area.  All  measurements  were  then  averaged  to  obtaiu 
The  mean  exit  temperature  and  pressure. 


The  .Model  B  burner  was  tested  using  a  duct  section  that  was  lltaHJe  feet 
-hong  antFa  var.i alrle  ar efi  con vei'ging-dlve r  g  i n g  nozzle.  'C  finite  d  con¬ 
ditions  were  maintained  at  the  nozzle  throat  at  all  times  that  data  were 
taken. 


Reduction  of.data  was  accomplished  by  the  techniques  outlined  in  detail 
in  the  previous  section. 
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4.  TE ST  RESULTS  .  • 

Heterogeneous  burner  test  results,  using  unchoked  data,  are  shown  in 
Figure  7-20  and  are  briefly  discussed  below.  The  heterogeneous  burner 
-Model  A  demonstrated  stable  operation  at  both  500 °F  and  150°F  inlet 
temperatures  and,  although  unchohed,  yielded  gcod  efficiencies  as  shown 
on..Figure  7-20. 

Model  B  burner  tests  were*  conducted  with  a  choked  exit  nozzle.  Tesr . 

results  are  shown  on  Figure  7-2-1.-  The  combustor  operated  over  the 
fuel-air  ratio  range  from  0.  007  to  0.  042  in  a  duct  Mach,  number  range 
of  0.  12  to- 0.-2  at  500°F  inlet  air  temperature.  Combustion  efficiencies 
/are  flat  over  a  wide  fuel -air  ratio- range. 
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DUCT  HEATER  TESTING 


1,  INTRODUCTION 

The  choice  of  a  duct  heater  system  utilizing  the  jet  flameholding,  principle 
offers  many  advantages  for  the  SS.T  mission  by  providing  the  required 
augmentation  for  both  acceleration^and’ cruise  without  excessive  weight 
or  pressure  loss  penalties. 

The  initial,  development-  of  the  various  elements  of  a  duct  heater  has 
been  conducted  on  small-scale,  two  dimensional  test  rigs.  Such  rigs 
offer  the  .most  efficient  means  of  identifying  the  variables  that  affect 
duct  heater  combustion,  and  of  defining  the  parameters  that  describe 
its  performance.  However,  at  some  point  it  is  necessary  to  apply 
the  design  parameters  derived  from  such  rigs  to  a  full-scale,  three-, 
dimensional  system  operating  at  realistic  conditions.  This  may  be 
done  on  an  actual  engine,  but  is  more  readily  clone  on  a. full -scale, 
three-dimensional  test  rig.  Test  results  from  the  r-ig  using  simu¬ 
lated  engine  hardware  will  provide  accurate  and  authoritative  perfor¬ 
mance  verification  of  the  proposed  engine  system.  The  total  test  time 
accumulated  on  the  full-scale  duct  heater  during  the  Phase  il-A  pro¬ 
gram  was  56  hour  s. 

2.  DESCRIPTION 
a.  .  Test  Rig 

The  full-scale  duct-heater  test  rig  is  designed  to  simulate  an  annular 
duct  heater  combustion  system.  It  is  typical  of  the  turbofan  super,- 
sonic  transport  power-plant  in  airflow  capacity,  size  and  geometry. 

The  overall  rig  dimensions  including  inlet  sections  are  roughly 
18  feet  in  length  and  6  feet  in  diameter.  All  ducting  upstream  of  the 
C-xit  ii.07.zle  is  air  cooled  simulating  actual  power  plant  conditions. 

The  rig  section  downstream  of  the  exit  nozzle, is  vvater  cooled.  See 
Figures  7- 22and  7- 23.  A  fixed  mount  point  is  located  at  the  upstream 
end  of  tlie  diffuser  with  struts  to  support  the  inner  body.  Tubes, 
through  which  inner  body  instrumentation  lines  can  be  led,  are  alsb 
located  in  this  region.  Inlet  temperature  and  pressure-  fakes, 

Figure  7-24,  are  located  at  the  downstream  end=  of  the  rig  diffuser. 

The  initial,  testing  has  been  performed  with  a  long  length  of  low  angle 
diffuser.  Provisions  have  been  made  for  substituting  the  offset 
diffuser  presently  incorporated*  in  the.  STF2  19  design.  The  offset, 
-diffuser  design  has  be.cn  completed. 
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Ajshortt  separate  section  downstream  of  the  diffuser  contains  the 
secondary  fuel  system  and  the  primary  jet  flameholder  system.  This; 
section. is  designed; to  permit  rapid  changing  of  these  components. 

The  ignitor  is  also  located  in  this  section.  These  are  shown  by 
Figures  7-25,  7-2b  and  7-21  .  .  *  ' 

Combustion;  occur s  in  the  annular  combustion,  chamber  which  has  a 
totaTlength  of  7-5;  inches  from  the  jet  flameh older  to-.the-exit  nozzle 
throat.  Cooling  liners  shield  both,  the  inner  and  outer  walls.  Instru¬ 
mentation-  to  measure  and  record-cooling,  air  flow  ipr.essures,  and 
structure  temperature  has  been  provided.  Both  inner  arid^outer  liners 
are  made. of  porous  material  to  provide  transpiration  cooling.  See 
F igures  7-28,  7-29  and  7-30.  The-outei"  duct  has  been  reinforced  and 
the  means-of  instrumenting  the  outer  wall  and  liner,  improved.  Figure 
7-31. 


Alternate  fixed  area  ex-t  nozzles  are  used  to  vary  test  conditions. 

The  converging  section  of  the  nozzle  is  13.  2  inches  in  length,,  and  is 
split  horizontally,  to  facilitate  nozzle  replacement.  Nozzles  for  per¬ 
formance  testing  are  water  cooled  over  this  converging  section. 

All  nozzle  convergence  occurs  on  the  outer  duct  wall  as  in  the  actual 
pow.erplant  thus  simulating  the  STF219  engine  design.  Alternate 
air.-coolad; nozzles  are  also  available  for  use  in  optimizing  the  cool¬ 
ing  air  requirements  for  actual  applications.  A  water-cooled  diverg.-r 
ing  section  extends  downstream  from  the  nozzle  throat  to  the  rear 
support  section.  Two  different  nozzle  areas  are  available  in  both. 
■water-scooled  and  air-cooled  versions  to  simulate  typical  accelera¬ 
tion  and  cruise  conditions.  Sixteen  water-cooled  exit  total  pressure 
fakes  are  installed  at  the  exit  nozzle  throat. 

"Instrumentation  provides  information  on  combustor  performance  (exit 
temperature  and  efficiency),  pressure  loss,  and  cooling. 


3.  TEST  FACILITY 

The  facility  used  in  testing -the  full-scale  ductheater  rig  is  a  stand 
in- Pratt  &  Whitney  Aircraft's  Andrew  Willgoos  Laboratory.  This: 
stand  has  the  capacity  for  high  air  flow  at  a  range  of  pressure  levels 
that  simulate  the  bulk  of  the  SST  flight  envelope.  Air  flow  rates  up 
to- approximately  600"  pounds  per  second  and  pressure  levels  up  to 
125*  HgA  are  available  in  .this  facility. 
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Mainstream  air  flow  is  controlled- by  noun  of  both  inlet  and' exit 
valving  in  conjunction  with  -regulating  the  speeds  of  the  compressors 
and  exhausters  which  supply  the  air  flow..  Air  flow  tor -this  testing 
is  measured  by  a  standard  orifice  and/or  calibrated  venturi  plate. 

'  A  separate  high  pressur  air  line  provides  .secondary  ah-  flow  to  the 
jet  •fhimeholderb  at  pressure  ratios  of  I  i  -  to  3.  0  in  quantities 
sufficient  to  simulate  all  bleed  flow  requirements.,  lhis  air  is  headed 
by  a  small  beater  burner  to  the  desired  temperature  level  simulating 
^wil-h e r  _c o nip  r-****~“ c cLy  1‘  ,‘’  "  '^  ble ell  . , 

Fuel  systems  supplying  the  duct  heater  primary,  duct  heater  second¬ 
ary  and  jet  flamchulder  air  line  heater- burner  are  utilised  during 
"Tlow 'ranges  Of  2.  000  to  67,  000  PPH,  2,  900  to  70,  0.00  PPM  and 
0  to  800  PPPfT  respectively. 

Water  is  usees  to  cool  duct  work  downstream  of  the  exit  rmizle  and 
to  cool  the  instrumentation. 

-f.  METHOD  OP  TEST 

The  purpose  of  the  test  program  i.v  to  obtain  data  un  performance 
(efficiency  and  pressure  loss),  structural  cooling  and  durability 
throughout  the  operating  range  encountered  during  SST  operation. 

The  test  procedure  consists  of  setting  the  desired  conditions,  ignit¬ 
ing  the  duct  heater  and  suiting  desired  jet  flamehoider  air  flow  and. 
fuel.  flow.  Data  are  recorded  after  a  sufficient-time  allowance  to 
permit  conditions  to  stabilize,  additional  points  are  obtained  by 
varying  the  fuel  flow  (i.'e.  ,  fuel- /air  ratio).  A  typical  run  consists  of 
6  to  8  performance  points  at  varying  fuel/air  ratios. 

The  data  taken  at  each  point  for  the  performance  and  coptine  dval  ua - “ 
Lion  are  as  follows: 


Mainstream  and  jet-  flamehoider  air  flow.  (Calculated  from 
measured  pressure,  pressure  drop,  and  temperature  across^, 
standard  orifices). 

Fuel  flows  for  heater  burner ,  jet  flamehoider  primary  and  . 
secondary  system.  (.Measured  by  turbine  metcra  with  electronic 
counters).  .  .  -  -  -  -  .  ;  ' 
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«  Exit  total  pressures  (44  m eas urcm ents  from  four  rakes  record eri 
on  standard  manometers).  ~  =-  '  - 

rnlet  total  pressures  (12  measurements  located  at  the  e;vlef.ti'>e 
diffuser  upstream  of  The  flameholder  section).,  These  mo,*w *.?/■ -- 
mentsare  used  to  calculate  pressure  loss.:  A  number  of 
pressure  measurements  in  the  combustion  cl.’ mbyr,  andi<.  r*i r 
cooling  air  passages-;  have  been  provided  so  liney  -it./ 
air  can  bo  determined,  -  1 

Duct  inlet  ('unpi-ralures  (chrumcl  -alumel  Ihermoe'  up1  •$  j.yy  - 
el-nde  the  measurement  of  jet  UranefioideF afr,  fun,  .o.f-r  and 
wall,  temperatures, ==-  -- 

6.  VEST  RESULTS 

3?hr  te^t  program  that  was  conducted  on  the  full-scale  duct  heater  test 
-■  rig  during  Phase  II- A  was-  devoted  to  low  inlet  temperature  development 
of  a  t\  pical  duct  heater.  The  configuration  included  a  fiery  cross  jet 
flameholder  configuration  through  which  a  premixed  fuel-air  mixture 
was  injected  into  the  mam  cream.  Small-scale  testing  has  indicated 
that  the  low  inlet  temperature  conditions  can  impose  a  significant  per¬ 
formance  penalty  reflected  in  decreased  efficiency..  All  data  obtained 
during  this  program  were  obtained  at  inlet  temperatures  ranging  from 
90  to  20V  F. 

The  variables  investigated  included  the  effect  of  flameholder  air  tem¬ 
perature  over  a  range  from  200  to  1.200 °F,  effect  of  pressure  ratio 
across  the  jet  flameholder  over  a  range  from  1 .  5  to  2.  5,  and  the  effect 
of  lowering  inlet  pressure  to  2.5"  HgA  from  40"  HgA.  Testing  with 
secondary  fuel  flow  in  addition  to  the  primary  jet  flameholder  system 
was  accomplished  for  the  first  time  in  the  full  scale  configuration. 
Testing  was  conducted  for  a  total  of  56,  3  3  hours  of  running  time,,  in¬ 
cluding  16.28  hours  of  combustion  time.  Tiic  following  sign? Leant  con¬ 
clusions  resulted  from  this  test  program:  ' “ 

•  Full-scale  results  agree 'quite  closely  with  small-scale  results. 
Figure  7-32  compares  combustion  efficiency  levels  of  the  full-scale 
and  small-scale  rigs  for  similar  configurations  operating  at  Vmv 
inlet  temperatures.  Figure  7-33  based  on  Phase  1  test  deLy  . 
indicates  similar  small-scale  to  lull-scale  agreement  for  higher 
(540°F)  inlet  temperature.  Measured  pressure  losses  and  f-c 
effect  of  changing  such  operating  variables  as  flameholder- ari 
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-  temperature.,,  rig _ Tifli^-fetaperaiuyjeV-f^H^^S iolSt.^fi^raar^  also 
show  agreemer  cVVlth  small-scale  ri g  .da  :thj?.sn  -arc- mer e  fully 

discussed  in  the  following  pa ra  gF^.plvs .  -TBhgyafiBeeT  -vf-Vuch  agree¬ 
ment  is  to  confirm  that:  much  nrtlre  <£ev^hpmejjt  work  pertaining 
directly  to  combustion  variaa] ,?  *  can  be  accamplislrErlon  smalls 
scale  test  rigs.  The  full-scale  rig,  then,  offers,  the  opportunity  - 
for  demonstration5  and  do  v.eloprmmt  of^amidei^^yatems,  and 
attention  to  other  problems  such.  1?  structural  durability.,,  and 
weight  reduction.  - 

•  Combustion  efffenmeies  in  the  range  it  7'5  to  80  percent  w.or.e  :  .t:; .  - 

recorded  in  full- scale  testing  as  shown  in  Figure  7-34--  ,  Sy-ste ms- 
including  separate  injection  of  fuel  and  jet  flam  eh  older  air  sert  ---- 
developed  which  have  consistently  exceeded  93  per.ceu.t  efficiency 

in  small-scale  testing.  {See  section  on  email- scale  tesLFesulls);. 
Fabrication  of  a  full-scale  desjgi-  bas’od-oh  this  work  was  completed 
late-  in  Phase  II- A;  this  hardware  *s-  fiflk-sdale 

programs.  = 

•  Pressure  losses  of  three  percent  at  a  Mdch  number  of  0.1  73  were 

measured  for  the  nonburning  system  as  shy-vets  m  Figure  7-33. 
Measured  pressure  losses  in  the  range  oi  jour  txs  five  percent  for 
a  Mach  number  range  of  0.  1  5  to  0 -20  during  combustion  were  also 
recorded.  This  represents  close  agreement Iv-nth  predicted  pressure 
Josses  based  on  small-scale  testing,  and  a  more- realistic  measure¬ 
ment  than  that  obtained  in  the  previous  p rogr.-irn, phase- ,  *  - 


•  There  is  apparently  no  effect  of  jet  flameholder  a  jr 'temper atrure 
on  performance.  Figure  7rib  compares  potior  mancc  at  120i),  -600 
arid  200 °F  flamehbldcr  air  temperature,  indicating  no  . perf or? nance 
penalty  whether  compressor  or  turbine  bleed  arid  1  ow  is  used  m  the 
jet  flameholder.  Again,  this  fully  confirms  small-scale  rig  results. 

•  Results  of  testing  at  beldw-athiosphcric  pressure  levels,  at  an  inlet 

pres  sure,  of  25"  HgA  (which  In  combination  with  the  low  inlet  tem¬ 
peratures  represents  the  most  severe  inlet. conditions  to  the  cone 
bustor)  were  inconclusive..  Efficiency  levels  10  to  15  percent  below 
comparable  points  at:highc:lr  pressure  (401’  llgAj  v.'ei  e  recorded. 
However  very  high  duct  Mach  numbers  (ranging  from  0,  2  to  0.  25) 
were  incurred  dire  to  the  use  of  the  fixed  area  exit  nozzle.  A ddi- 
tionai -testing  at  a  realistic  Mach  number  is  required  to  fully  ex¬ 
plore  these  ihfet  Cohdit'ion:?-.-_-r  Arc.-  r-  .  ..  :-  . 
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'*  Jet  flamoboidci'  pressure  ratio  apparently  has  little  ell ecton  jet 
11  am  eh  older  performance,  as  Indicated  in  Figure  7-37 

'‘  Testing  with  secondary  fuel  ilew  could  not  be  conducted  at  high 
...  tuei-Air  ratios,  Therefore,  the  data  obtained  are  of  little 
"  signiOeance  since  the  purpose  of  the  secondary  system  is  to 
achieve.,  high  fuel-air  ratios..  This  inability  to  run  at  richer  fuel- 
;  air  ratios  resulted  from  secondary  fuel  entering  the  outer  liner 
cooling  air  annulus  which  resulted  ir_  over -teroperatu ring  the  crater 
j  liner  at  moderately  high  fuel- ai r  ratios.  This  has  tentatively  been 
attributed  -either  to  recirculation  of  the  secondary  flow  or  ,to  a  leak 
.<t  the  spray  ring  feed-line.  The  testing  tha:  was  conducted  con- 
sisted  of  maintaining  a  constant  duct  fuel-air  ratio  contributed  by 
the  primary  (jot  flameholder)  system,  and  adding  secondary  fuel  in 
;  varying  amounts.  The  results  that  were  obtained  indicated  that  the 
portion  of  duct  fuei-uir  ratio  contributed  by  the  primary  system 
should  be  maintained  at  or  above  minimum  cruise  fuel-air  ratios 
of  0.01  5,  and  that  no  stability  problems  were  encountered  in  adding 
secondary  fuel -flow. 

No  significant  durability  problems  were  encountered.  In  the  pre¬ 
vious  test  phase  three  problem  area?  were  encountered,  nurm-ly 
fadlure  off  lie  outer  wall  con-.ectiw  cooling  liner,  failure  of  the 
enter  duct  particularly  around  instrumentation  bosses,  and  high 
vibration  levels.  During  Phase  IJ- A ,  a  porous  outer  cooling  liner 
was  used  which  lasted  throughout  the  test  program  without  difficulty' 
except  for  the-condilions  where  secondary  fuel  was  present  in  the 
■  cooling  air  annulus,  which  resulted  in  some  liner  distortion.  The 
outer  duct  was  replaced  by  <1  design  in  which  duct  thickness  was 
increased,  ci rc u m f < •  re n ti  a  1  reinforcing  bands  were  added,  and 
instrumentation  .bosses  were  replaced,  by  a  number  of  small,  -tapped 
fittings,  JNo  difficulties  -with  this  duct,  shown  in  Figure  7-38, 
w  ere  encountered.  Investigation  of  vibration  levels  indicated  a 
fairly  high  vibration  level  inherent  in  the  rig  whenever  air  was 
flowing,  with  no  undue  increase  during  combustion.  No  direct  com¬ 
parison  can  be  made  since  vibration  levels  were  not  investigated 
during  the  previous  phase...  ' 

*  No  additional  Jiner  cooling,  data  were  obtained.  The  porous  inner 
liner  was  lh  e  a  in  e  as  previously  used,  and  measured  temperature 
distributions.  were  similar  to  those  reported  previously.  Many  of 
ihc  thermocouples  on  the  outer  porous  liner  did  not  last  sufficiently 
long  to  provide  adequate  data  for  temperature  evaluations.  Pres- 
suremeasurcifiehts  takeninboth  inner  and  outer  cooling  air  annuli 
provided icheclcs  of  actual  versus  design  cooling  airflow;. 
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7.  RECOMMENDATIONS'  -  - 

This  rig  provides  the  essential  step  between  small-scale*  testing 
and  actual  engine  operation.  Alter  s  weening  n  large  number  of  con- 
figurations  in  tin-  .ywa  11  ~si.il**  two-dimensional  rigs  full-scale  test¬ 
ing  of  only  the  most  promising  configurations  is  necessary.  A  con¬ 
cept  where  the  jet  flameholder  u.Lr  anti  fuel  are  not  p  ire  -  mixed  has 
been  Tested  in  small  scale  and  app'-urs  to  he  attractive  from  the 
standpoint  of  simplification,  U  is  recommended  that  this  concept  be 
e\ftluatod  in  lull  scale,  Tins  will  be  don*-  in  conjunction  with  the 
oftset  diffuser  utilised  in  the  STFZlo  desi^ 
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"The  possibility  of  using  either  a  partially  or  fully  augmented  after  - 
Turning  turbojet  engine  for  the  SST  a ppl icatioir-jvai  investigated . --Due 
1 Jr  cy cle^advaiuages^and  advanc os  ih  cooling  techniques  the  after¬ 
burner  inlet  Temperature  would  go  up  to  1800  ^FT  At  these  high'--  ” 
temperatures  it  would  not  be  necessary  to  stabilize  flame -in  Lhe 
a'kmburnersusing -sonventional-  vec-rgutter  systems.  Flame  can  be 
stabilized  with  properly  designed  spraybars  if  the  temperature  is 
high  enough.  The  purpose  of  this  investigation  was  to  determine  the 
performance  and  stability-characteristics  of  these  low  blockage 
af-g  mentation  systems.  Part  of  the  study  cons1  s fed  of  reviewing  past 
experience  with  high  temperature  afterburners  and  Che  remainder 
consisted  of  testing  new  configurations  at  various  conditions. 

Work  was  stopped  after  completion  of  30  percent  of  the  planned  testing. 
This  was  done  because  the  duct  burning  turbofan  engine  was  determined 
to  &e 'the  most  promising  cycle  from  the  point  of  view  of  both  Pratt  & 
Whitney  Aircraft  and  the  major  airframe  manufacturers.  A  total  of 
25,hours  of  test  time  was  accumulated  on  the  small-scale  afterburner. 

2 .  d ESC R IPTION 

The  afterburner  is  an  augmentation  device  which  takes  advantage  of 
the  fact  that  only  approximately  30  percent  of  the  air  passing  through 
a  turbojet  engine  is  consumed  b.v  gas  generator  combustion.  The  re¬ 
maining  70  percent  is  capable,  of  supporting  combustion  if  more  fuel 
is  added..  An  afterburner  consists  of  fuel  injection  and  flame  stabiliz¬ 
ing  devices  located  at  the  exit  of  the  basic,  lurbojet-and  a-  lengthened 
tailpipe. in  which' the  additional  combustion  may  take  place.  A  photo 
of  typical  shielded  spray-bar  used  in  the  tests  is  shown  in  Figure  7-39, 

The  tests  were  performed  in  a  12"  x  IV  afterburner  segment  rig  at 
-the  experimental,  test  airport  Laboratory.  The  rig  consisted  of  a 
series  of  removable  and  interchangeable  water  cooled  sections  which 
made  it  possible  to  perform  tests  at  various  combustion  chamber 
lengths..  Tt  was  necessary  to  water  cool  the  entire  rig  dm*  to  the  high 
temperatures  involved. 

Two  pressure  rakes  were  located  in  the  rig.  One  was  situated  in  front 
of  the  exit  nozzle  and  the  other  was  located  immediately  preceeding 
the  flameholder  section.  There  was  also  a  thermocouple  rake  com¬ 
bined  with  -the  inlet  pressure  rake.  ; 
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Exhausters  located-downstream  of  thi  rig  provided  the  airflow  making 
.  it  necessary  to  perform  all  the  tests  at  pressures  less  than  one  at¬ 
mosphere.'  The  airflow  rates  and  pressure  levels  were  regulated  by 
the  use  of  valves,  one  upstream  and  one  downstream  of  the  rig.  A 
sketch  of  the  rig  is  shown,  in  Figure  7--4Q. 

The  inlet  air  Was  heated  through  the  use  of  a  heater-burner  and  a  heat 
exchanger.  Using  this  system  temperatures  from  ambient  up  to  2000°F 
could  he  provided.  Oxygen  addition  equipment  was  also  used  to  restor  e 
the  heated  air  to  the  proper  oxygen  concentration- or-  to  any  desired  ^ 
amount  of  vitiation. 


pr att  ^  wuijiirr>iacRArr 


3.  METHOD  OF  TEST 


.  The  combustion  efficiency  attained  is  computed  from  an  aerodynamic 
measurement  of  the  exhaust  temperature.  The  fig  is  run  choked  at 
all  times  and  using  the  choked  flow  parameter  the  exit  temperature 
can  be  calculated.  'Combustion  efficiency  is  then  defined  as  Che- 
actual  temperature  rise  divided  by  the  ideal  temperate  *e  rise. 


. ----- -jyy|,a;aiiiT:n  is  calculated  from  'the  following  r  clat-ronship:- 

v  2 

T  -  Pt  C<1A  \ 

-  .  ■  \  w«  ‘  / 

where  M  is  the  choking  flow  parameter. 

. j  =  Total  Pressure 

Ccl  -  Coefficient  of  Discharge 
Wg  =  Gas  FLow  Rate 
A  =  Nozzle  Area 

This  requires  accurate  measurement  of  gas  flow,  exit  nozzle  total 
pressure  and  exit  nozzle;  effective  area. 

•  The  gas  flow  through  the  nozzle  is  the  sum  of  the  rig  airflow , 
the  rig  fuel  flow  and  the  heater -burner  fuel  How.  Airflow  in 
the  rig  was  measured  by  a  venturi.  Fuel  flow  measurements 
were  made  with  standard  fuel  meters  in  each  line. 

•  Exit  nozzle  total  oressurc  was  deter  mined  by  averaging  the  total 
pressure  readings  taken  with  the  exit  pressure  rake. 
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•  Exit  nozzle  effective  area  is  derived  by  calibrating  the  noV  zle 
at  cold  flow  conditions.  By  choking  the  nozzle  and  .measuring 
flow,  pressure  and  temperature,  dhe  nozzle  effective  areal  can 
be  determined  in  a  manner  similar' to  the  calculation  of  Tempera¬ 
ture.  -  --  '  p. 

£ 

All  performance  tests  were  made  at  a  rig  inlet  pressure  of  20  jrt.  tig. 
and  at  inlet  temperatures  from  IdOO  to  1900°F.  The  degree  ol= 
vitiation  in  the  inlet  air  was  varied  from  ramjet  conditions  to  15  -- 

percent' of  that  found  in  a  turbojet.  Afterburner  inlet  mach  numbers 
ranged'- from  0.  2  to  0.  35,  All  tests  were  performed  using  a  fixpd 

exit  nozzle.  '  ‘‘ 

-  -  '  '  t  * 

•1.  DISCUSSION  OF  RESULTS  '  '  .  : 


The; tests,  indicate  that  up  to,  1800°  F  it  is  necessary  to  utilize  y  ic  - 
gutters  in  order  to  stabilize  flame.  At  or  above  this  temperature  the 
flame  will  hold  on  spraybars  alone.  It  was  determined  hov/evl r  that 
at  temperatures  above  approximately  1 2 01  ° F  it  is  necessary  to.  use 
shielded  spraybars  as  there  is  a  tendency  for  the  fuel  to  vaporf’bck. 
The.  exact  point  at  which  vapor  loek^ /ill  wxur  is  not  known  as  is 
a  function  of  the  type  of  fuel  being  used,  the  fuel  flow  and  the  flf-ght 
-conditions.  _  :  '  :  ;  - 

.  •  .  _  ------  l  . 

-  ..  -  c  - 

At  temperatures  above  1700 °F the  rig  lit  very  easily  and  smoothly 
without  the  use  of  a  torch.  There  was  no  lean  blowout  at  these1, 
conditions  as  even  infinitesimal  fuel  flows  lit  and  burned  efficiently. 
All  of  the  efficiency  curves  obtained  had  the  same-characterist?V 
shape  reaching  very  high  efficiencies  at  very  lean  fuel-air  ratp,  •. 


A=  curve  showing  the  effect  of  the  degree  of  inlet  air  vitiation  .is  Ure- 
fsenteld  in  Figure  7-4T.  Combusti  on  efficiencies  are  plotted  vs. I  after— - 
'  burner  fueL-air  ratios  for  four  different  simulated  engine- fuel-air 
ratios-  These  different  engine  fuel -air  ratios  were  obtained  by; 
varying  the  fuel  flow  to  the  rig  heater  biirner.  The  inlet  tcmpei  lure 
was  maintained  at  T900FF  by  using  a  heat  exchanger  in-conjum £i«  v  - 
with  ihe  heater  burner.  The  cuives  indicate  that  there  is  a  penalty 
of  from  10  to  15  efficiency  points  in  increasing  the  amount  of  vii  ation 
from  0%  to  50%  of  that  found  in  the  exhaust  of  a  turbojet.  At  the  4 
points  taken  for  rich  fuel -air  ratio  each  curve  appears  as  a  dist  net 
line.  However,  at-the  lean  points  the  scatter  of  the  data  seems  to  c  .as k 
any  distinct  line.  -  -  =  -  . 
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A  limited  amount"  of  testing  was  performed  using  different  sized  fuel 
sources.  Figure  7-42  shows  the  results  of  testing -two  configurations 
which  were' identical  in  every  respect  except  for  the  size  of  the  fuel 
bri ficus.  These  curves  indicate  that  much  higher  efficiencies  are 
possible  using  the  larger  0.  030"  diameter  holes.  More  testing  is 
necessary  to  determine  what  hole  size  and  What  number  of  holes  is 
the  optimum  but  there  are  definite  indications  that  hole  size  has  an 
important  effect  on  the  performance  of  a  spi*c“l>ar  system. 

A  group  of  tests  w  ere  performed  using  different  numbers  and  sizes  of 
conventional  vee-gutters  at  1700 ® F  inlet.  The.  results  of  these  tests 
are  shown  in  Figures  7-43  and  7-44.  The  two  curves  show  the  effect 
of  changing  the  blockage  in  an  afterburner  system  by  two  different 
means.  The  first  curve  shows  that  if  the*  blockage  In  this  parti  ulaf 
.system  is  halved  by,  reducing  the  size  of  the  flameholders  by  half 
the*,  average  decrease  in  efficiency  is  15  percent.  The  second  curve 
shows  that  if  the  blockage  is  halved  by  reducing  the  number  of  ftame-- 
liolders  by  half. the  decrease  in  efficiency  is  20  percent.  One  ran 
conclude  from  these  results  that, from  an  efficiency  point  of  yie\y  a 
large  number  of  small  flameholders  is  more  desirable  than  a  Biijgli 
number  o Liar go  flameholders  having  an  equal  total  blockage.  This  . 
conclusion- is  in  agreement  with  past  experience  wtth-aft'^rfcp^rang 
;  engines..  *  - 


A  limited  amount  of  work  was  done  on  d''tert3iinijtgTt^;eTf^.t7£if-g5njeje- — 
burner  inlet  air  temperature  on  combustion  afTiciWtcy;/1  : 

termined  that  raising  the  inlet  temperature 

had  a  negligible  effect  on  performance.  Additional  work  will  . 

be  done  to  deterriune  the  influence  of IrmvperaBjr-*-  avei 

Figure  7-  45  shows  the  rr-sults  of  thfs  test.  --  _ -A  - 

Minimum  pressure  blowout  data. was  gathered  £ol"^7yAra-Fdi  The  con¬ 
figurations  tested.  In  Figure  7-  1  6'thfe  blw.-odt loop  is ' shown  for 
2-5/8  inch  spraybars  at  ! 9U0 °F.  Under  these  conditions  -Ibis  system 
is  very  stable  being  capable  of  operation  down  to  at  least  6  in.  Hg 
over  a  wide  range  of  fuel-air  ratios. 

While  the  high  efficiencies  required  h^ve  not  been  demonstrated  over  = 
the  entire  fuel -air  range  there  are  indications  that  the  goal  of  95 
percent  efficiency  at  cruise  and  93  percent  efficiency  during  accelera¬ 
tion  ran  be  attained.  The  experience  gained  indicates  that  through  a 
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more  intensive  testing  program  the  high  performance  required  can 
be  had  using  extremely  low  pressure  loss  devices  in  short  combustion 
chamber  lengths  at  high  mach  numbers.  Above  auto-ignition  tempera ■» 
lure  the  major  obstacle  to  high  performance  does  not  seem  to  be.cot.n- 
bustioir  but  rather  incomplete  mixing.  Also  durability  problems  may 
be  encountered  as  all  parts  of  the  system,  need  to  be  cooled. 

Since  the  spraybars  perform  very  well  at  lean  fuel-air  ratios  they 
are  well  suited  for  use  in  a  panic Uy  augmented  turbojet,  that  is, 
one  in  which  relatively  small  amounts  of  fuel  are  injected  directly 
into  a  slightly  lengthened  tailpipe  of  a  turbojet. 

colJcLuded  from  the  testing  done  that  spraybars  alone  are 
a  ve r y  prifclTca l'Tii cans  of  s tab il i zing-  fia m e.  m  the  afterburner  of  a 
SST  turbojet.  At  .the  high  temperatures  involved  there  is  no  need 
for  any  conventional  vee -gutter  system  as  found  in  all  afterburners 
being  presently  produced.  A  flameholding  system  consisting  only 

of  spraybars  also  offers  the  advantage  of  having  a  low  cold  pressure 
loss . 


PAGENO.  7-27 


CONFIDENTIAL 


nFRSTjS^nWtl  l  T  d  K T>  A I H  C  H  Ar  T 


pm 


II 

Z  t'i? 

h*  ffi;  .-uj 

.g  Sg  r1' 

3;o^£. 
-O  x  >  ca-— 
n  uj:?;S  oi 
5;  2  <  <  co 
?  <iS5X-tO 
O  r —  o  „ 
u  oc  - -o 
v  .«*>  0.  2  Z 

h-  ,  Q  < 

.  ?"^i§-S£ 

— *  n.o:-2 10 
tfl  Ul;CD  _ 
OHJ'Z 
K'X-OJ 
o  ui  o  a: 


,55  £j. 

.CL  ~  - 

.  ®  '  3C  ^ 

•-'TO 
-:K>;  -ii  ^ 

-  e.  3:  . 
^OQ 
5  UJ.rJ 

12  «:&. 

•■«'  :a?:o  - 

a-uj:;o: 

Of- 

-i\j iii.g&i 
r-  a.  O  uj.  : 

2,  x  u  : 
.  -  ei„. 
»— 

O/  -<X'  n- 

:Or  ^  ~  : 

i  Q  !li:--''  - 


0.  ^  AON3.i3l^3  ;NOtiSnaW.OO 

.*  -’  i 
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DUCT  MACH  NUMBER 


COLD  FLOW  LOSSES  OF  DUCT  BEATER  SYSTEM  UTILIZED  iff 
FLIGHT  PERFORMANCE  TESTS 
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IGNITION  CHARACTERISTICS  OF  THE  CROSS  JET  FLAMEHOLDFR 
WITH  EXTERNAL  PRIMARY  FUEL 
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TEST  CONDITIONS 
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20  JOULE  SPARK  IGNITOR, 
CHOKED  EXIT  NOZZLE  SIMULATED 
SEA  LEVEL  TAKEOFF  CONDITIONS 
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TIME  — 


TEST  CONDITIONS 

STF2I9  ACCELERATION  SIMULATION 
.DUCT  MACH  NO.  =  0.148 
DUCT  INLET  TEMPERATURE  =  266°F 
DUCT  INLET  PRESSURE  =  24"HgA 
FLAMEHOLER  AIR  TEMPERATURE  =665°F 
FLAMEHOLDER  8LEEC  FLOW  =  2. 1  % 
IGNITION  FUEL  AIR  RATIO  ?  .0030 
PRESSURE  PULSE  =4.7% 


A  TYPICAL  HIGH  SPEED  TRANSDUCER  TRACE  OF  THE  IGNITION 
PRESSURE  PULSE  OF  THE  DUCT  HEATER 


Figure  7- II 
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MINIMUM  PRESSURE  BLOWOUT  OF  TYPICAL  JET  FLAMEHOLDER 


Figure  7-12 
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'INITIAL  DUCT  BURNER  DESIGN,  MODEL 

Figure  7-13 

CONFIDENTIAL 


It  If  W>|»  '<’•«« 


t 


.  :  ,  '  _ CONFIDENTIAL  _ -  .  _ 

MA^.-ft  WHITNEY  AIRCRAFT:  PWA  -  2397 


_  .  -  l'Bh442$2 

LATEST  DUCT  BURNER  DESIGN,  MODEL  E 
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TEST  RESULTS  FROM  MODEL  A  HETEROGENEOUS  BURNER 
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PER  CENT  COMBUSTION  EFFICIENCY 


INLET  TEMPERATURE2 150 °F 
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COMPARISON  OF  FULL-SCALE  AND  SMALL-SCALE  DUCT  ] 
TEST  RESULTS  AT  LOW  TEMPERATURE 


Figure  ”-32 
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COMPARISON  OF  FULL-SCALE  AND  SMALL-SCALE  DUCT  HEATER 
TEST  RESULTS  AT  HIGH  TEMPERATURE 
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12"  X  16"  AFTERBURNER  SEGMENT  RIG 


Figure  7—  '10 
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AFTERBURNER  INLET  PRESSURE  =  20  IN.  Hg 
COMBUSTION  CHAMBER  LENGTH  =  37.5  IN; 
AFTERBURNER  INLET  TEMPERATURE  =  1800  F 
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—  7.8%  BLOCKAGE  “ 

-O-5-0;030  IN.  DIA'  ORIFICE  PER  BAR 
□  5-0.022  IN  DiA'  ORIFICE’  PER  BAR-  _  _ 


0:0 !:  0.02  0.03  0.04  "  0.05  0.06 

AFTERBURNER  FUEL-AIR  RATIO 


0.07 


EFFEGT  OF  ORIFICE  SIZE 


Figure  7-42 
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FLAMEHOLDER  BLOCKAGE  ~  PER  CENT 


PLACEHOLDER  BLOCKAGE 


AFTERBURNER  INLET  TOTAL  PRESSURE  ~PT  >N.,Hg  ABS 
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COMBUSTION  CHAMBER-LENGTH  —37.5  IN.  4 

.  AFTERBURNER  INLET  TEMPERATURE  -190,0  ®F  t 

2  SHIELDED  SPRAYBAR  FLAMEHOLDER  5-0.030  IN.  . . 

•OIA  ORIFICES  PER  BAR  77%  BLOCKAGE 

M AC H .NUMBER  -  0.-2 4  -  0:32 
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0.02  0.03  0;04  0.05 

TOTAL  FUEL-AIR  RATIO -P/A 


0.06 


0.0 
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f  igure  7-46 

CONFIDENTIAL 


r  »t»< 


